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LEGAL NOTICE

This report was prepared as an account of Government sponsored
work. Neither the United States, nor the Commission, nor any person
acting on behalf of the Commission:

A. Makes any warranty or representation, expressed or implied,
with respect to the accuracy, completeness, or usefulness of the in-
formation contained in this report, or that the use of any information,
apparatus, method, or process disclosed in this report may not in-
fringe privately owned rights; or

B. Assumes any liabilities with respect to the use of, or for damages
resulting from the use of any information, apparatus, method, or proc-
ess disclosed in this report.

As used in the above, ''person acting on behalf of the Commission"
includes any employee or contractor of the Commission, or employee
of such contractor, to the extent that such employee or contractor of the
Commission, or employee of such contractor prepares, disseminates,
or provides access to, any information pursuant to his employment or
contract with the Commission, or his employment with such contractor.
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FOREWORD

The United States Atomic Energy Commission awarded the Martin
Company Contract AT (29-2)-2050 for a six-month study, effective
May 2, 1966, to develop and evaluate a feasible concept(s) for a 250-
watt(e) radlolsotoplc thermoelectric generator providing controlled
intact “Treentry of the fuel from earth orbit. A concept(s) for handling
and fueling the RTG at a Titan III launch site was also to be developed
and evaluated. Based upon the selected system concept, a develop-
ment program plan was to be prepared, including estimated costs, for
the design, development, flight test and delivery of operationally flight
qualified hardware systems.

The flight and ground systems have been integrated by Martin into
a single system concept designated CRONUS, an abbreviation for Con-
trolled Reentry Crbiting NUclear System. Major CRONUS systems in-
clude the 250-walt(e) generator/reentry body (RTG/RB), the controlled
intact reentry (CIR), and required ground support (AGE) systems which
include fuel loading (GHE).

The following is a complete list of the documents prepared and sub-
mitted in accordance with Contract AT (29-2)-2050,

Volume I--Summary
Volume II--Technical
~-  Volume II--Appendices
Volume III--Development Program Plan
Volume IV--Specifications and Data Management
Volume V--Budgetary Estimate

Volume VI--Quality Assurance Plan
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APPENDIX A

BARE HEAT SOURCE TEMPERATURE CALCULATION

An analysis was performed to predict average heat source surface
temperature in air with natural convection and radiation, This condi-
tion will approximate that existent on the launch pad prior to fueling
but after removal of the heat source from the shipping cask,

Also, this heat source surface temperature can be used later as an
initial condition for predicting transient generator behavior on the pad
following insertion of the heat source into the RTG,

The heat source average surface temperature with natural convec-
tion and radiation is described by the following equation:

a = oeA (T* - 6%+ n A (T -0)
h, = S—%g-k—f (Gr Pr)fl./‘l
where

q = beginning-of-life fuel inventory = 23, 500 Btu/hr

o) = Stefan-Boltzmann constant

A = lateral area of heat source = 6,15 ft2

8 = ambient temperature = 100° F

T = average surface temperature of heat source

hC = natural convection heat transfer ccz)efficient
(laminar flow in this case) (Btu/ft”-hr-°F)

kf = a'ir thermal conductivity at film temperature
(i.e., average between T and 6) (Btu/ft-hr-°F)

€ = heat source emissivity = a variable

Gr = Grashof number

Pr = Prandtl number

L. = fuel capsule height = 1,05 feet
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The solution, obtained by the Newton-Raphson technique,is presented
in Fig, A-1 as a function of emissivity,

A heat source emissivity of 0, 80 is expected, From Fig, A-1, for
combined radiation and natural convection, the resultant average steady-
state temperature in air will be approximately 775° F,
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APPENDIX B
STEADY STATE FUEL CAPSULE TEMPERATURE

For steady state conditions, capsule temperature can be computed
by a hand calculation at both beginning and end of life, At end of life,
capsule temperature was computed for normal operation only, At be-
ginning of life, capsule temperatures were computed for both normal
operation and open circuit conditions.

A, CASE I: BEGINNING OF LIFE--NORMAL OPERATION

At the beginning of life, the hot junction temperature is 1590°F (Chap-
ter 1II). Since the A T through the hot shoe will be 50°F, the maximum
hot shoe temperature will be 1640°F. The resultant capsule surface
temperature due to radiative heat transfer is given by:

1/4
S S ) /
BoL \F12 G A€, 4
T = + T
cap 0A1 shoe
where
dppop, = beginning-of-life fuel inventory = 21, 850 Btu/hr
F12 = view factor from capsule to shoe =1
Py = capsule reflectivity = 0, 2
Py = shoe reflectivity = 0,2
61 = capsule emissivity = 0, 8
< = shoe emissivity = 0, 8
A1 = heat source lateral area = 6,15 f’c2
A2 = hot shoe area = 7,0 ft2
o) = Stefan-Boltzmann constant
TShoe = shoe temperature = 1640° F = 2100° R

TMND-29 50~
: : 5 - L L -

*
e we ¢ o ees o

Y
Ly
XYY YY
.
XYY
»
saesee
sesee
seenes



The result is

T
ca

b = 2180° R = 1720° F.

This capsule temperature applies to the surface exposed to the hot

shoes

With the present heat source configuration, a temperature gradient
exists circumferentially around the capsule wall to the hot spot at the
midline on the back wall, This AT can be approximated by a hand cal-
culation for Phase 0, In Phase I, recourse should be taken to the digital
computer for this thermal analysis,

The following assumptions are made for the hand calculation:

(1)

(2)

The front surface of the capsule as ''seen' by the hot shoes
is isothermal,

All the heat is transferred uniformly from the fuel into the
capsule wall, The heat on the back surface of the capsule

is then conducted to the front surface, This assumption
effectively allows no contribution from heat flow through

the fuel, This model is somewhat conservative as the con-
ductance of the capsule is about an order of magnitude higher
than the conductance of the fuel,

With these assumptions

where

AT

S

AT

L

K

delta temperature between isothermal front surface of
capsule and back midline

= beginning-of-life fuel inventory per capsule = 178 watts

= fuel capsule side wall volume = 6 in, 3 (corresponds to a
wall thickness of ~90 mils on a 1, 75-inch OD; capsule
length is 12, 5 inches)

= path length for heat flow (quarter arc of capsule inches =
1, 3 inches)

= Haynes-25 conductivity at 1700° F = 15,9 Btu/ft-hr-°F

Thus, the maximum back wall temperature is 1787° F,



B. CASE II: BEGINNING OF LIFE--OPEN CIRCUIT

In the event of an open circuit in the RTG electrical circuit (such as
could occur when the reentry vehicle is separated from the spacecraft
prior to reentry), higher hot junction and capsule temperatures occur
because of the loss of Peltier cooling (a current dependent effect) in
the thermoelements, On open circuit, the resultant steady-state hot
junction temperature can be determined from the following heat balance
on the thermoelements:

-THY+ N

K A K A
Kpar (TH C

NN PP

9B0L ] q

N P

where

q
} . _ _par _ 610 watts -
K parasitic conductance = AT 1450-550° F

par
2.3 Btu/hr. -°F

NAN _ humber of couples x N-element area _ 4 00 feet
EN N-element length : ee
NA
P . number of couples x P-element area _ 9 45 feet
ﬂp P -element length : ce
q = beginning-of-life fuel inventory of 6420 watts = 21, 850
BOL
Btu/hr
TC = open circuit cold junction temperature at beginning of
life = 590° F
KP’ KN = integrated average thermal conductivity on the P and
N thermoelements = 2, 68 Btu/ft-hr-°F, 2,26 Btu/ft-
hr-°F, respectively
TH = hot junction open circuit temperature at beginning of

life
The steady-state solution is TH = 1795° F.

As in the previous case, the AT through the hot shoe is 50° F so
that T o = 1845° F = 2305° R.
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The resultant capsule temperature is given by

1/4
<1 P, M pz)
€
dBoL \F12 4 42 % w | = 2370°R = 1910°F
T = + T "
cap A shoe

1

Since the circumferential AT from the front wall to the back wall
on the capsule is 67° F, the maximum back wall capsule temperature
under open circuit conditions is 1977° F,

C. CASE III: END OF LIFE--NORMAL OPERATION

At end of life (design point), capsule temperature is given by

1/4
<_1_ L, A p2) /
q F € A, €
. BOL \"12 1 2 2/ L. 4 = 2040°R = 1580°F
cap (IA1 shoe 4
where
dpop, = end-of-life fuel inventory = 5660 watts = 19, 300 Btu/hr

shoe 1495° F

At the end of life, the circumferential AT to the back wall is ~60° F
so that the maximum back wall temperature is 1640° F,
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APPENDIX C

RTG/RB THERMAL ANALYSIS
A, INTRODUCTION AND SUMMARY
Transient and steady-state thermal analyses were performed on
the generator system with an IBM 1130 digital computer, In particular,
the following conditions were examined to establish feasibility and/or
aid in the radiator design:

Investigation Purpose

Steady state in orbit; end of To establish radiator charac-
life; normal operation of the teristics
thermoelectric module

Steady state in orbit; be- Resultant temperature pro-
ginning of life; open circuit file serves as worst case
operation of the thermo- initial conditions for the
electric module reentry

Reentry (descent) using Feasibility (of particular
flight path angles of -8, concern are the maximum
-0.1 and -2 degrees temperatures that result
coupled with separate heat- on the radiator and the fuel
ing rates on the forward, capsule)

middle and aft sectors of
the radiator

Fireball (entire generator Examine capsule integrity
system and individual fuel
capsule)

These studies are presented in the following., The conclusions of
these numerical analyses are:

(1) The reference generator system will survive the intense
reentry heating even when the descent is initiated from the
worst case initial condition in orbit--that of an open-circuited



%

generator at beginning of life, For the selected system,

the most severe flight path angle was the -0,1 degree, In
this particular case, the hot spot on the capsule (i,e., the
back wall) reached a maximum of 2050° F at time of impact,
2100 seconds, while the extremities of the conical shell
radiator (beryllium) reached a maximum of 1424° F at 1700
seconds,

As a general conclusion, capsule temperature rose 12°, 30°
and 70° F for flight path angles of -8, -2 and -0,1 degrees,
respectively. )

(2) Both an entire generator system and an individual fuel cap-
sule will survive the expected 16-second Titan fireball.

B. THERMAL MODEL

All transient and steady-state thermal analyses on the generator
system were performed with the IBM 1130 digital computer using the
sampled perturbation theory (Appendix M), Figure C-1 is a schematic
of the 15-node thermal model used in these studies, Also shown in
the figure are the dimensions finally selected for the system,

Node 1 in the figure is the ablator section of the spacecraft, Nodes 2,
3, 4, 5and 6 are those which comprise the radiator section of the sys-
tem with Node 4 as the center section of the radiator and attached di-
rectly to the thermoelectric elements in the system. Nodes 2, 3, 5 and
6 are considered as truncated conical shells of equal length. Node 4 is
in conductive contact with Node 13 (thermoelectric elements), Node 11
(insulation between the hot shoes and radiator) and Nodes 3 and 5,

The forward section of the model (cross hatched area in Fig, C-1)is
insulated sufficiently that heat transfer between the ablator (Node 1) and
other nodes in the generator system is negligible,

Internal radiative interchange is provided in the aft section from
Nodes 5 and 6 to Nodes 7 and 14 as well as between Nodes 7 and 14,

The isotope is represented by Node 8 which is conductively coupled
with the capsule, Node 9, The hot shoes are represented by Node 10
which is coupled to the capsule by radiative heat transfer only. Nodes 9
and 10 are approximated by concentric cylinders, each radiating with an
emissivity of 0,8, Although the hot shoe node is taken as one node,
there are many hot shoes in the system that are lumped into this single
node, This approach does not affect the thermal balance to an appre-
ciable extent as long as the true area of all hot shoes is encompassed in



1 Ablator
2,3,4,5,6 Radiator
7 Aft cap
8 Fuel

9 Capsule

Fig. C-1. Thermal Model Under Consideration
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this lumped node system, Nodes 12 and 13 are the thermoelectric
elements within the system and are conductively attached to the hot
shoes (Node 10) on one end and the radiator (Node 4) on the other end
and surrounded by insulation (Node 11), Once again, Nodes 12 and 13
are a lumped representation of all the thermoelectric elements within
the system, Two nodes were used to allow for property variations
through the elements, Node 14 is the heat source insulation, Node 15
is the environment node whether it is in space or the atmosphere,

Table C-1 shows the thermal properties associated with the nodes
for both beginning- and end-of-life conditions. Note that the thermal
conductivity on the radiator nodes varies according to the approximate
steady-state temperatures found for the respective node when in orbit
conditions, The thermal conductivity of Node 7 (the back section of the
generator) was minimized in order that heat transport by conduction
between Nodes 7 and 6 would be small and that the main mode of heat
transfer would be by radiation, All exterior nodes in the system were
assumed to have an emissivity of 0. 85 by virtue of a coating,

C. BEGINNING-OF-LIFE

The beginning-of-life steady-state condition under open circuit is
of importance in that it is used as the worst case initial condition for
the transient reentry heating of the system.

This steady-state orbit condition was investigated on the 1130 IBM
computer with the generator system thermal model. For this analysis
solar, solar reflected and terrestrial heat inputs were not considered
since it is a reasonable first approximation to neglect them due to the
high temperature operation of a SiGe system (provided a low optical-
wavelength coating is used on the beryllium radiator).

The beginning-of-life temperature profile serves as the initial tem-~
perature condition for the descent. In addition, it was conservatively
assumed that at the time of separation, the nature of the separation was
such that an open circuit¥* was produced on the module. (If it had been
necessary, a shorting plug could have been introduced into the genera-

tor design so that, with a certain reliability, open circuit would not be
possible.)

*By definition, an open circuit involves zero current and, therefore,
zero Peltier cooling, The net result is that hot junction and capsule
temperatures are 200° F higher than with a module under normal load,
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TABLE C-1

‘ Properties of Nodes

Thermal Internal
Conductivity Heat
Node (Btu/hr/ft-°F) (Btu/hr)
1 0.1728 0.
2 85.0 0.
3 82,0 0.
4 75.0 0.
5 82.0 0.
6 85.0 0.
7 0, 0001 0.
8 1.0 skl
9 15,0 0.
10 15,4 0.
11 0.0125 0.
12 oo 0.
13 i 0.
14 0,015 0.
15 mT -

*See Fig, C-5 for various tapers

P
KR

Sk

For EOL Node 12 = 3,39; Node 13
For BOL. Node 12 = 2, 50; Node 13
For EOL Q = 19, 300 Btu/hr
For BOL Q = 21,850 Btu/hr

Specific
Heat

(Btu/1b-°R)

0.40
0.68
0.68
0.68
0.68
0.68
0.68
0.17
0.10
0.18
0.26
0.15
0.15
0.26

Emissivity

0.85
0.85
0.85
0.85
0.85
0.85
0.85
0.85
0, 80
0.80
0.85
0.85
0.85
0.85
1. 00




DERER] - y N
. X1 . e%e © & s .0 LIS . eor o
. . 03 . 3

Figures C-2, C-3 and C-4 show the results of the steady-state
beginning-of-life conditions as a function of the tapers considered,
Figure C-2 graphs Nodes 2, 3, 5 and 6 on the radiator, showing a gen-
eral decrease in the temperatures of Nodes 3 and 5 as the taper dimin-
ishes, whereas Nodes 2 and 6 show a rise as the taper diminishes,
Figure C-3 is a graph of Node 4 as a function of temperature, showing
a decreasing temperature as taper diminishes, The least affected
nodes, 8 and 9 (fuel and capsule) are shown in Fig, C- 4 and show, as
expected, a slight drop in temperature as the taper diminishes,

In tabular form, the results for the entire 15-node problem are pre-
sented in Table C-2,

Again, it is noted that there is only one design set of temperatures,
and the differences that are apparent in Figs, C-2, C- 3 and C-4 re-
sult from the different tapers studied, Thus, all temperatures in
Figs., C-2, C-3 and C- 4 are nominal and should definitely be adjusted
to a common base (the design point). The effect on capsule temperature
(Fig. C-4) and on the results obtained later in the descent study is not
important, however, and therefore this adjustment was not made, For
accurate capsule temperature at beginning of life (and for other conditions)
reference is made to Appendix B, The results do agree favorably,

D, FIREBALL

In a launch pad accident fireball environment, the fuel containment
structure must survive the accident criteria established in Appendix Z,
In the 1130 digital computer analyses that follow, a conservative heat

flux of 86 Btu/ftz—sec was assumed to impinge on all external nodes of
the system,

Two conditions were examined for fireball exposure, In the first
case the entire generator assembly was subjected to the fireball, In
the second analysis, an individual capsule was immersed in the fireball,

For both conditions, the duration of the fireball was taken as 16

seconds following the empirical expression presented in Appendix Z,
viz:

T =10,23 Wll3 = 16 seconds
where
T = time (sec)
W = propellant mass = 350, 000 pounds.
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TABLE C-2

Steady-State Temperatures for Various Radiator Tapers
at Beginning of Life with an Open Circuit

No Taper Taper Taper Taper
Node 0.5t0 0,5 in, 0.5to 0,25 in, 0.5t0 0,125 in, 0,5to 0,0625 in,
1 706° R 706° R 706° R 706° R
Ablator 246° F 246° F 246° F 246° F
2 797° R 776° R 743° R 696° R
Radiator 337° F 316° F 283° F 236° F
3 835° R 844° R 857° R 872° R
Radiator 375° 384° 397° F 412° F
4 972° R 978° R 986° R 995° R
Radiator 512° F 518° F 526° F 535° F
5 834° R 843° R 855° R 867° R
Radiator 374° F 383° F 395° F 407° F
6 792° R 772° R 743° R 709° R
Radiator 332° F 312° F 283° F 249° F
17 673° R 667° R 659" R 652° R
Back section 213° F 207° B 199° F 192° F
8 2553° R 2558° R 2566° R 2573° R
Fuel 2093° F 2098° F 2106° F 2113° F
9 2357° R 2363° R 2370° R 2378° R
Capsule 1897° F 1903° F 1910° F 1918° F
10 2298° R 2304° R 2312° R 2320° R
Hot Shoe 1838° 1844° 1852° F 1860° F
11 1635° R 1641° R 1649° R 1657° R
Insulation 1175° F 1181° F 1189° F 1197° F
12 1641° R 1647° R 1655° R 1663° R
T/E element 1181° F 1187 F 1195° B 1203° F
13 1014° R 1020° R 1628° R 1037° R
T/E element 554° F 560° F 568° I 577° F
14 805° R 804° R 802° R 801° R
Insulation 345° F 344° F 342° F 341° B
15 0° R 0° R 0° R 0° R
Space -460° F -460° F -460° F -460° F

|

(B agan
*

LERT]
»
-

anrw

*
AT XYY ]

I3
<

+
vee

..

MND-2¢50-E-%

2
see . e o .
> o ilat ’ a N}
. s ee Y .

rvery

- a

when2
XY




|

1. Generator System Study

This transient thermal analysis was performed parametrically
using the thermal model of the generator assembly established for
Phase 0 (see Fig. C-1). Initial conditions assumed to exist on the
launch pad prior to the fireball are presented in Table C-3. These
initial temperatures are only estimates but are reasonable values, and
expected changes should not change the conclusions.

By the sampled perturbation theory (see Appendix M), the tempera—
ture-time history of each node was ascertained. Fpr conservatism,
the entire generator was isolated in the sense that it was not allowed to
reradiate or convect to the surroundings. The problem was run for 60
seconds although the fireball lasts for only 16 seconds,

From Figs, C-5 to C-9, it is seen that Nodes 2 and 6 gradia’gor
tips) melt during the fireball for the most severe taper configuration
(0. 5 inch on Node 4 to 0,0625 inch on Nodes 2 and 6), On the other
three tapers, radiator melting does not occur over the 16-second
period,

From Fig, C-10, it may be seen that the capsule is nearly unchanged
from its initial value of ~1600° F because of the large thermal inertia of
the radiator, This response lag of the capsule accounts for its non-
dependency on the configuration of the radiator (i.e., the taper) and
furthermore is the basis for the previous comment that an error in the

initial conditions would not affect the result that the capsule does not
melt,

2, Capsule Study

As a more severe case, the heat flux of 86 Btu/ ftz-sec was assumed
to impinge directly on the fuel capsule., In this case, the initial tem-
perature was taken as 1500° F and the capsule emissivity was assumed
to be 0,85, The resultant transient behavior is presented in Fig, C-11.
Capsule melting did not occur over the 16-second fireball,

It is unlikely that an individual capsule would ever be exposed directly
to the fireball since the CRONUS is able to withstand the shock overpres-

sures and remain intact, The condition is theoretically possible, how-
ever, and thus is of some interest,

: *MND20B0-E2 § - .
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TABLE C-3

Assumed Generator Assembly Initial Conditions for Fireball Analyses

Initial
Node * Temperature (°F)
1 Ablator 150
2 Radiator 90
3 Radiator 250
4 Radiator 350
5 Radiator 250
6 Radiator 100
7 Aft cap 75
8 Fuel 1775
9 Capsule 1600
10 Hot shoe 1500
11 DModule insulation 925
12 T/E 925
13 T/E 400
14 Heat source insulation 90

*Refer to Fig. C-1 for nodal locations,
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E. DESCENT ANALYSIS

Descent of the generator system is one of the more severe thermal
environments because of the high heating loads applied for relatively
long periods of time, To determine the thermal effects on the system,
a transient thermal analysis was performed using the 15-node thermal
model previously presented, The entire reentry phase from deorbit
to impact was examined for flight path angles of -8, -2 and -0.1
degrees.

Heating rates associated with these angles are present in Figs. C-12,
C-13 and C-14 from the 400, 000-foot level, On each curve, the stagna-
tion heat rate is applied to Node 4 on the thermal model, Kq (aft) is a

correction factor to the stagnation heating rate to be used for Nodes 5
and 6 while Kq (forward) applied to Nodes 2, 3, and 4.

As the most severe case, open circuit beginning-of-life initial tem-
peratures were used as the input to the analysis.

The results are presented for Nodes 2, 3, 4, 5, 6, 8 and 9 in Figs,
C-15 to C-21. (Y= -8°), Figs, C-22to C-28 (Y = -0.1°) and Figs. C-29
to C-35 (¥ = -2°), Tables C-4, C-5 and C-6 are summaries of the maxi-
mum temperatures reached for the three flight path angles, whereas the
other figures are complete temperature-time plots,

The major conclusions reached are:

(1) Capsule temperature rose 12°, 30° and 70° F for flight path
angles of -8, -2 and -0.1 degrees, respectively, essentially
independent of the radiator profile taper considered, In the
worst case, the capsule temperature on the back walls reached
2050° F', In all cases, the maximum capsule temperature was
reached at time of impact,

(2) For the selected design (taper to 0,125 inch), the extremities
of the beryllium conical shell radiator reached a maximum of
1424° F at 1700 seconds into the 2100-second reentry for the
-0.1 degree case,
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TABLE C-4

Maximum Temperature of Nodes for Various Tapers at Flight Path Angle,

Y. = 8.0 at 400,000 Feet, 7T = 420 Seconds
E max
No Taper Taper Taper Taper
Nodes 0.5t0 0,5 in, 0,.5t0 0,25 in, 0.5to0 0,125 in, 0.5to0 0,0625 in,
1 3113° R 3113° R 3113° R 3113° R
Ablator 2653° F 2653° ¥ 2653° F 2653° F
2 961° R 1095° R 1345° R 1746° F
Radiator 501° F 635 F 885° I 1286°
3 998° R 1061° R 1117° R 1158° R
Radiator 538° F 601° F 657° F 698° F
4 1130° R 1138° R 1149° R 1160° R
Radiator 670° F 678° F 689° F 700° F
5 1085° R 1176° R 1253° R 1310° R
Radiator 625° F 716° F 793¢ F 850° F
6 1046° R 1253° R 1592° R 2054° R
Radiator 586° F 793° ¥ 1132° F 1594° F
7 709° R 730° R 753° R 767° R
Back section 249° F 270° F 293° F 307° F
8 2558° R 2563° R 2571° R 2579° R
Fuel 2098° F 2103° F 2111° F 2119° F
9 2370° R 2376° R 2384° R 2392° R
Capsule 1910° F 1916° F 1924° F 1932° F
10 2316° R 2323° R 2332° R 2341° R
Hot shoe 1856° F 1863° F 1872° F 1881° F
11 1648° R 1655° R 1663° R 1672° R
Insulation 1188° F 1195° F 1203° F 1212° F
12 1710° R 1719° R 1731° R 1741° R
T/E element 1250° F 1259° F 1271° F 1281° F
13 1166° R 1174° R 1186° R 1197 R
T/E element 706° F 714° ¥ 726° ¥ 737° F
14 850° R 875° R 901° R 918° R
Insulation 390° F 415° F 441° F 458° F
15 0° R 0° R 0° R 0° R
Space -460° F -460° F -460° F -460° F
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TABLE C-5
Maximum Temperature of Nodes for Various Tapers at Flight Path Angle,

= -0.1 at 400,000 Feet, T = 2100 Seconds
YE ’ ’ 'max S
No Taper Taper Taper Taper
Nodes 0.5to 0,5 in, 0.51t0 0,25 in, 0.5to 0,125 in, 0.5to 0,0625 in,
1 3181° R 3181° R 3181° R 3181° R
Ablator 2721° F 2721° F 2721° F 2721° F
2 1389° R 1669° R 1884° R 1981° R
Radiator 929° F 1209° F 1424° F 1521° F
3 1414° R 1559° R 1640° R 1675° R
Radiator 954° B 1099° F 1180° F 1215° F
4 1497° R 1528° R 1550° R 1563° R
Radiator 1037° F 1068° F 1090° F 1103° F
5 1508° R 1642° R 1720° R 1756° R
Radiator 1048° F 1182° F 1260° 1296° F
6 1481° R 1722° R 1859° R 1926° R
Radiator 1021° F 1262° F 1399° F 1466° F
7 927° R 1009° R 1048° R 1068° R
Back section 467° F 549° F 588° F 608° F
8 2593° R 2601° R 2610° R 2618° R
Fuel 2133° F 2141° F 2150° F 2158 F
9 2424° R 2433° R 2443° R 2451° R
Capsule 1964° F 1973° F 1983° F 1991° F
10 2381° R 2392° R 2402° R 2410° R
Hot shoe 1921° F 1932° F 1942° B 1950° F
11 1714° R 1725° R 1735° R 1744° R
Insulation 1254° F 1265° F 1275° F 1284° F
12 1917° R 1938° R 1953° R 1964° R
T/E element 1457 F 1478° F 1493° F 1504° F
13 1522° R 1553° R 1574° R 1587° R
T/E element 1062° F 1093° F 1114° F 1127° F
14 1106° R 1192° R 1236° R 1258° R
Insulation 646° F 732° | 776° F 798° F
15 0° R 0° R 0°R 0° R
Space -460° F -460° F -460° -460° F
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TABLE C-6
Maximum Temperature of Nodes for Various Tapers at Flight Path Angle,

Yo = -2.0 at 400,000 Feet, T = 630 Seconds
E max
No Taper Taper Taper Taper
Nodes 0.5 to0 0,5 in, 0,5 1t0 0,25 in, 0.5t0 0,125 in, 0.5 to 0,0625 in,
1 3289° R 3289° R 3289° R 3289° R
Ablator 2829° F 2829° F 2829° F 2829° F
2 1147° R 1416° R 1786° R 2085° R
Radiator 687° K 956° F 1326° F 1625° F
3 1182° R 1302° R 1396° R 1451° R
Radiator 722° F 842° F 936° F 991° F
4 1301° R 1315° R 1331° R 1343° R
Radiator 841° ¥ 855° F 871° F 883° F
5 1272° R 1411° R 1516° R 1576° R
Radiator 812° F 951° F 1056° F 1116° F
6 1236° R 1531° R 1852° R 2012° R
Radiator 776° F 1071° F 1392° F 1552° F
7 770° R 825° R 865° R 880° R
Back section 310° F 365° F 405° F 420° F
8 2566° R 2572° R 2580° R 2588° R
Fuel 2106° F 2112° F 2120° F 2128° F
9 2387° R 2394° R 2402° R 2411° R
Capsule 1927° F 1934° F 1942° F 1951° F
10 2339° R 2347° R 2356° R 2365° R
Hot shoe 1879° ¥ 1887° F 1896° F 1905° F
11 1667° R 1675° R 1684° R 1692° R
Insulation 1207 F 1215° F 1224° F 1232° F
12 1800° R 1812° R 1825° R 1836° R
T/E element 1340° F 1352° B 1365° F 1376° F
13 1331° R 1347° R 1362° R 1374° R
T/E element 871° F 887° F 902° F 914° F
14 923° R 984° R 1027° R 1046° R
Insulation 463° F 524° F 567° F 586° F
15 0° R 0° R 0° R 0° R
Space -460° F -460° B -460° F -460° F
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Fig.C-22. Temperature Versus Time for Node 2 at Radiator Tip
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Fig. C-24. Temperature Versus Time for Node 4 at Radiator Root
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Fig. C-26. Temperature Versus Time for Node 6 at Radiator Tip
2650
YE = -0.1
T = 2100 sec
max
A = no taper D
B = taper c
C = taper
D = taper
2600 P B
A
2550 | | 1 1 1 1 1 1 | 1 J
0 200 400 600 800 1000 1200 1400 1600 1800 2000 2200
Time (sec)
Fig. C-27. Temperature Versus Time fo. Nod" 8 at Fuel

"M a5 5
DUt

cesdD

.
.
acee
seseee



: O

.
°e | o

£.5:
oo,

.

Temperature (°R)

2450~ D
Yg = -0.1 C
Tmax = 2100 sec B
A = no taper 0. A
B = taper 0.
C = taper 0.
D = taper 0.

2400

2350 ! I | 1 t 1 1 1 | |

0 200 400 600 800 1000 1200 1400 1600 1800 2000

Fig. C-28.

Time (sec)

Temperature Versus Time for Node 9 at Capsule

J
2200




e}
: — <t a
. w —
& 8 2
[ =Rl
n.15% [
o aN© o
NN —~O [} 4
e s e e 3 P
cooo 0 —
00O -.,w
= e
0w w0 foa
oooo-cuo nU.nv.nU.nU. 4 o-oacou
seee 0 a e
9] I p
A [ A A XXX}
s s e [} <t o~ * o »
: ) s r - . -
(A XT] 0 e e *csen
- L] . )
R o 8 Fyhu 3 s
) =2 a8 = sevens
H N w o & A A3 =z :
iz 3 Iy m m Ln.m A b sse0e
ool ! a nowonon rm Teales
: 9 m 0 [~ I
teet ~ = «<mLA ) o,
LX) e e .
. g2 E B
) 12 - = C—. .
b ™ o — 0 (X)
saenre s...
s m “ @
& I &
ste 0 mlv w.‘.
— =
ucoo < v Noon
L D :
0-00 m M.."
e 3 e
)
418 ©
— -
[0}
[oN
E
(U]
[
o
—jco
o
[a\]
1
O
41— .
3 = % % = = o o .m.,
3 2 ] o [{e]
o <5} © AN o~ e =
o3 - — - —

(4 ) @anjeaadwa],



Temperature (°R)

Temperature (°R)

1500

1400+

7

1300

1200

T

1100L

Yo =-2.0

E
1000

Tmax - 630 sec
A = no taper 0.5 to 0.5 in.
B = taper 0.5 to 0.25 in,
900 C = taper 0.5 to 0,125 in
D = taper 0.5 to 0.0625 in
800 L | 1 1 ] | | J
0 80 160 240 320 400 480 560 640

Time (sec)

Fig. C-30. Temperature Versus Time for Node 3 at Radiator
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Fig. C-31. Temperature Versus Time for Node 4 at Radiator Root
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Fig. C-32. Temperature Versus Time for Node 5 at Radiator
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Fig. C-34. Temperature Versus Time for Node 8 at Fuel
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Pages 47 thru 57 have been deleted.
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APPENDIX D
FUEL CAPSULE THERMAL SHOCK ANALYSIS
From "Approximate Solution to Thermal Shock Problems in Plates,
etc., with Heat Transfer at Two Surfaces,' by Mendelson and Manson,

the dimensionless stress o* as a result of thermal shock is given as:

gX = g
Ea(l - v)AT

where ¢ represents the circumferential stress in the capsule wall, The
consideration of thermal shock is based upon a fuel capsule at 2000° F
during descent and suddenly immersed in sea water. Therefore, the
AT is approximately 1930° F,

The dimensionless stress is some value 0 < g% < 1 and is a function
of the Biot modulus at the inside and outside surfaces of the capsule.

Thus, the actual stress is some fraction of E o (1 - v) AT. At 70° F
and 2000° F, E o is 224 and 193, respectively. Therefore,

o<(%2+ﬁ)(1 - 0.3) (1930)

or
o < 282,000 psi,

It should be noted that thermal shock may promote a catastrophic
failure in very brittle materials., However, Haynes-25 is ductile and
has a large plastic strain capability. This is shown by the fact
that to solution heat treat Haynes-25, the material is water quenched
from about 2275° F in the sheet, plate and bar forms,
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APPENDIX E

FUEL CAPSULE STRUCTURAL ANALYSIS--EXTERNAL
PRESSURE CAPABILITY

From a shock overpressure due to a potential booster vehicle ex-
plosion during the launch phase (T = 1600° F) and submergence in
seawater after descent and water impact, the capsule must have the
structural capability to withstand buckling modes as a result of these
environments.

For design flexibility, the critical buckling pressures and/or yield
pressures were considered as a function of capsule wall thickness, t, from
0.040 to 0.160 inch. The inside shell diameter, d, is held constant at
1.286 inches and the length of the shell, L, is taken as 3.88 inches. This
length is considered as the constant thickness span between reinforced
sections. The analysis is conservative since the foundation support
provided by the liner and fuel is not considered.

On the basis of various geometric parameters such as r/t and Lz/rt,
the shell falls within the category of either a '"long'' or ''very long"
cylinder. On this basis, the critical buckling pressure is obtained by

5/2

_ t r
Pcr =0.93 E (—1:) (—E—)

where for the fuel capsule

r = 0. 643 +§t

Ref.: Gerard and Becker, Handbook of Structural Stability, Part IIIL.
NASA TN 3783, 1957.

The pressure necessary for a yield condition in the circumferential
direction (maximum principal stress) is simply

For the wall thickness range considered, the critical buckling pressure
and yielding pressure are presented in Table E-1. The latter is also
presented as a function of wall thickness and depth in seawater by

Fig. E-1. In all cases, the pressure necessary to provide yielding
becomes the critical value for design comparisons since yielding would
initiate buckling.



Case 1:
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Case 2:
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TABLE E-1

Critical Buckling Pressure and Yielding Pressure

T =70° F

. 160
. 140
. 120
. 100
. 080
. 060
. 040

T = 1600°

. 160
. 140
. 120
. 100
. 080

060

. 040

F

(maximum principal stress)

0y,= 67,000 psi

E =33.5x 10° psi
_I‘_ PCI‘
0.723 133, 760
0.713 97, 780
0.703 67,970
0. 693 44,020
0. 683 25, 750
0. 673 12, 820
0. 663 4,493
oy, = 32,000 psi
E =23.1x 106 psi
_E__ PCI‘
0.723 127,770
0.713 67,430
0.703 46,870
0. 693 30, 350
0. 683 17,760
0. 673 8, 840
0. 663 4,292

=

2
LAY
oo.m
vaseld
neceds
o
N

14,825
13,160
11,440
9,670
7,850
5,980
4,042

7082
6285
5460
4620
3750
2860
1931
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Fig. E-1. Pressure to Yield and Seawater Depth Versus Capsule

Wall Thickness

. iMND¥2050-B-g': % "l
I -5 R IOE o SO SR UI S

0.160



ose
D XXX
.e
.o
IR}
eee
(XY Y]
.o
nssee
e

?

The seawater depth capability is defined by

144
h =53

where p is pressure (psi) and h is the depth potential (ft).

p=2.25p

To inject greater accuracy in predicting the pressure necessary to
yield, the von Mises criterion is employed where

_ 2 2
o-y_Jol 0,0, + 0,

where 0; are the principal stresses.

Therefore,
- -n T
0,7 % P}
o
Oy = 0x 7 2t 2
Substituting,
1 ’ 2
= - g,
O‘y 2 3 0
or
o t
P =X
y 0.866r

This pressure is also included in Fig. E-1.

In consideration of the potential blast loading, a 100-psi side on
overpressure, Ps’ is assumed. The reflected pressure, Pr’ may be

obtained from the following equation (Ref.: ''Structural Effects of
Impact, '' by M. Kornhauser),

TP +4P_
P.=2P, \w5 7P
O S

= 2 (100) [7 (71%12;)?11(?8)] - 495 psi
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The reflected shock waves during diffraction are the predominant cause
of damage for a high frequency structure. Assuming a sinusoidal shock
pulse, an amplification factor of 1.8 could be realized. Thus the effec-
tive pressure may correspond to 1.8 (495) or 891 psi. It should be

noted that from experimental evidence the peak pressure on a cylindrical
body is significantly lower than the theoretical results. However, for
this investigation, this factor may be dismissed in favor of conservatism.

From Table E-1 illustrating the structural capability versus an ex-
ternal pressure, a reflected pressure, including amplification, of 891
psi should provide no concern for structural integrity.

A. ANALYSIS OF DISCONTINUITY STRESSES AT CAPSULE END
CLOSURES DUE TO EXTERNAL PRESSURE

Considering the geometry
at the wall end closure as
shown in Fig., E-2,the wall
thickness is 0. 141 inch. With
a thick end closure reinforced
by the cylindrical continuation
as shown at the ends, the cyl-
inder approaches the case
where the ends are fixed from
rotation.

0.141 in.

From the deflection and
slope equations (Ref.: '""Theory
of Plates and Shells', by
Timoshenko and Woinowski-

Krieger), 0.098 in. 1.263-in, ID
Fig. E-2. Capsule End Configuration
_ 1
W = g (BMO+QO)=6
X=0 28°D
and
dw 1
= 2BM_+Q)=0
dx 2—32_D o o
X=0

FWNDRUS0AE
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where MO and QO are the discontinuity moment and shear, respectively,

and
2
B - (3(1‘\/ )
R2 t2

PR2

§ = =2

Et

1/4

Solving for Mo and QO:

“2BM, = Q,

. 1
L8 = - LR (BM_ - 28M)

=
©
™
N
g

D= —
12(1-72)

Let R = 1-263 20' 141 _ g 702, t = 0.141, E = 33.5 x 10% at ambient

temperature, ¥ = 0.3 and assume for an illustrative example that
P = 4450 psi which is equivalent to a depth of 10, 000 feet in seawater.

1/4
B = : (02’91) 5 = 4.086
(0. 702)° (0. 141)
6 3
~33.5x 10" (0.141)° _
D = 127(0.91) = 8600
Therefore,
2 2
M - 4450 (0.702)° (2)(4.086) (8600)

° 33.5 x 10° (0. 141)


http://c4uj.vcij.c111

133. 3 in. -1b/in.

Q =24450 _ _1049.2 1b/in.

o 4.086

From NASA TR-103, the meridional and circumferential stresses
at the shell closure interface are given as

o = ﬂo. + Pﬁ
X 2 2t
t
_PR,28%R 6y . ,,PR%
% " ¢ t 2 o t
Therefore,
- 6(133. 3)2 + 4425(%(01";711)2) = 51,306 psi (max)
(0. 141) .
2
and © _ 4450(0.1702) + 2(4.086)“ (0. 702)i 6(0. 3) 133. 3
0 0. 141 0. 141 0 141)2

_ 2(4.086)(0.702)(1089. 2)
0. 141

=-12,070 psi (max).

Since the material yield strength is in excess of 60,000 psi, the design
is more than adequate.

The majority of the magnitudes of the above stresses are of a dis-
continuity in nature. Thus, yielding may take place and the result is
a redistribution of stresses (decrease of stress magnitude) which in
no way should signify a catastrophic failure.
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APPENDIX F
FUEL CAPSULE IMPACT ANALYSIS

For impending rupture, the following expression holds true.

U,_=0, (F-1)
where
U, = kinetic energy of the fuel capsule prior to impact (ft-1b)
LW 2
= 5 g VvV
Ua = energy absorbed by the capsule prior to rupture (ft-1b)
= K(@U_  +U_)
a a
e p
U, = energy absorbed in elastic deformation of the encapsulant
e material (ft-1b), As an approximation,
W o €
-1 ¢ ¥y
Ua T 12 o 2
e c
U = energy absorbed in plastic deformation of the encapsulant
a . . ;
P material (ft-1b). As an approximation,
€
v - L W, (0y+cru) u
a 12 p 2
p c
W = total capsule weight (1b)
=W +W,.+ W
C £ S
W, = encapsulant weight (lb)
W, = fuel weight (1b)
W = liner, separator and spacer weight (Ib)
g = acceleration due to gravity = 32, 2 f’c/sec2
\% = capsule velocity prior to impact (fps)

P -
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K = absorption efficiency factor (configuration-dependent)

Pe = density of encapsulant material (Ib/in, 3)

o = yield stress in tension (1b/in, 2)

% = ultimate stress in tension (lb/in, 2)

€ = yield strain (in. /in. )

€4 = ultimate elongation (in, /in,)
Substituting into Eq (1),

1w 2 _K W, <?y < . (0V+ o) €u>

2 g 12p, \ 2 2
Rearranging,

w 2

We T WC - Zg\;{ uy (F-2)
where

w_ = encapsulant weight fraction (Ib, encapsulant/lb total capsule)

C
(’ <: W I }
( C <:

specific energy absorption (ft-1b/1b of encapsulant)

4_
1 (ay €, . (O'V cu) €u>
12 PC 2 2

o
]

tl

(P D peeplie=
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APPENDIX G

RADIATOR STRUCTURAL ANALYSIS WITH RESPECT TO
BLAST OVERPRESSURE

Critical external pressure of a conical shell can be determined by
a modification presented in STL Report No. TR-59-0000-09959, ''Semi-
Annual Report on Development of Design Criteria for Elastic Stability
of Thin Shell Structures,' P. Seide, December 1959, The equation in
this reference was reduced by 20% to include all the test points shown
in Fig. 8 of the reference. The resulting equation yields:

P - 0.736;3’:52'5
/p '
where
E = Young's modulus = 38,2 x 106 psi at 550° F
t = skin thickness
A = slant height
p = average slant radius.

Considering the unsupported section at the wide end of the cone be-
tween the ablator mounting ring and the heat source support structure,
and conservatively assuming the minimum thickness of 0.125 inch to
apply over this entire section, the following dimensions are obtained:

t = 0,125 inch

X = 8.0 inches

_ 43 +38.4

P = % cos 18° 21.4 inches

Substituting,

_ 0,736 x 38.2 x 10°(0,125)%°

P
cr 8.0(21.4)%-°

= 197 psi

=t
Z
w1
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~e O
to
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o
2
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APPENDIX H
THERMAL EFFICIENCY ANALYSIS
The heat losses in the system occur through the module and the

heat source support insulation, At end of life these losses are given
by:

E1 I:Kl - Aelements] [TH B TCJ

q = ] = 370 watts
1
2k, A, [T, - T
qe = 2 2 [ 2 3]= 250 watts
2 2
2
where
q1 = module insulation heat loss
Q9 = insulation support heat loss
El = average insulation conductivity of Min-K 2000 between
1450° and 550° F = 0,012 Btu/ft-hr-°F
Kl = mean module area = 7,5 ft2
A = total element cross-sectional area = 0,40 ft2
elements
TH = hot junction temperature = 1450° F
TC = cold junction temperature = 550° F
2 ' module insulation thickness = 0,75 inch
Ez = average insulation conductivity of Min-K 2000 between

1700° and 500° F = 0,015 Btu/ft-hr-°F

A2 = end cap area = 6 ft2

12 = heat source and insulation thickness = 3 inches

T2 = approximate hot side insulation temperature at end of
life =1700° F

T3 = approximate cold side insulation temperature at end of
life = 500° F
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With Dyna-Quartz in the module, the module heat loss would be-
come 630 watts

(kDyna—Quartz = 0,021 Btu/ft—hr-°F).
The heat losses for the two schemes are:
System 1 System 2
(watts) (watts)
Module insulation 370 (Min-K 2000) 630 (Dyna-Quartz)
Support insulation 250 250
Total 620 880

For System 1, the thermal efficiency is

q

n . _elem _ 5040 =0 89
therm :

5040 + 620

Yot
For System 2, the thermal efficiency is

. 5040
Mherm - 5040 + 880 - 0-89
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APPENDIX I
THERMAL INSULATICN CONDUCTIVITY DATA

The thermal conductivity data from Johns-Manville on Dyna-Quartz,
Micro-Quartz and Min-K 2000 are presented in Figs. I-1 through I-7.
The data should be considered preliminary since differences among
the three sources on Dyna-Quartz data are apparent and since some
of the Min-K 2000 data in vacuum were constructed from air data by

correction factors.
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APPENDIX J

THERMOELECTRIC DATA AND INTEGRATED AVERAGES

In Figs. J-1 through J-6 the 1500-hour data, as supplied by RCA,
on Seebeck coefficient, electrical resistivity, and thermal conductivity
on both N-type and P-type SiGe are presented,

Figures J-7 through J-12 are integrated averages of these proper-
ties for cold junctions from 400° to 700° F and hot junctions from 1200°

to 1700° F, Integrated averages are useful in hand calculations for
various thermoelectric analyses.

In Figs. J-13 and J-14 the thermal resistivity and electrical re-

sistivity data, respectively, on the silicon-molybdenum alloy used for
the hot shoe are given,

COMHBER AL

o »
sece
.
sevece
ev oo
sercee



(3
-

oesace
eses

-

L]
seey
o

esesee
s000e
L ]
"o
»

.

* oo
L2 ]
ese

. soy
ene
ere

[TYY)
Gaee

200 ‘

175

150

125

Seebeck Coefficient (uv/°F)

100

1 1 i l { { 1 i |
0 200 400 600 800 1000 1200 1400 1600 1800

Temperature (°F)

Fig. J-1. Absolute Seebeck Coefficient for SiGe, N Element. Data Compiled 11/65
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Fig. J-2. Seebeck Coefficient for SiGe, P Element. Data Compiled 11/65 '
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APPENDIX K
CAPSULE SURFACE TEMPERATURE PARAMETRIC STUDY

During the program, a parametric analysis was developed to assist
in readily determining capsule surface temperature for various configu-
rations as a function of hot shoe temperature, heat source envelope
area, capsule emissivity and hot shoe emissivity, The analysis is ap-
plicable to an RTG employing radiation heat transfer between the cap-
sules and the module,

A, ANALYSIS AND RESULTS

1, Thermal Analysis

The equation describing radiant heat transfer between the heat source
and the module is:

4 1/4
Tca = (T  + —_—-q—
p 5 GeA
env
where
Tcap = capsule surface temperature, an unknown (°R)
q = heat transferred from capsules to hot shoes, a variable
(Btu/hr)
o = Stefan-Boltzmann constant = 0,171 x 10-8 Btu/sq ft-hr-°R 4
Aen = enveloped heat source area adjacent to hot shoes, a
V' variable (sq ft)
€ = effective emissivity between capsules and hot shoes, a
variable
TS = hot shoe surface temperature, a variable (°R)

This equation has been solved for capsule temperature as a function
of heat flux, q/ Aenv’ parametric in hot shoe (module) temperature

(Fig, K-1),
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2. Emissivity Analysis

The effective emissivity, €, can be related to individual material
emisivities by the expression

cap

where

€ capsule emissivit
cap P Y

1

€ hot shoe or module hot plate emissivity

S

This equation was solved parametrically in €cap and €» and the

results are presented in Fig. K-2.

A likely material for the capsules will be Haynes-25. Variously
measured emissivity data are given in Fig. K-3.

For the case of a SiGe generator, the SiMo hot shoes would be
directly exposed to the fuel capsules. The emissivity of this material
is presented in Fig. K-4 as a function of temperature.

3. Envelope Area Analysis for Cylindrical Heat Source

This is an analysis of the envelope area of a cylindrical heat source
consisting of m bays of n capsules per bay. Defining the m x n matrix
in this way provides a parametric tool for the analysis of several heat
source configurations. The total number of capsules in the heat source
is given by N = mn. A 12-capsule heat source having a 2 by 6 matrix
(2 bays of 6 capsules per bay) has been illustrated in Fig. K-5. Heat
transfer is assumed to occur radially from the perimeter of the bay,

p, over the length of two bays (2 LC).

Envelope area is therefore given by

Aenv N mpLC

Calculation of the heat transfer area depends on the type and quantity
of fuel, number of capsules, fuel capsule configuration, and heat source
configuration or matrix. Constraints have been made on these param-
eters to simplify the study and permit meaningful results to be obtained.
These constraints are further described in the following paragraphs.
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Fig. K-5. Cylindrical Heat Source Having 2 x 6 Matrix

It was first assumed that the fuel capsule is a right circular cylinder
having an internal fuel volume defined by the fuel length, Lf, and diam-
eter, Df, and external dimensions, LC and DC. Actually, capsule wall
thickness and end cap dimensions will depend largely on its required
impact resistance, which is the subject of another study. As a simpli-

fication, it was assumed that DC =1.30 Df and that LC = Lf +0.75 Df.

This neglects minor area differences which arise from different impact
requirements, and it gives all capsules under consideration nearly equal
impact resistance.

In considering various heat source configurations, it will be assumed
that the type of fuel and its required thermal output, q, at beginning of
life are known. Two charts have been prepared to relate the number of
capsules, N, the fuel volume, Vf, per capsule, the ratio Lf/Df, and the

fuel diameter, Df. These charts are shown as Figs. K-6 and K-7, and

their use is self-explanatory. The selection of Lf/D Df and N is some-

f}
what discretionary at early stages of the heat source design and is based
largely on past SNAP experience.
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The envelope area of a single capsule is shown in Fig., K-8 as a
function of Lf/Df and Vf per capsule. The lateral area only has been

plotted since no heat transfer is expected from the capsule end caps.

If the heat source consisted of a single row of N capsules, an N by 1
matrix would result; the total envelope area then would be N times the
cylindrical area per capsule. However, if the heat source contains
more than one capsule per bay, as was illustrated in Fig. K-5, the
effective heat transfer area per capsule is reduced due to shielding
by the adjacent capsules. A reduction factor, R, has been defined by
the relationship

Aeffe ctive (per capsule)

R =
A ylindrical (Per capsule)

which was found to be proportional to the perimeter, p, of a bay of n
capsules divided by n times the perimeter of a single capsule. This
yields the expression

R=1—+,T7T—/Il (for n # 1)

This expression holds true as long as the capsules are arranged in a
close-packed circle; the factor R is independent of the capsule dimen-
sions.

The reduction factor, R, has been plotted as a function of the number
of capsules per bay in Fig. K-9, and the effective heat transfer, Aeff’
per capsule has been plotted as a function of R and Acyl in Fig. K-10.
The total envelope area is givenby A_ =N (capsules) x Aeff (per cap-
sule) and is charted in Fig., K-11.

4, Envelope Area Analysis for Rectangular Heat Source

The fuel capsules may be arranged side by side in a rectangular
matrix to form any of several rectangular heat source configurations.
One configuration having a 2 by 6 matrix is illustrated in Fig. K-12,
Here, heat transfer occurs from one or both of the large rectangular
faces toward the thermoelectric module(s).

In considering the heat transfer area, it will be assumed that the
capsules are close-packed and that all sides not facing a thermoelectric
module are well insulated. The heat transfer area in the case wherein
one side of the capsule is exposed is given by

A = ND L
env cc
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In the case with two sides exposed,

A = 2ND L
env cc

Pl
= e

Fig. K-12. A Rectangular Heat Source Having 2 x 6 Matrix

The envelope area may be calculated from these equations, or it may
be derived from Figs, K-10 and K-11 which were developed for the cylin-
drical heat source by considering

R - (per capsule) Dch

A
eff .
= = = (for one side exposed)
ACyl (per capsule) 7rDCLC T
R = -% (for two sides exposed)

These values of R have been tabulated in Fig. K-9.

B. USE OF RESULTS
From the analyses developed in the previous subsections, capsule

temperature can be computed for various emissivities, heat fluxes
and envelope areas,
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As an example, consider the case for a 250-watt(e) SiGe cylindrical
generator requiring 8100 watts(t) of SrTiO3 at beginning of life. Assume

24 capsules will be used, hot shoe temperature will be 1600° F, hot
shoe emissivity will be 0. 80 and capsule emissivity will be 0. 60.

From these data, qli\?l = 337 watts/capsule. From Fig. K-6, fuel
volume is 24. 5 in. 3/capsule. From Fig. K-7, for (.I:‘-> =6, fuel
diameter is 1. 73 inches and fuel length becomes 10. 4 inf:lllqeels. With the
assumption (mentioned previously that DC =1.30 Df and LC = L,

+ 0. 75 Df, capsule diameter and length are 2. 25 and 11. 7 inches,
respectively.

From Fig. K-8, the cylindrical (lateral) area per capsule is 77 in, 2
With an array of 4 bays of 6 capsules each, Fig. K-9 shows that the
area reduction factor is 0.483 (i.e., only 48. 3% of each capsule lateral
area will be directly viewed by hot shoes because of adjacent capsule
blockage). From Fig. K-10, for n = 6 capsules per bay, the effective

area per capsule is 37. 2 in. 2. For all 24 capsules, Fig. K-11 indicates

the total envelope area is 6. 3 ftz.

From Fig. K-2, for individual emissivities of 0. 8, the effective

901 . 8100

Aem§ (6. 3)(0. 665)

= 6600 Btu/ftz-hr. From Fig. K-1, for a hot shoe temperature of
1600° F, the resulting capsule surface temperature is 1700° F.

= 1935 watts/ft2

emissivity, €, is 0. 665. Therefore

A considerable variation in effective heat source envelope area can
be obtained by simply permuting the arrangement of a fixed number of
capsules. As an example, Fig. K-13 was developed for the case of
N = 36 capsules initially containing 8100 watts of SrTiO3 (0. 85 watt/cc).

Thus for an (—IDJ—) =6, a 9 by 4 matrix gives an envelope area of
fuel
9.15 ftz while a 6 by 6 matrix yields 7. 8 ft2_ The effect of these area

changes on capsule temperature can be determined directly from
Fig. K-1.
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APPENDIX L

SiGe VERSUS PbTe RTG COMPARISON
A, ANALYSIS

1, SiGe System

By use of the thermoelectric (T/E) analysis reported in Appendix Q
and the hot junction temperature, cold junction temperature, RCA re-
ported contact resistivity and element length chosen for this study
(Table L-1), the following T/E performance figures hold for SiGe:

nT/E = 5,43%

AN

element

Ap

element

= 0,091 in.2 (series-parallel)

0,056 in, 2 (series-parallel),

The system overall efficiency (see Table L-1) is

e % /B Mherm 2R Treg T (.0543) (0.83) (0.92) (0.995) =

.0412 or 4. 129,

The end-of-life fuel inventory is

P
_ o, net _ 250 watts _
9ROoL = nO/a = 70,0412 6080 watts,

The fuel volume (SrTiOg) is given by (5-yr life)

At
q e
_%eoL®" _ 6080 (1.132) _ 3 .. 3
The fuel weight is
Wiy = PVpyep = 3-83 gm/cm® x 8100 em® = 31,000 grams =

68. 5 pounds of fuel.

*This value applies only to the cylindrical RTG and does not equal that
of the selected reference configuration presented elsewhere,
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Parameter

Temperatures (°F)

Hot junction (end
of life)

Cold junction

Radiator

Contact resistivity~-
end of life

(uQ- cm?)
Efficiency (%)
Thermal

Joule

Regulator
Element length (in,)

Capsule weight

TABLE L-1

SiGe Input Parameter Logic

Value

1450

550

505

1800

83
92

99,5
0.75

Equal to weight
of fuel plus
liner

Reason for Choice

At beginning of 5-yr life with SrTiOB, hot junction

temperature will be ~1590° F, resulting in capsule
surface temperature of ~1700° F, Maximum steady
state capsule temperature cannot exceed ~1800° F;

maximum hot junction temperature cannot exceed seeees
~1650° F, Appears 1450° F end-of-life hot junction RIS
temperature is reasonable choice, 7T
Higher cold junction would add to system weight be- ®ceees

cause of decreasing efficiency; lower cold junction
would create larger radiator areas. Final design
of SiGe generator may use a different cold junction

than 550° F but was reasonable choice for this study. LT
Experimental data from RCA indicate 45° F tem- -
perature difference exists between the cold junction Shener
and radiator with Flexi-Mod concept. A
Extrapolation of RCA SNAP 17A data, ;:::::
Detailed thermal analysis of cylindrical layout on *

250-watt program.

Calculation of typical IZR losses in 250-watt gen-
erator,

Experience with similar regulators.

Length is recommended by RCA for ease of fabri-
cation; results in cross-sectional areas compatible
with PuO2 or Sr‘TiO3 fueled system, Also was length

used for SNAP 17A,
SNAP 17A impact test data.
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The fuel liner is assumed to be 10% of the fuel weight; i.e.,

W W = (1,1) (68, 5) = 75,3 pounds,

fuel © "'liner
Based on data from the SNAP 17A impact test program, the required
capsule weight will be that of the fuel plus liner., Therefore

+ quel = 150, 6 pounds.

It is arbitrarily assumed that the structure required to hold the fuel
capsules together weighs 10% of the heat source weight or 15,1 pounds,

Wheat source Wcapsule + Wliner

The thermoelectric module, including associated thermal insulation,
was weighted in detail (see Table L-5 for breakdown) and totals 32.5
pounds,

The heat rejected by the radiator is

qrej = 9oL, ~ Po = 6080 - 250 = 5830 watts(t).

For a casing diameter of 10 inches, a fin root thickness of 0.1 inch,
six fins, a fin width of 6 inches, an emissivity of 0.85 and a radiator
temperature of 505°F, the heat rejected per unit length of generator is

g/L = 141, 8 watts/in,

The required generator length is

L= Jrej _ 5830
(/L) = 141.8

= 41 inches.

For an aluminum radiator, a housing thickness of 0. 125 inch is
assumed. With a fin tip thickness of 0.030 inch, the total radiator
weight (housing and six fins) is 28. 2 pounds.

With a beryllium radiator, where a housing thickness of 0, 080 inch
was assumed, the total radiator weight is 16,9 pounds,

The beginning-of-life hot junction temperature will be about 1530° F,
Since the increase through the hot shoe will be about 50° F, the corre-
sponding capsule temperature (on the outer surface) is

1/4
T = -—-—-————qBOL + T4
CAP GE A hot shoe, BOL
ENV
1/4
( 690_01; 3,41 + 2100% = 2180° R = 1720° F.
1710 x 10°°° 0,65 x 6,8
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2, PbTe System

The PbTe (2N-3P) analysis is similar to the SiGe analysis, A sum-
mary discussion of the input parameter selection is given in Table L.-2,
Figures L-1 through L.-3 are plots of thermoelectric efficiency, element
diameters, and number of couples as a function of hot and cold junction
temperatures for 2N-3P type material,

As mentioned in Table L-2, both a cold junction of 500° F and one of
400° F were investigated to determine the tradeoffs in weight, efficiency
and size,

B, SUMMARY OF RESULTS

A performance summary of the SiGe and two PbTe systems is given
in Table L-3 and a weight summary is given in Table L-4. For the
SiGe system, a detailed weight breakdown of the module is given in
Table L-5,

C. CONCLUSIONS

On a weight basis, the SiGe generator at 239 pounds is ~100 pounds
lighter than the 400° F cold junction PbTe generator (System B) and
~150 pounds lighter than the 500° F cold junction PbTe generator (Sys-
tem A),

On an overall efficiency basis, the SiGe system is essentially equal
to System B and 1/2% better (absolute) than System A,

On a size basis (all diameters are the same), the SiGe generator is

superior with its length of 41 inches as compared to lengths of 58 and
77 inches on PbTe Systems A and B, respectively,

D, NOMENCLATURE

General Subscripts
A area BOL beginning of life
L generator length ENV envelope (of heat source)
N number of couples EOL end of life
P power 12R joule
q heat rate N N element
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.
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Parameter

Temperatures (°F)

Hot junction--
end of life

Cold junction

Radiator

Contact resistivity--
end of life

(uQ-cmz)
Efficiency (%)
Thermal

Joule
Regulator
Element length (in.)

Capsule weight

TABLE L-2

PbTe Input Parameter Logic

Value

970

400
500

350
450

3000

90

92
99.5
0. 50

Equal to 80%
of weight of
fuel plus liner

Reason for Choice

At beginning of 5-yr life with SrTiO,, hot junction

3:
temperature will be ~1050° F,

The 400° F cold junction results in high efficiency
but large area and volume; 500° F cold junction re-
sults in smaller area and volume and lower effi-
ciency,

For cold end hardware similar to SNAP 19, radiator-
to-cold junction temperature difference of 50° Fis
reasonable,

Extrapolation of SNAP 11 module data.

Carnot efficiency ratio using 83% value for SiGe
generator,

Calculation of typical I2R losses in 250-watt generator, ..
Experience with similar regulators,

Previous SNAP experience shows half-inch elements
are logical choice for space generator based on effi-
ciency and weight tradeoffs,

Based on SNAP 19 impact test data.



TABLE 1.-3

RTG Performance Summary (SrTiog)

SiGe PbTe PbTe
Temperatures (°F)
Cold junction 550 500 400
Hot junction
End of life 1450 970 97
Beginning of life 1585 1050 1050
Capsule--beginning of
life 1685 1300 1265
Efficiency (%)
Thermoelectric 5,43 4,40 5.10
System 4,12 3.62 4.20
Element length (in,) 0.75 0, 50 0. 50
Contact resistivity--
end of life (uQ-cmz) 1800 3000 3000
Number of couples
Series parallel 396 930 810
DN——series parallel (in.) 0,340% 0,462 0,410
Dp~-series parallel (in. ) 0,267% 0.463 0.415
Fuel inventory--BOL (watts) 6900 7820 6750
Diameters (in,)
Housing 10 10 10
Fin tip-to-tip 22 22 22
Generator length (in,) 41 58 77

*Assumed to be circular; in practice D-shaped elements will be used

for close spacing.
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TABLE L-4
RTG Weight Summary (SrTiO3)

System A* System B¥*
SiGe PbTe
_(b) (b)

Heat source 150.6 157,4 128.1
Heat source cage 15,1 15,7 12,8
Module 32.5 122,1 84.3
Inner housing seal -- 35,0 46,4
Insulation (outside of
modules) 3,0 2,0 2,0
Housing plus fins

Aluminum 28, 2 39.1 49,0

Beryllium 16,9 23,0 30.0
Miscellaneous (4%) 9.6 15,7 13,4
Total--radiator

Aluminum 239 387 336

Beryllium 228 371 317
Specific power--radiator
(watts/1b)

Aluminum 1,04 0,65 0,74

Beryllium 1.1 0.67 0,79

*System A--500° F cold junction,
*¥%System B--400° F' cold junction,
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TABLE L-5
SiGe Module Weight Breakdown

Weight

Component (1b)
Hot shoe 6,44
Two tungsten shoes 4,55
Two copper wafers 1,32
Copper strap 1,28
Ceramic wafer 0.24
Stainless steel wafer 0.67
Steel cone 1,29
Aluminum cone 1.80
Insulation (Min-K 2000 + 9,39

Dyna-Quartz)

Elements 5. 56

Total 32,5
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Fig. L-3. Number of Couples (series) Versus Cold Junction

Temperature for PbTe, 2N and 3P
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General
T temperature
t time
V  volume, voltage
W weight
Greek

fuel power density

Subscripts
O

o/a
P
reg
rej
T/E

therm

output

overall

P element
regulator
reject
thermoelectric

thermal

effective emissivity between capsule and hot shoe

efficiency

density

fuel decay constant

Stefan-Boltzmann constant

MWD zoso-p-
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APPENDIX M

SAMPLED PERTURBATION THEORY*

Exact solutions to the generalized heat transfer problem are prac-
tically confined to linear problems on boundaries of various simple
shapes. A great deal of attention has therefore been given to the de-
velopment of numerical methods for the solution of the heat transfer
problem, particularly with the advent of the analog and digital com-
puters.

The method of sampled perturbations as applied to the generalized
heat flow problem, including absorption factor theory for enclosed gray
body surfaces, is a combination of sampled-data theory and perturba-
tion theory. This combination is used to obtain a digital computer solu-
tion to the problem.,

Sampled perturbation theory has definite advantages over the two
popularly used techniques, the backward difference scheme and the
forward difference scheme. The forward difference scheme allows the
user to save computer time by solving the heat flow equations explicitly.
Unfortunately, this method becomes unstable when the sampling time
is too large., The backward difference scheme is inherently stable, but
unfortunately all the equations must be solved simultaneously. For
complex problems, this means that the computing time will be a maxi-~
mum, and very often the cost of the solution will become prohibitive.

The thermal model for sampled-perturbation theory is idealized with
discrete thermal nodes. For each node a heat balance equation is con-
structed. Using perturbation theory, this equation is linearized. Once
the differential equation is linearized, it can be easily operated on with
LaPlace transforms thereby transforming the differential equation into
an algebraic one, Application of the sampled-data theory to the equa-
tion for each node allows the user to derive a set of difference equations
which are solved individually for each discrete time interval.

Until now most work has been done under the assumption that only
the first emission of radiating nodes is considered, With the addition
of absorption factor theory to the problem, the solution is generalized
to include infinite numbers of emissions to radiating gray body enclo-
sures. This relaxation of constraints to the problem has been found to
be very important in doing transient analyses, especially when the view
factors between various nodes are large,

* Rosenberg, Morton Jacob, "Sampled Perturbation Theory as Applied
to Gray Body Enclosures for Numerical Solution of the Generalized
Heat Transfer Problem,'" Presented at ATAA Unmanned Spacecraft
Conference, March 1965,



A, RADIATION HEAT TRANSFER

Assume that N nodes are radiating with respect to each other. The
following analysis will assume that all bodies are gray and that the total
of N nodes makes up an enclosure. The latter assumption does not put
a major restriction on the problem because space itself may be thought
of as the all encompassing node., Therefore, in essence, an enclosure
is always present in the problem.

A radiation thermal balance on the ith node gives:

R o= Q

net (M-1)

rad., = Ql"ad
in out

The rate of heat loss (Qra d ) will be equal to the amount of heat
out
emission given by Node i.

The Stefan-Boltzmann law for blackbody radiation is

E, = o T (M-2)

If the radiant emission from a black surface were broken into its spec-
trum, it would be found that the emission is not equally distributed over
all the wavelengths. Monochromatic emittance may be defined as the
rate of energy emitted per unit area of emitting surface at a particular
wavelength, A ; then Eb may be shown to be:

Eb = gEb, N dAa (M-3)

(o]

The monochromatic blackbody emittance, Eb, is then some function of
the wavelength A. The Stefan-Boltzmann law applies only to blackbodies.

For a particular wavelength, the ratio of the monochromatic emit-
tance of a nonblackbody to that of a blackbody is known as the mono-
chromatic emissivity of the nonblackbody.

€x = Ex/Ep, 2 (M-4)

A gray body is a special type of nonblackbody and is defined as one
for which the monochromatic emissivity is independent of the wavelength
of the emitted radiation. From this definifion € in Eq (M-4) is a con-

stant value for the entire wavelength under consideration, To solve for

Y
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E of the gray body substitution of Eq (M-3) into Eq (M-4) yields:

E/SEb }\dh= € (M-5)
(o)

and from Eq (M-5) it is seen that

E = €Eb = eoT4 (M-6)

which is the emittance of a gray surface.

To calculate the rate of heat loss from Node i, Eq (M-6) must be
multiplied by the radiating area of Node i. This, therefore, gives:
N 4
Qrad B €iAi Ti (M-17)

out.
i

The heat entering Node i must now be considered. Heat transfer
rates that consider first emissions only may induce large errors in
temperature, particularly if nodes in the system are rather close to
each other,

To solve the problem, an absorption factor, Bji’ must be defined.

The absorption facior is the total fraction of the emission of the jth node
which is absorbed by the ith node. The thermal balance equation for
radiation then becomes:
N
Q =g €.A.B T4— Ach4 (M- 8)
net, R Bt S TS S ek

i &

It should be noted that this factor is only applicable to gray surfaces.

As derived in Appendix N,
N

By =Z Frr Py B + Fxi§ (M-9)
£=1

Equation (M-9) now gives a total of n equations for K =1, 2, 3, 4, ...,
n. It should now be noted that these equations are linear and that a
determinant may be set up to solve each BKi' These equations take the

form:

O ke
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(Fllpl - 1)B11+ F12p2B21+. ..t Fliei =0
(M-10)
Fn1p1B1i+ Tt (anpn i 1)Bni-'_ Fniei =0
This set of n linear equations can now be solved for the n unknowns Bli’
B,., ... B ..
21 ni

Since an enclosure is assumed, all emission of a Node i must be ab-
sorbed by all other nodes. Therefore,

Z By = 1 (M-11)
j=1
Putting this in a more useful form:
N
(1-B,) =ZBij (M-12)
i=1
it

It can also be shown that the following relation must hold:
BKj eKAK = BjK€iAK (M-13)

Combining Egs (M-12) and (M-13) with Eq (M-8) now allows the writing
of the radiation heat balance equation in a more convenient form:

N
Q =q =GZB..€.A.T.4—ce.A.T.4+B..e.A.T4 (M-14)
neti"Ri. 35 Sy R B iTiTid i1
j=1
it
Substituting Eq (M-12) into Eq (M-13) gives:
N N
q =cZB..e.A.T4-oe.A T+ e.a.T? 1-23 (M-15)
R, 1 S R Ty ii7i i7iti ij
=1 j=1
j#i it
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Equation (M-15) becomes:

N N
] 4 4 i
qRi = oz Bj; ATy - GZ Bjj€; Ay T (M-16)
=1 j=1
j#i j#i

Combining the two terms on the right side of the equation and applying
Eq (M-13), it is seen:

N
- 4 _ T4 -
IR, - aZ €Ay By (T - T;) (M-17)

=1

Equation (M-17) now becomes the heat transfer by radiation term to be
considered in the following heat transfer balance equations.

B. CONDUCTION HEAT TRANSFER

The theory of heat flow by conduction has been developed from the
fundamental equation:

- dT -
q, = KA an (M-18)

When considering the numerical approximation nodal technique to a
problem, the heat flow due to conduction between Nodes i and j becomes:

e, = Kyjhe, (Tj - Ty (M-19)
ij ij
- 1
Kij B L.k, + L..Kk, (M-20)
0 SR ¥ i N F A
K k. K,
C 1 J

where Kc is a contact coefficient and the kikj are thermal conductivities,

Equation (M-19) may now be summed over j to account for all nodes in
the system.

Substitution of Eq (M-20) into Eq (M-19) gives

A (T.-T.)
I i
9c. . 7 L.k +L.K (M-21)
ij 1 ij il
K + k. k.
C 1 J
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Once again, to denote conduction of the ith node with more than one
other node, a summation over j is in order on the right side of Eq
(M-21).

C. COMBINED HEAT TRANSFER

Assume a node of cubical dimensions, and write the heat balance
equation for this node.

%1 ~ 9ut t %nt T 9stored (M-22)

The heat stored term may be written as:
q., =W, CP. g7 (M-23)

Assuming that n nodes exist in the thermal model, the heat balance equa-
tion for the ith node may be written:

n n
ZAci.Kij(Tj - Ty +2Aco..hij(Tj - T
1Y 1

n

4 4 _ i _
+GZARijBiJ. ei(Tj - Ti)+ qi—WiCPi (M-24)
i=1

the first term being conduction, the second being convection, and the
third being radiation. Combining terms in Eq (M-24) gives:

3 n
4 4
Z Be K+ Ao, Py (T =T ¥ GZAR..Bij (Ty - Ty
i=1 3 1] = ij
dTi
tq = W;Cp F7 (M-25)

Now consider small changes or perturbations in the heat balance,
Eq (M-25), These small changes will appear in the heat balance equa-
tion as an addition to each of the various terms of the equation con-
sidered as variables. Perturbations of a function g(X) that varies with
X can be written as:

(Ol

.
.
.

-} MNDEA5DERE”
CletilllZgy i



g(X) =Z 6ngn(X) (M-26)

n=0

It should further be noted that g; (X) is a sufficiently smooth quantity
such that:

Lim €' g (X) = (M-27)
l—bﬂ
In order not to diverge from standard nomenclature, the notation A will

be used instead of Ae. The following perturbations may now be intro-
duced into the heat balance, Eq (M-25). These perturbations may be
considered as quite small and,therefore, the infinite series of Eq (M-26)
may be truncated after the linear terms involved. Therefore, the terms
to be added will appear as:

A K.. =A K.| +AA K,
. ij . ij c
J t. + At J t

hys (M-28)

B.. =B,.| +AB..
lJ}ti + At 13} : 1

Putting the perturbations into Eq (M-25) gives the following results:

n
Z ;Ac. (K v oKy + A byt Ahij)}
=1 1} 1]
n
o (M-29)
(Tj + ATj Ti ATi) + GZ{ARi_(Bij + ABij) (osi + Aei)
F Y

[(T +aT)E - (T +AT)4] +q. + =W, C Ty

j ] i i 9; *49; =Wy P, d7

AN =TTV
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The magnitudes of T i will now be considered as constants and the change
in these values will come about by the change in ATi. Therefore, al-
though Ti is considered a constant, ATi is not, and,therefore, Ti will
take on new values as a result of ATi. The perturbations in the thermal

properties, namely, AK, ij’ Ah,. Aey and Ag; may now be consid-

ij 4By
ered to be functions of the temperature of the specific nodes, or, if it
is appropriate, to be functions of time,.

With this fact in mind, Eq (M-29) may now be algebraically simpli-
fied:

dAT. n

i 3 _
WiCp, @ +l };(Acinij * Acoijhij * 4By o Ap 6iTi>ATi =
j: 1.]
n
z [Ac“(Kij + AKij) (TJ. - Ti) + Ac“KijATJ.
~ 13 lJ
i=1
(M-30)
t A, (gt AR (Ty- Ty + Ay, hyy AT,
ij 1)
4 4 4 4
+ GAR..Bij ei(Tj - Ti) + GAR..BijAGi(Tj - Ti)
ij ij
+0A. €. AB.(T2-THi40A. B.e.T3AT l+ +A
Ry “1071 i Rjj 11§ jsqi 9
Allow
afl = WiCP

RN MND-TZO’SO"F -2l i
R I &7 R RS A

o
eoe . 00




£, (1) = ZgAcij(Kij +AK ) (T, - T) + Acij K, AT,

+ A o..(hij + Ahij) (Tj - Ti) + Ac hij ATj

Coy5 °ij

+ g A (B..e. + B.. Ae +€AB..)(T4-T4)
Ry 41 T SSR Yy T

3
+ 4GARij Bij eiTj ATJ. + q; + Aqi
Then Eq (M~-30) becomes:
dATi
@, ———+ B, AT, = £,(1) (M-31)

where it must be noted for the purposes of this analysis that

; = constant
Bi = constant
fi(t) = a function of time.

By noting the form of Eq (M-31), it becomes quite obvious that Eq
(M-31) is linear in form. Since it is linear, it can be transformed by
means of the LaPlace transform.,

d AT,
Taking the LiaPlacian of the left side of Eq (M-32) gives:
dATi
2 s + B, AT, =£{ais 4 Bi};f(ATi) (M-33)

Therefore, Eq (M-32) becomes:
£ {aiS + 'Bi}' (AT = £ {fi(t)} (M-34)

The LaPlace transformation of ATi is then seen to be:

S aRica=m o
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L (aT)) = fgfi(t)i-{———l—} (M-35)

aiS + By

Equation (M-35) is very important in the solution of the problem and
may be represented pictorially from the standpoint of control system
theory:

£ {10} 1 £ {AaT; ¢
g —a‘;grﬁ—l— —»

Fig. M-1

— 1
ariS + B
may be thought of as the transfer function, and & ;ATig is to be con-

In Fig. M-1,& ;fi(t)i may be considered to be the input,

sidered as the output of the control system. The quantities Ti for
i-1,2,..., nwill change as a result of the perturbations ATi for
i=1,2,..., nduring transient conditions. This leads to the point
where sampled data theory must be introduced.

Pictorially, the introduction of sampling technique to the problem
may be seen in Fig, M-2. In this figure, samplers are shown operating
on the input ,fifi(t)s before it reaches the transfer function, and operat-

ing on the output, & ;ATii. Note that the sampled properties are
labeled with an asterisk, such as & ; fi*(t)z and £ %ATi*; )

Sampler a—fw Sampler
i i

24t 0] L4170 L1ty L1477

Fig. M-2

.
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The short period of time during which perturbations occur is defined
by P. The sampled function f “(t) can then be represented by:

fi’"(t) = 6P(t) fi(t) (M-36)
where
6P(t) = Z 6 (t - nP) (M-37)
n=0

Note that Eq (M-37) is defined as the unit impulse function occurring
at nP times.

1 . . sk
In order for m (a continuous function) to operate on & in (t)%

(a sampled quantity), the latter must be smoothed out into a function
which is defined at all points in the time domain, not only those points
that are sampled. To accomplish the smoothing out of the pulsed data,
f “(t), supplied to the transfer function, a zero order holding function is

1ntroduced. The zero holding function approximates the time function
between two consecutive sampling instants ((j - 1) P and jP) by a zero
order polynomial or a constant equal to the value of the function at the
beginning of the interval in question. Higher order holding devices may
be utilized, but the mathematical representations become more involved
than those of the zero order hold. The holding device must now be in-
serted into the control circuit. The LaPlace transformation of a zero
order holding function may be written

—_—— 1 -

(M-38)

0]
2
0

With the insertion of this holding device, Fig. M-3 now represents the
complete sampled data control system needed to complete the solution
of this general heat transfer problem.
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Using Eq (M-38), the equation for f(ATi) can be obtained:

-PS
- K 1 - e . 1 -
£(aT)) = i;fi (t)f -<—————S > ("‘is+ Bi> (M-39)

The problem now centers itself in finding the L.aPlace transformation
of fi*(t). It has been shown that

£5(t) = 65t £ (1) (M-40)
8p(t) = ) 6(t - jP) (M-41)
i=0
Then -
£t = ) £GP s(t - IP) (M-42)
=0
Now take the LaPlace transform of Eq (M-42) to give:
211w} Z £.(5P) 8(t - Jp)l (M-43)
4 S
2t} = Zfi(jP) 346t - P} (M-43a)

j=0

This LaPlacian can easily be derived and leads to:

f (t) ?f(JP)e ] (M-44)

By taking the Z-transform, Eq (M-44) leads directly to a difference
equation with respect to time. Taking the real part of the equation leads
to an expression of the final form:
()
Q.
1 .

o,
1 i

fi(K -1 +e ATi(K - 1)

(M-45)




or
B;P
fi(K - 1) a; fi(K - 1)
ATi(K) = [ATi(K -1) - — B e + 3 (M-46)
i i
allowing
fi(K - 1)
Y. -1)s ———— -
1(K 1) B (M-47)

The final equation becomes:

B;P
o,

1

AT, (K) = [ATi(K - 1) - %K - 1)]e( $ K -1 (M-48)

Equation (M-48) now represents the change in temperature for the
second node in the thermal system within the K time interval. Adding
this calculated value to the temperature of the second node in the last
interval yields the new temperature considerations for this node. As
is seen, the calculation of temperatures becomes one of explicit solu-
tions with large time savings over implicit solutions; furthermore,
this solution is inherently a stable one.
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APPENDIX N
ABSORPTION FACTORS

View factor determination for solving the generalized radiation heat
transfer problem is also necessary for the solution of space vehicle
temperatures. Direct use of the view factors in the radiation heat
transfer problem was sufficient for close approximations for the simple
early types of spacecraft. However, as spacecraft design becomes
more complex, the accurate solution of the radiation portion of the heat
transfer equation becomes more and more dependent on reflections
within the system. Use of view factors only in the equations yields only
initial impingement and absorption from one node of the thermal system
to another and disregards the energy which is reflected from the imping-
ing node to other portions of the thermal system. For accurate solution,
a method for determining the infinite reflections within the system be-
comes very important. This method is that of absorption factor de-
termination and is directly applicable to the nodal radiation heat
transfer equations in use today.

Assume a thermal system exists which consists of N nodes forming
an enclosure. Each node in the system is to be considered at a constant
temperature, although all nodes in the system are not at the same tem-
perature, and the properties of all nodes are totally diffuse. The total
emissive power of a Node i in the system is represented by the value Ei'

According to the conservation of energy law, all energy leaving this
node must be absorbed by the other nodes in the system. (It should be
remembered that the system is an enclosure, and all energy remains
within the system.) Therefore, Bij is defined as the percent of energy

emitted by i which is absorbed by the j node; this is known as the diffuse
absorption factor. From this, it is seen that the sum of the emitted

energy from the i node, taken over the entire system enclosure, must
equal unity,

Therefore:

N

B.. = 1. -
Ly Tij 1.0 (N-1)
)

L]

The total energy emitted by the i node and absorbed by some other j
node may be written as Ei Bij' The energy emitted and absorbed by the

j node is made up of two distinct quantities:



(1) That which goes directly to the j node and is absorbed

(2) That which is reflected from other nodes in the system and
is eventually absorbed at the j node.

This may be written:

Energy emitted Direct energy Reflected energy
from i being = from i being + from i being (N-2)
absorbed at j absorbed at j absorbed at j

This equation simply states that the sum of the parts is equal to
the total.

The direct energy emitted from i and absorbed at j is simply the
percent of energy from i which impinges on j (shown, for the diffuse
case, to be simply a geometric factor labeled the view factor, Fi')’

multiplied by the percent of energy that the j node absorbed (aji). The

absorptivity is constant with respect to all nodes.

Therefore:

aji = ajl = ajz =, ., ., = ajN = aj (N-3)
and, as shown by Kirchhoff's law:

€. = Q. (N-4)

where ej is the emissivity of the j node. The direct energy being

absorbed at the j node may then be written:

Direct energy
fromibeing = E, F..o.=E. F.. €.. (N-5)
absorbed at j ) vt

Assume that a portion of the total energy emitted from the i node
arrives and is absorbed by the j node after reflecting from other nodes
in the system. Assume a general L node exists in the system from
which a portion of the emitted energy reflects. The amount of energy
from the i node which impinges on the L node is:

Eip =B By

where EiL is the amount of energy from the i node impinging on the
L node.

(N-6)
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The total amount of energy reflected from the L surface is:

E; =p; E (N-7)
or, simply:
EL =Py Ei FiL (N-8)

A certain percent of this energy will be absorbed by the j node, and by
definition of the absorption factor, it is seen that this is equal to BLj'

An important point is that the reflected energy from the L node may be
treated as an emitted energy since the reflectance is constant in all
directions (because it is a diffuse node). Therefore, the EL shown in

Eq (N-8) may be treated as an emittance from Node L, and the amount
of energy which is absorbed by the j node from this node is EL BLj'

Therefore:

Reflected energy from the

i node which is reflected _ E.F..p. B
from an L node and ab- i iL"L TLj
sorbed by j node

(N-9)

Since this L node was a general node in the system, the total energy
reflected which is absorbed by the j node from a simple summation
over the entire system is as follows:

N
Total reflected energy _ )
absorbed by the j node Z E; FipPL Br (N-10)
L=1

Substituting all values solved for into Eq (N-2):

N

E. B.. =E. F..€.+Z E. F,
i™ij 17473 i

iLPL Brj (N-11)
.71

Since the summation is over the L and not i, it may be divided through
by Ei’ yielding:
N

Bij = Fijej + Z FinL BLj (N-12)
L=1

soer
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Equation (N-12) may be solved using standard matrix solutions and
yields a closed form solution for the absorption factors within a system.
The solution of all absorption factors within the system now allows the
user to write the general radiation heat transfer equation for radiation
in the general Node i, as:

dTi N

CPi Wi a7 7% + o Z A1€1B1;| (T T ) (N-13)

J=1
Where

CP. = specific heat of Node i

Wil = weight of Node i

Ti = temperature of Node i

T = time

Q = internal heat of Node i

o = Stefan-Boltzmann constant

Ai = area of radiation of Node i

€ emissivity of Node i

i = absorption factor from Node i to Node j
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APPENDIX O

DESCRIPTION OF MARTIN T-CAP-III THERMO-CHEMICAL
ABLATION PROGRAM

The T-CAP-III digital analysis program considers the ablative layer
to consist of a char layer, pyrolysis zone, and virgin ablator material,
each of which is characterized by a density profile. Where applicable,
a melt layer is superimposed on the char. For general application, the
capability of handling an arbitrary composite arrangement of ablator,
insulator and internal structure is included. The surface boundary
conditions include arbitrary heating functions versus time based on
convection and radiant heating histories, heat input due to char com-
bustion, heat blocked by mass addition to the boundary layer, radiative
cooling from the hot char surface, and heat absorbed due to vaporiza-
tion in the melt layer. A program option is also available to describe
the surface boundary condition as a temperature-time history. Surface
recession resulting from char oxidation or melt layer flow and/or
vaporization is computed with a special option available to read in the
surface recession rate as a function of heat input rate or surface tem-
perature. The nonablator material properties input data are considered
either in the equation form as power series functions of temperature or
in curve form as arbitrary functions of temperature. The ablator
thermal properties input data are considered in curve form as functions
of both temperature and density. The rate of change of the ablative
layer density profile and the resulting pyrolysis products mass flow are
calculated utilizing reaction kinetics of the ablator with nth order reac-
tion data based on thermogravimetric analysis. A summary of applicable
equations and required material property inputs is contained in Tables
O-1 and O-2.
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TABLE O-1

Summary of Ablation Equations in T-CAP III

Purpose General Equalions
Surface heat balance g T =h , (H.,-H,) +q -m M (H.- Ytr pAH-oeT4
9x bl ¥’S "W T v S H’W c "e™r w
Section 1 surface
aT 9 aT . aT -2
Ablative layer heat pC_— =% (k—) -m_(x, tyC_ — +f L -=—
balance p ot ax x v pg 9x pp p at
Section 2
aA n PPe -E/RT
Ablator degradation <~ =~ k_ A" where = . k Ae , n = reaction order
at T -p r
Section 3 p "¢
plx, t) A = A (x, t)(pp-pc) te,
e PP
Ihv(x,t) ='fp S\%dxwheref:—u
PO p
Surface recession Burning rate limited
Section 4
[Pe Cozl i Ky
r, = o k1 e where kland kz are burning rate constants
c
Oxygen diffusion limated
hnet I"e C0 YVO/WO
2 2
- o)
r =
pC
Flow
v 1 d e d d ¢
=\ = = = ay 9\ ¥
Trow SRdx (u R) dy where u TSﬂ+dXSde
o] 0 o]
T = aerodynamic shear stress
[ = melt viscosity
dp/dx = local pressure gradient
R = body radius
Vaporization
h
net 1 Molecular weight of air
r = —%— ———ot— where M =
vap p P Molecular weight of vapor
melt M( 2)
Py P, = local ambient pressure
p, = vapor pressure at ablating
surface
Internal structure c T _ a3 k8T + 3 (i aT
and 1insulation heat b p 8t ax ax 8y ay
balance
Section 5

MND-2050-F-2
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Material

Virgin material

Pyrolysis zone

Char layer

TABLE O-2

Material Properties

Property

Density
Specific heat
Thermal conductivity

Activation energy

Rate constant

Reaction order

Mass fraction (total pyrolysis)
Molecular weight of gas
Enthalpy of gas

Heat of pyrolysis

Density
Specific heat
Thermal conductivity

Emissivity

Combustion rate constant
Combustion activation energy

Heat of combustion

Heat of vaporization or sublimation
Heat of melting

Melt viscosity

Molecular weight of vapor

Insulation and Structure Density

Specific heat
Thermal conductivity
Emissivity

Coolant enthalpy

DT i
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APPENDIX P

DISPERSION ANALYSIS

Chapter VII has discussed the importance of restricting dispersions
to a tolerable level measured in plus or minus a few hundred miles.
However, the burden of proof in actually achieving such restrictions
can only be expressed in terms of the confidence level placed on the
dispersion itself. To this end, statistical theory lends itself quite
readily by actually assigning confidence levels to impact patterns. It
is the purpose of this appendix to present an outline of the basic theory
and analytic suppositions that have been used in the generation of dis-
persion contours.

A. THEORETICAL BACKGROUND

Assuming that linear theory holds, the covariance matrix of errors
can be obtained at any time, tj’ provided that the covariance matrix at

some earlier time, ti’ is known. The equation relating these errors is

T _ -
¢(tj, ti) CVti é (tj, ti) = CVtj (P-1)

where ¢ (tj’ ti) is the sensitivity or state transition matrix from time ti

to time t., ¢T (tj’ ti) is the transpose of this matrix, and CVt is the
i
covariance matrix at time ti’ In Eq (P-1) and subsequent discussion it

should be understood that the reference of time can be interchanged to
a reference of constant altitude as well. The following discussion,
however, will refer to the time reference.

The covariance matrix, CVt , represents the state error at some
J
time tj that can be associated with a nominal trajectory.

A sightly different form of Eq (P-1) is obtained when tracking data
are factored into the system. In this case a ''best estimate'' of the
nominal trajectory can be obtained via weighted least squares methods
by using these tracking data. Filtering techniques have been developed,
where linear theory holds, to predict the covariance matrix that is
associated with the predicted nominal trajectory. Thus, if tracking
data are taken until some time t there will exist a nominal trajectory



and a tracking covariance matrix, TRCVt , based on these data. If no
i

further data are recorded and one is interested in knowing what the

covariance matrix of errors is at some later time tj, this can be ob-

tained by using (P-1) to obtain
6(t., t.) (TRCV, ) &L (t., t.) = CV, . (P-2)
31 ti )y 1 tj

If no other errors are introduced into the system, Eq (P-2) is suf-
ficient to determine the errors at any time t. Unfortunately, when a
velocity impulse is added to the velocity of the nominal trajectory at
some time t,» new errors are introduced into the system. Some of the

questions that naturally arise from such a stituation are:
(1) What type of errors are actually introduced into the system?

(2) What type of a covariance matrix representation would these
errors have?

(3) What is the total error at time to? (That is,how is this new

covariance matrix added to the tracking or state covariance
matrix?)

(4) How is the total error obtained at some later time?

The following analysis is designed to answer these questions.

B. ANALYTIC ANALYSIS

1. Shutoff Error

Due to the uncertainty in the burn time,there exists an error in the
magnitude of the velocity impulse vector. This error is in the same
direction as the AV vector, and the magnitude of the error can be repre-
sented by taking a percentage of the magnitude of the AV vector.
Assume CA represents the appropriate percent.

The AV vector is defined as
= Axi vi + Azk P-3
Av=Axi + Ay + Azk (P-3)
where i, j, k are orthogonal unit vectors in the base or reference

system. Ax, Ay, and A z are the components of the AV vector in
this reference system. Another orthogonal unit vector (called prime)is
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(P -4)

where i' is a unit vector in the AV direction and x denotes the vector

product.

and is in the direction of the AV or i' vector.

The magnitude of the shutoff error is

o, =CA |av]|

A —_

for shutoff errors is

2

o

[ev]-

0 O
0 0 O
0 0 O

(P-5)

The convenience matrix

(P-6)

This matrix is defined in the i', j', k' unit vector system. By the
following steps the covariance matrix for shutoff error is transformed
back to the reference system (I_’.QLE.) In matrix form

r '] a, a, a i
. 1 %2 %3] | X
| .

o7 |1 b2 Py
f

.£‘J ¢y ¢y Caf | K

_i_. a, b c1 i
= -
3 29 by S| |

1
X ag bgocgl | K

31 29 23
o] - oy s
C1 C2 C3
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where Q-l and QT

Q. For an arbitrary vector, A, th

A

—

= Xi +Yj+2Zk =X+
- — a—t iy

Therefore, the origins of these two coordinates coincide.

(P-10)

are the inverse and the transpose of the matrix

e following is true

Y'j! (P-11)

=

+ Z'k'
2

In matrix

form
X FX'
r=|v| el -|vf [oix]
Z R z' (P-12)
B :
al b1 cl X
= az bz CZ Y [:):.& ._:l(.l
]
a.3 b3 C3 Z
In matrix form
7 :
X a1 b1 cl X
[R]= Y = aZbZCZ Y' (P-13)
Z b Z'
%3 73 %3

vector in the i

[ch %: - [QT] [cv]

Then the covariance

and in matrix form

[ev] -[eTlev][e]- o2

, j» k unit vector system is

7| - [l levllel |2
X K,
(P-14)
f_ 2 =
1 (a;35)  (a) a3)
(a; a,) a22 (a2 a3) (P-15)
L(a1 as) (a, a,) a: |
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The elements of this covariance matrix for shutoff errors depend

Note:
completely on the components of the unit vector i].

2. Coning Error

Another error that arises when injecting a AV impulse into the sys-
tem is the attitude control error, called the coning error. This error
is dependent on the magnitude of the AV vector and the ability to control
the direction of this thrust vector as is illustrated in the diagram,

Velocity before thrust / 240

AV vector

wiror ellipse due to attitude
control error

lav] (ae)

The treatment of this error will depend on the following assumptions

For a small angle A0, the base of the cone can be considered
a circle in a plane perpendicular to the AV vector.

(1)

For small A8, the radius of the cone is approximately

(2)
|AV] (A8).

Define a new unit vector system (called double prime) whose unit

vectors are

k" = —— . .
= v o Lt hir ik

k" x k
T . . (P-16)
—_ k" x k dll-+ dZ.J_.

-— —
Jo s RIxL se i te i tegk

where i, j, k are the same reference unit vectors in the shutoff error
section. There is no component of the i'" unit vector in the k direction
el

since i'' is perpendicular to it.
iy
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The magnitude of the coning error is

o= |AV| A6 (P-17)
r ———

The coning error will be described only in the pitch and yaw planes and
therefore, the covariance matrix for the coning error in the i'", j'", k"
system is

0. 0 0
1 2
0 0 0

Again for an arbitrary vector, A, the following is true
A=Xi+Yj + Zk = X"i" 4+ Y"j" + Z" k" (P-19)

Using the same matrix technique described in the shutoff error section,
the covariance matrix for the coning error in the i, j, k system is

’_dl °1 5 Fcrz 0 0 Fdl 4 0 (P -20)
cy, = d2 ey f:2 0 Grz 0 e1 e2 e3
—0 e3 f3_ _0 0 04 _fl f2 f3_J
or r(dzﬂt-e 2) (d,d, +e.e.) e e-
1 ¢ 1% T%1%2" ©¢;°3
CV = orz @,d, +e e) (d22 +e22) ey € B-21)
[ ®1°3 €2°3 °% ]

3. Total Covariance Matrix

Since the shutdown and coning errors are independent of each other,
the covariance matrices, CV1 and CV2, can be added in the normal

matrix fashion to yield

CVgy =CV, +CV, (P-22)

This covariance matrix, CV3, represents errors due to both shutdown
and coning. It should be noted that CV3 is a 3 by 3 matrix and repre-

sents an error in velocity only. The following 6 by 6 covariance matrix
is completely representative of the mentioned errors

EOFHDE AL

.ot :MI)IP_=ZQE;0,-:E‘.—,2 -l
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cv, = |2-n 2l
3 [0 ECVJ (P-23)

The total error at time to must be a function of CV;, TRCV and/or

CVt and since the associated errors are independent, the total error
i
can again be obtained by normal matrix addition. Thus,

CV.  =TRCV +CV. (P-24)
tot 3

and now that CVtot has been obtained,it is just a matter of formality to

propagate this error from time t_ to t, by means of Eq (P-1). Thus,

T

Ccv (ti) =0 (ti, to) CVtot ) (ti, t ) (P-25)

o)
where CV (t.) is the covariance matrix at time ti in the i, j, k coordinate
system.

It is often desirable to obtain the covariance matrix in a downrange,
crossrange, altitude coordinate system and this can be obtained by con-

sidering the following transformation. ILet 1 denote the downrange

direction, j the crossrange direction, and k the altitude direction. If
R and V detiote the position and velocity of a particle in the nominal
orbit at time tl then

It is often desirable to obtain the covariance matrix in a downrange,
crossrange, altitude coordinate system and this can be obtained by
considering the following transformation. Let i'l' denote the downrange
direction, jl the crossrange direction, and k'!' the altitude direction.
If R and V denote the position and veloticy of a partlcle in the nominal
orbit at tlme t;, then

R
ey —_— = . .
X o= —x - Ml ny ko
Lo REL ) -2
EIN RxV 1Lt Myt myx
— i
ito= x k'™ o= 10i 41§ +1 k

*:MND=2836.- T2
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where i, j, k are the same unit vector system defined previously. Using

an arbitrary vector, A,
A: Xi + Yj + Zk = Xllli|l| + Ylllj|l| + lelklll (P_27)

This implies that the transformation matrix is

[ | 7
11 1 13 I
m, m,m !
: (P -28)
mp fe M3
SO T
. 2 3
m_m _m
| 3
In n n
i P12 T
then the covariance matrix in the i''', j''', k''' coordinates at time ti is
cvr = T
A% (ti) s CV (ti) S (P-29)

C. NUMERICAL ANALYSIS

This technique, carried out numerically, now enables one to interpret
the covariance matrix CV' (ti) to obtain the dispersion pattern to any

degree of confidence. For example, if all covariance matrices are
represented in their 30 form rather than in the standard lo form, then
the resulting dispersion ellipse will represent a 30 impact boundary.

It is most important to realize that this analysis and the following
numerical analysis do not attempt to account for double failures. For
instance, the probability of a malfunction in the abort system is not con-
sidered; the system is presumed to carry out its function within pre-
scribed limits.
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1. Ascent Phase

During the boost or ascent phase it is assumed that the error in the
launch vehicle's state vector is self-generated; i. e., no outside influence
such as tracking can improve the vehicle's state. The state covariance

matrix, CVt , can be expressed thusly:
30.)
( . .
(30‘Z)
O (30,)>
y )2

1
-, :
(30.) 9 O
Vi T (305)°
(30’é

where 3 L 3@~ - three sigma variation in position and velocity,
X . .
respectively, along the x - axis;

3 d"y, 3e~. - three sigma variation in the position and velocity,
respectively, along the y - axis;
and 307, 3 o - three sigma variation in the position and velocity,

respectively, along the z - axis.

The variances were obtained by means of simulating the boost flight
in the presence of propulsion and guidance system errors. For arbi-
trarily selected times during ascent, the following table is compiled

showing the numerical (30)2 used in the analysis.
TABLE P-1

2 .
(30)” Variances--ETR Launch Trajectory for Titan IIIC

Time from (3(;X)2 (30y)2 (30.)° (305()2 (30,)° (30,)2
Liftoff 2 2 %2 2,2 2) o 2 4
(sec) (km®) (km”) (km®) (km®/sec?) (km“/sec®) (km*/sec®)

160 129, 25 17.78 51.21 0.0146 0.0016 0.0005
260 1046.78 77.41 32.29 0.1146 0.0028 0.0011
360 4537.37 204.08 28.90 0. 1480 0.0032 0.0024
460 11459.7 411.81 0.60 0.1884 0. 0040 0.0015
660 49729 561.22 0.28 0.0412 0. 0040 0.0003

Injection 104976 719,37 0.10 0.00001 0. 0040 1x 10-8
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The injection covariance matrix was then propagated to various

range angles (various altitudes) along the transfer trajectory. Here
again it was assumed that the abort would have to be preprogrammed
or timed either before flight or at some time near injection, and hence

no improvement in state vector knowledge exists.

The propagated

covariance matrix now takes on the following form:

2
(3e)
(9O“VC") (30“7)2 symmetrical
(9 o ) (9 o~ ) (3e7 )
7~ v Ry  y Ry Ry X
CV. =
L | Qe on ) Opaye ) (9po . op ) (307 )
P v Re ¥ R P Ry Re RC

2
Vpe o) Opoy o) Op rRDa-t) (9PrRC°—t) (36—t)

-

where @ is a correlation coefficient and the three sigma subscripts
are:

120

v - inertial velocity
¥ - inertial flight path angle

RD - dovanrange
RC - cross range

t - time

Table P-2 records the values for the range angles of 30, 60, 90,
and 180 degrees.

After orbit is attained, it is assumed that tracking information will
be available for the updating of the primary vehicle's ephemeris and
that the preliminary vehicle's (e. g., Nimbus) attitude system would be

at the RB disposal.

unc

For this situation the uncertainty in state is the
ertainty in tracking, The tracking covariance matrix is CVTR and

is equivalent in form to CVt . The 3¢ variances used are:

1

(30x)2 = (30y)2

(30}-()2 = (305,)2

=(302)2 = 0.003716 km?

2 2

= (30,)% = 0.9029 107 km?/sec

T D i
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TABLE P-2

Propagated Covariance Matrix Transfer Orbit

2 2

e e N B« T -~
L Angle x10 x10 x10 x10 x10 x10 x10 x10 x10 . -
’"“; (deg) (km/sec)? (deg)2 (rad) (rad)? (ft/sec-deg) (rad-ft/sec) (rad-deg) (ft)  (sec-deg) (sec-rad)  (sec) e
% ﬂ' 30 0.1405  0.5981 0.2457  0.2916 -0. 8434 0. 1635 -0.8500  0.1418 ~-0.7465 0.01801 15.522 :f:::
H’g ' 60 0.1468  2.657  0.2512  0.5179 -1. 964 0.3325 -4.422 0.2932  3.903 0.06656 58.663
&’g 90 0.1565  8.560  0.2652  0.6177 -3. 658 0.5811 -13. 57 0.5251 ~-12.27 0.1950  176.194
'%j 120 0.1675  28.04  0.3077  0.4886 -6. 851 1.036 -42. 38 0.9714 -39.75 0.6007  563.533 ":':
. 180 0.1792 1015. 2. 340 0.1795 -42. 64 6. 128 -1459 6.309  -1502 21.58 22223.9 :"::
i




There remains now only to specify the thrust (AV) cutoff and align-
ment error before the propagation to impact can be carried through.
For 3o thrust cutoff error,CA = 1% (see Eq (P-5)) and for the 3oconing
error, A6 = 5°, Minor contributions to the coning error are incurred
during the ascent phase.

Table P-3 catalogs the results of the error propagation for aborts
from each of the specified points using a AV = 1500 fps. Three sigma
dispersions in downrange and crossrange yield impact areas contained
by elliptical boundaries. For the two random variables of downrange
and crossrange, the boundaries represent a 99% confidence level that
impact will occur in the enclosed area.

TABLE P-3
30 Dispersions in Impact Position

0 and 1500 fps Deorbit Velocity

Launch Phase

D . Downrange Crossrange Reentry

eorbit Di . Di . Ti

Velocity Phase ispersion ispersion ime
AV Time ARG AR 'R
(fps) (sec) (naut mi) (naut mi) (min)
0 160 16 4 2.7
0 260 78 8 4.3
0 360 119 12 4.5
0 460 454 18 7.8
0 660 504 21 9.0
1500 160 18 8 2.3
1500 260 32 7 3.5
1500 360 94 14 3.7
1500 460 239 17 5.7
1500 660 225 19 6.7
1500 Injection 832 384 31 15.3

Transfer Orbit and 600-Nautical Mile Circular Orbit

Downrange Crossrange Reentry
Dispersion Dispersion Time
Range Angle ARp ARe 'R
(deg) (naut mi) (naut mi) (min)
30 314 34 17.0
30 spin stabilized 208 34 12.0
60 237 34 19. 6
60 spin stabilized
90 218 36 22.2
120 217 37 23.5
150 285 39 23.6
180 526 38 23.0
Circular orbit 50 19 30.0
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APPENDIX Q
THERMOELECTRIC ANALYSIS

First, a brief description of factors that influence generator design
parameters (number of couples, thermoelectric efficiency, output power,
couple junction resistivity, etc,), will be presented and then the analysis
will follow,

Most basic is the fact that at the end of life, fuel decay causes oper-
ating temperatures to be at their lowest values and thus the generator
must be designed to produce the 250 watts(e) at this time to ensure pro-
ducing this minimum at all other times. During the life of the system,
fuel decay is a large contributor to power degradation with Sr-90,
amounting to 13, 2% change in thermal inventory based on the end-of-life
value, The corresponding change in output power is greater than 13,2%
at beginning of life due to increased operating temperatures, This effect
has been shown in Fig, Q-1 along with several other effects that will be
discussed, The power axis shown in this figure is not meant to be accu-
rate but merely indicates the qualitative aspects involved,

The second largest contributor to power reduction is degradation of
the thermoelectric couples with time, The selected configuration has
been sized to accommodate couple degradation using degradation rates
based on the two-year operation of five AirVac modules at RCA,

A further allowance must be made for variations in degradation to
ensure that the 250-watt power is met within the reliability specified
(e.g., 0,95 reliability after five years), It is possible, by extensive
testing, to determine the statistical distribution of the degradation and
to select a design value at end of life several standard deviations above
the norm in order to guarantee minimum power,

With statistical data on catastrophic couple failures, generally be-
lieved to occur primarily during launch but possible to occur at any time
during mission life, allowance can be made for discrete couple failures
(usually open circuits), The reliability analysis discussed in Chapter VI
shows that with an assumed couple failure rate of 0,0035% per 1000 hours
(based on SNAP 10A SiGe data), up to five discrete couple failures must
be allowed during the five-year mission to meet the reliability goals of
0.95 after five years and 0, 99 after one year, With five allowed failures,
10 extra couples will be required since loss of one couple in a two-string
parallel arrangement will deregulate the adjacent couple so as to cause
almost total loss of power in both couples, In the design presented, no
allowance was made for this catastrophic failure since the statistical
SNAP 10A data (used as the only estimate available) were not available
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until after the design was frozen, It is estimated that the system would
weigh another 1 to 2% due to the addition of the extra couples, extra
fuel, extra radiator, etc,

A small allowance must be made for fuel loading and calorimetry
tolerances, presently +3% for Quehanna Laboratories, to ensure that
EOL power does not fall below 250 watts, This information was avail-
able early enough to be factored into the design,

It is also of importance to mention that tolerances of several percent
exist in BOL thermoelectric properties but with initial electrical testing
the departure, if any, can be determined and compensated for by an ad-
justment in fuel inventory (to the +3 % fueling accuracy).

With these considerations in mind, the thermoelectric analysis will
now be presented based on the thermoelectric property data supplied by
RCA (Appendix J) as measured in a partially aged condition (1500 hours),

This analysis was performed on the Martin digital computer code,
Since the results apply to a generator at the end-of-life condition (5 yr)
the first computation was to correct RINE the N element Seebeck coeffi-

cient (as presented in Appendix J) by increasing all values 4,2%, The
reasons for this correction, as well as the basis for this particular
value, will be described here,

On the N element of SiGe, an increase in electrical resistivity and
Seebeck coefficient occurs with time, The changes are caused by the
precipitation of excess dopant from solid solution with a resulting
modification of the carrier concentration, The N-type SiGe alloys are
doped to the solid solubility limit at very high temperatures. Since the
solid solubility decreases with decreasing temperature, excess dopant
develops and is precipitated when the alloy is operated at lower tem-
peratures, i.e., an equilibrium is established for each temperature
level, The loss is not retrievable when returning to a higher tempera-
ture, The deterioration of the carrier concentration is therefore per-
manent but small if the couples have not been operated for any length
of time at the lower temperature levels., Due to the inverse dependence
of the resistivity and the Seebeck effect upon the carrier concentration,
their values will increase somewhat with time in the normal use of the
couples (the N-type component), The thermal conductivity, chiefly a
lattice effect, is little affected. The P-type material does not generally
undergo any changes in its normal use,

The net result is that these changes must be factored into the end-
of-life design point analysis since T/E data from RCA is taken at the
1500-hour point, The resistivity increase is handled by extrapolating
the total internal resistance of experimental module data (e,g., SNAP 17A)



to the mission time desired (a straight line on a log time plot) and then
using the attendant contact resistivity.

The Seebeck effect increase on the N element is most appropriately
handled by use of the SNAP 17A averaged (over seven SNAP 17A modules
containing 50 couples) Seebeck data observed, for which the relation

E(t) = 275,113 + 8,734 log, .t holds, where E = open circuit
- 10
voltage and t = time (hr.)

Again, this relation is a straight line on an E versus log t plot.
Since data exist in excess of 10, 000 hours, this line may easily be ex-
tended another decade,

Thus, for a five-year mission (43, 800 hours), the percentage in-
crease in N would be computed as

43,800 ~ 1500\ 009, - 8.734 [log (43,800 - 1og (1500)]
E c00 o 275,113 + 8.734 log (1500)

x 100% = 4,23%.

The next computation was to determine an appropriate junction elec-
trical resistivity that would be applicable to the 250-watt generator after
five years of operation, SNAP 17A test data provide a most meaningful
basis for this prediction since the modules tested under that program
were consistent in their behavior (reproducible) and since this couple
construction will be similar to SNAP 17A. As shown in the statistical
analysis (Ref, Q-1 of SNAP 17A data, average couple resistance on those
modules is described by RCA as a straight line on a plot of total re-
sistance versus the log10 of time, viz,

R(t) = 38,512 + 7,467 log, ot

where
R = total couple internal resistance (uQ)
t = time (hr).

Data exist for two years of operation and because of the linearity of
this relationship, on a log-time plot, extrapolation for five years of op-
eration has been made,

From this five years of couple resistance data, junction resistivity

can be directly determined by subtracting the resistances of the ele-
ments, hot shoes and cold stack members, The result is that after
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five years, the junction (contact)resistivity per couple will be 1800

pﬂ-cmz, based on the RCA equation.

The equation used by RCA essentially presents an average value of
resistance describing SNAP 17A modules. Rigorously, one should use

the 30 value of resistance to assure that 99+‘70 of the modules will pro-
duce at least the required power, This rigorous statistical approach
was justifiably not used in Phase 0 since there was very little scatter

in the data and the net result would not have been substantially different,
In Phase I, provided additional life data are available, the 30 approach
will be used,

The thermoelectric analysis itself was performed by a digital com-
puter code developed by Martin several years ago. The technique used
is described in detail in Ref. Q-2 and will not be repeated here.

The thermoelectric computer analysis was performed for junction

resistivities of 1200, 1800 and 2400 uQ—cm2 to determine the effect of
a variation in this resistivity.

Hot junction temperatures of 1300°, 1400° and 1500° F were used in
conjunction with cold junction temperatures of 400°, 500° and 600° F,
All computations were performed for 3/4-inch length elements and a
gross electrical power of 275 watts (net power of 250 watts),

The results are presented in Figs, Q-2 through Q-5,

The nominal operating point at end of life for the 250-watt RTG is
1450° F on the hot junction and 550° F on the cold junction, From
Fig. Q-2, the thermoelectric efficiency is 5.43% for a resistivity of

1800 uQ-cmz. Figure Q-4 shows that for 28 volts net and a simple
series connection, 198 couples are required, For a series parallel
connection, 396 couples are necessary, From Fig, Q-5, for the
series-parallel connection, it can be determined that the required N-

and P-element cross-sectional areas are 0,091 and 0,056 in, 2, re-
spectively.

REFERENCES

Q-1, "High Temperature Cascaded Thermoelectric Module Develop-
ment Program and Module Testing, ' NYO-3484-42 for the period
April 1, 1965 to June 30, 1965, Second Quarterly Report, Power
Level Analysis of SNAP 17A Developmental Modules as a Function
of Operational Life, "
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APPENDIX R

BEGINNING-OF-LIFE ELECTRICAL CHARACTERISTICS

A, ANALYSIS

The equations that describe the RTG during its life once an end-of-
life design has been selected™ are

oc = Ne(Ty - Tp) (R-1)

< - IEN| rag (R-2)
Poly Pl

Ri=[ip+ NN]N (R-3)
P Ax

Ry =R, +R_ (R -4)

c N Ap
EOC
I - - (R-6)
R+ R,
vy, = IR ** (R-T)
P =1°R (R-8)
L
ENA kK. A
N Spfp
q=< + >N(T -T )+ ea  IT..N
7 i - 1Ic alTy
+ Ko, (T -T.) -I°R....N-1/2I°R (R-9)
par''H "Tc CH i
At
q=apq, @ (R-10)

* Nomenclature at end of IDC.
sk RL includes RMISC (straps, shoes, wiring, etc,).
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These equations can be solved at any time in life to determine the
corresponding electrical performance or temperature history.

The procedure for solution is to select a hot junction temperature
and solve Egs (R-1) through (R-10). All properties in the equations
are temperature dependent, The reference end-of-life conditions used
for a 250-watt(net) SiGe RTG were:

dpoL = 5660 watts

N = 198 (series)

AN = 0.181 in. 2 (series)
Ap  =0.112 in, 2 (series)
EP = 0.75 inch

Kpag = 1-12 watts/°F

TH = 1450° F

TC = 500° F

VL = 30. 5 volts (gross)
VL = 29,2 volts (net).

The results are presented in Fig. R-1 for a net end-of-life voltage
of 29,2 volts. The contract, however, defines the allowable voltage
range to be 28 £ 10%, or from 25.2 to 30.8 volts. The results show
that it is possible to be within this range without voltage regulation
during the entire five-year mission if the end-of-life voltage is changed
to 25. 2 (rather than 29.2). This can be done by simply changing the
number of couples and area per couple to:

N = 346 couples (series-parallel)

A_N/couple
AP/couple = 0. 0642 in, 2 (series-parallel),

0.1040 in. 2 (series-parallel)

The resultant voltage and current during the five years are presented
in Fig. R-2, The hot junction temperatures and net powers presented
in Fig. R~1 are still applicable,.
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If voltage regulation is used (because of spacecraft requirements), a
different power-temperature characteristic would have resulted during
the life of the RTG. The key to understanding this is the E-I and P-I
curves at end of life and beginning of life (Ref. Fig. R-3), Four condi-
tions can theoretically be applied to the generator during its life:

(1) Constant total load (impedance)

(2) Constant current drawn -
(3) Constant voltage

(4) Constant power to the usable load.

Each of these conditions is shown in Fig. R-3. Note that each of the
dotted lines crosses the beginning-of-life E-I curve at a different volt-
age and different current., Also, a different beginning-of-life power
results. The difference in current (which accounts for different Peltier
cooling) at beginning of life is responsible for different hot junction
temperatures initially. (The greater the current, the lower the initial
hot junction temperature.)

With a plutonium generator, the excess fuel at beginning of life is
only 4% and thus the changes in power, temperature, etc., are much
less severe than with Sr-90. Specific values of these parameters were
not computed for a Pu-238 system but can be in Phase I. The lower
decay rate of Pu-238 may also permit increasing the end-of-life design
point for the Pu-238 system.

B. NOMENCLATURE

A Area
C Contact resistivity
E Voltage (open circuit)
I Current
Thermal conductivity
£ Element length
N Number of couples
P Power



Const power

Const load
Const voltage
Const power
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® End-of-life
design point
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Current, I
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Input

for Fixed Heat
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q Heat rate

R Electrical resistance

T Temperature

\Y Voltage (load)

o Seebeck coefficient -
p Electrical resistivity

A Isotope decay constant

Subscripts

C Contact resistance

C Cold junction

H Hot junction

I (Total) internal (resistance)

(Element) internal (resistance)

[

K Thermal conductance
L Refers to load

9 Element length

N Refers to N element
oc Open circuit

P Refers to P element
t Time
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APPENDIX S

SEGMENTED THERMOELECTRIC SUBSYSTEM

The development of couples of higher efficiency than SiGe can be
accomplished by the use of III-V compound alloys in segmented struc-
tures. RCA is currently under contract to the Atomic Energy Com-
mission to investigate the III-V compound thermoelectric materials for
use in advanced nuclear power systems (Contract AT(30-1)-3500).

This program was started in early 1965 although basic research at
RCA on the III-V compounds had been performed prior to this. Task I,
covering the effort between March 1, 1965 and August 31, 1965, is re-
ported in Ref., S-1. At the beginning of Task I, the reported status of
the program was as follows:

(1) An N-type III-V alloy, InAs-GaAs, was developed with a Z
(figure of merit) approximately 30% better than SiGe up to
550° C (1022° 7). This temperature is the maximum prac-
tical limit of the material.

(2) Exploratory literature and laboratory investigation showed
practical bonds to InAs~-GaAs could be achieved with low
thermal and electrical losses.

At the conclusion of Task I, the reported status of the development
was as follows:

(1) A practical demonstration couple with a segmented N leg
was developed using N-type InAs-GaAs segmented to N-SiGe.

(2) A SiGe-InAs-GaAs segment joint was developed using a
tungsten-gold-molybdenum interface.

(3) The upper temperature limit on InAs-GaAs based on weight
loss in sealed tubes and joint stability tests was defined as
500° (932° F) to 550° C (1022° F),

(4) Preliminary data indicated that the resistivity of InAs-GaAs
was stable with life.

(5) Work was initiated on a backup segmenting joint using graph-
ite.

(6) An experimental technique was developed that gives a direct

comparison between a segmented couple and an all-SiGe
couple under the same experimental conditions.
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Task II, covering the effort between September 1, 1965 to February
28, 1966, is reported in Ref, S-2. At the conclusion of this task, the
reported status was as follows:

(1) Segmented couples utilizing N-type InAs-GaAs and P-type
SiGe were prepared for test and evaluation, Thermal dif-
fusivity measurements (to determine conductivity) confirmed
the high figure of merit of the InAs-GaAs.

(2) Development of the interface segmenting bond continued in
order to develop a stable joint with respect to mechanical
properties.

(3) Advanced technology efforts were initiated, These are aimed
at the development of a P-III-V compound alloy of better per-
formance than P-type SiGe, the development of an improved
N-III-V compound alloy, consideration of other thermoelec-
tric materials for segmenting such as tellurides, and the
development of couple designs to increase segment interface
temperatures.

A. APPLICATION TO 250-WATT PROGRAM

To date, RCA has not developed a P-type material that is better than
SiGe. On the N leg, InAs-GaAs shows improvement over N-SiGe for
use below 550° C (1022° F'). Very recently, some thermoelectric prop-
erty data have shown that N-type GaSb-InSb is even better than InAs~
GaAs (Ref. Fig. S-1) although the work on this material is in its infancy.

RCA reports efficiency gains on the order of 14% and higher with
the use of InAs-GaAs. However, these high increases are compared
to SiGe operating at only 700° C (1292° F) on the hot junction. Further-
more, much of their data is generated at the maximum allowable
interface temperature of 550° C. With a Sr-90 system designed for
five-year operation where the isotope decays 13% in thermal inventory,
the end-of-life allowable interface temperature would only be about
500° C. RCA reports one theoretical efficiency gain curve along with
experimental data obtained with comparison modules at temperatures
of

Thot = 800° C = 1472° F
Tint = 500°C = 932° F
Tcold = 300° C = 572° F.
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These temperature points are close to the SiGe system design point
and thus give a very good estimate of the gain that can be realized from
a segmented system. The data are presented in Fig. S-2, From this
figure, it appears that an efficiency gain of about 4% is possible with
InAs-GaAs.

Reference back to Fig. S-1 leads one to hypothesize that with GaSb-
InSb on the N leg, an efficiency gain of about 7 to 8% over SiGe might
be possible. At this point, however, it is not clear that the use of the
material in a practical couple or device is possible. Further work will
have to be done by RCA.,

B. CONCLUSIONS

From the RCA work on segmented couples reported in Refs., S-1 and
S-2, it appears that with suitable development (several years work), an
efficiency gain of 4 to 8% over the present unsegmented couple can be
realized by using N-type InAs-GaAs or N-type GaSb-InSb, Improve-
ments beyond this will occur only if new improved P-type segments can
be found (a development that has not yet come to fruition despite work
in the area) or if the segment temperature on the N leg can be increased.
The gain from an increased segment temperature would probably not be
very large.

From these conclusions, it appears that only a nominal increase will

be realized by segmenting in this design. Further breakthroughs are
needed to make segmenting attractive for the CRONUS system.
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APPENDIX T
INTERNAL CAPSULE PRESSURE BUILDUP ANALYSIS

A general expression for the liberation of helium gas from plutonium
decay is illustrated in Fig. T-1. The PV/MT parameter is plotted as
a function of time based on a half life of 86.4 years for the plutonium,
Figure T-2 represents a typical capsule open circuit temperature pro-
file as a function of time for the plutonium-fueled 250-watt generator
system (see Appendix X for derivation). These temperatures were
used to reduce the pressure parameter to PV /M as shown in Table
T-1.

TABLE T-1

Time Temperature
(yr) PV/MT (°R) PV /M
5 2.75 2355 6,470
10 5.50 2305 12,650
15 8.20 2260 18,500
20 10. 80 2215 23,950
25 13.30 2190 29,100

Internal capsule pressures were then calculated parametrically for
various void volumes as a function of time as shown in Fig. T-3. The
void volume is defined with respect to the total internal capsule volume.
Therefore, the fuel volume is 1 - void volume. An effective plutonium

density of 0. 324 1b/in. 3 (9.7 gm/cm3 PuO,) was used to establish unit

values of M/V as shown in Table T-2. The data displayed in Fig. T-3
are independent of capsule geometry, but not the temperature profile of
Fig. T-2. Normal temperature for the 250-watt system is approxi-
mately 1800° F'.

The power ratio of plutonium to strontium fuel is about 5.3 (4. 51

Wat’cs/cm3 vs 0.85 watts/cm3). Therefore a void volume of 80% can
theoretically be achieved for plutonium loaded in a capsule originally
designed for strontium. A liner would most likely be used to create
a central void with the plutonium fuel filling an outer annulus. Fully
packed plutonium fuel yields a void volume around 25%.
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TABLE T-2

Void Volume Plutonium
(in. %) (1b/in. %) M/V
0.25 0.243 0.970
0.40 0.194 0.485
0.50 0.162 0.324
0.60 0.130 0.217
0.80 0.065 0.081

Although Fig. T-3 shows the internal capsule pressure, it does not
indicate the internal stress which is a function of the capsule dimen-
sions. The stress at the inside diameter of a capsule is given by o =
PD, where o is the stress, P is the internal pressure (Fig. T-3) and
D is the dimension factor which is plotted in Fig. T-4 for radii of from
one to three inches, and capsule thickness from 0.1 fo 0,5 inch. Given
a capsule size (right circular cylinders only) Figs. T-3 and T-4 can be
used to establish the internal stress for any desired void volume at any
period of time from 1 to 25 years.

For the 250-watt generator, the following calculation can be made
to predict the characteristics of a capsule designed to contain the pres-
sure for five years. Consider a 1. 5-inch ID cylinder (length is imma-
terial) with a 0. 2-inch wall thickness. This yields a dimension factor
(D) of 4.6. The internal pressure, P, at five years for an 809 void is
about 500 psi. Therefore, the stress is 2300 psi.

Rupture data for Haynes-25 bar is presented in Fig. T-5. For a
stress of 2300 psi and an average capsule open circuit operating tem-
perature of 1800° F, the time for capsule rupture is in excess of five
years.

For accuracy, a Larson-Miller constant is needed to identify the
real rupture time and this can be done in Phase I.

These preliminary calculations show that a capsule can be designed
to contain helium pressure for a five-year period while the generator
is in orbit. However, it is still recommended that use of a porous
plug for helium venting be pursued in the design of the Pqu capsule

because of the weight savings incurred. (SNAP 19 personnel are cur-
rently investigating these plugs for application in that generator.)
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Also by the Larson-Miller approach, without a porous plug, the ef-
fect of the capsule being spiked to open circuit conditions prior to de-
scent (and higher during descent) will have to be examined in Phase I.
It may not be practical to design for pressure containment under these
conditions. One possible alternative other than the porous plug is to
incorporate a shorting device on the T/E module that does not allow
open circuit conditions to occur at time of separation. This shorting
plug would also reduce capsule temperatures during reentry,
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APPENDIX U
CASCADED THERMOELECTRIC SYSTEM
The 250-watt reference concept employs SiGe thermoelectrics

operating between 1450° and 550° F' at the end of life with the following
approximate parameters:

nT/E = 5,43%
Mthermal = 89%
.. het power to regulator
nI2R = gross power
Tregulator ~ 99.5%
no/ a ~ 4. 470
N = 396 couples (series parallel)
\Y = 30, 5 volts (gross)

28 volts (net).

The purpose of this study was to determine the attractiveness of a
cascaded system utilizing a SiGe topper rejecting heat to a PbTe (2N-3P)
package, For this study, the cold junction temperature for the PbTe
module was selected as 500° F, As with the SiGe noncascaded system
(where the cold junction was 550° F), this cold junction temperature is
not necessarily optimum, Furthermore, as shown in the analysis, these
two cold junction temperatures permit direct substitution of the cascaded
for the noncascaded system with little change in the radiator, This may
be an advantage once the reference configuration is fully tested and proven
although the 500° F' cold junction may not be optimum for weight, (As with
the SiGe module, cold junction optimization on the system will have to be
done in Phase 1,)

The incentive for considering a cascaded SiGe-PbTe system is best
understood by reference to figure-of-merit curves for SiGe and PbTe
where

(Seebeck coefficient)2
(electrical resistivity) (thermal conductivity)

Figure of merit =

These are presented in Figs, U-1 and U-2 as a function of temperature
for the N- and P-type materials, respectively, Indirectly, the figure
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of merit can be related to efficiency and thus an increase in efficiency
is expected for a cascaded system,

A, ANALYSIS

1, Cascaded Performance

With the Martin digital code for thermoelectric (T/E) computations,
T/E parameters were determined for SiGe for hot junction temperatures
of 1300°, 1400° and 1500° F, cold junction temperatures of 900°, 1000°

and 1100° F, a RCA recommended contact resistivity of 1800 uQ-cmz,
an element length of 0,75 inch and a gross voltage of 30, 5 volts, The
results are presented in Figs, U-3, U-4 and U-5, Similarly, results
are presented for 2N and 3P type PbTe (Martin designation TEDN-
0034/ TEDP-0059) in Figs, U-6, U-7 and U-8 for hot junction tempera-
tures of 900°, 1000° and 1100° F, cold junction temperatures of 300°,
400° and 500° F, an experimentally extrapolated contact resistivity of

3000 uQ-cmz, an element length of 0, 50 inch and a gross voltage of
30, 5 volts,

For the cascaded system, it is assumed, by appropriate design,
that a temperature drop of 100° F can be held between the SiGe cold
junction and the PbTe hot junction at end of life (the design point),

In Table U-1 the SiGe efficiencies (from Fig, U-3) for cold junction
temperatures of 1000°, 1050° and 1100° F are given, Also shown for
later comparison are the noncascaded efficiencies for cold junctions of
350° to 600° F, In all cases, a hot junction temperature of 1450° F is
used,

TABLE U-1

SiGe T/E Efficiency at End of Life for
Hot Junction Temperature of 1450° F

Cold Junction 7(
Temperature T/E
(°F) (%)
350 6.44
400 6.18
500 5,68
550 5,43
600 5,17
1000 2,88
1050 2.59
1100 2,29
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In Table U-2 the PbTe efficiencies (from Fig, U-6) for cold junction
temperatures of 350° to 550° F' and hot junction temperatures of 900°,
950° and 1000° F are tabulated,

TABLE U-2
PbTe Thermoelectric Efficiency at End of Life

Cold Junction

% *
Temperature /B nr e** N g
(°F) (%) (%) (%)
350 5. 68 5.35 5. 00
400 5.33 5, 04 4,65
500 4,55 4,25 3.85
550 4,15 3.85 3. 40
* = o
Ty = 1000° F
sk = °
Ty = 950° F
Sk sk = o
T, = 900° F

Table U-3 provides the cascaded efficiencies for various tempera-
ture combinations as computed from the approximate formula

("r/E) casc ~ ("r/E) sice * ("/E) Pore ~ ("1/E)sice ("T/E) PbTe

This formula, along with several other related equations, is derived
in Appendix W,

From the data in Table U-3,it appears desirable to select an end-of-
life PbTe hot junction temperature of 900° F (rather than 950° or 1000° F)
since the slight loss in efficiency offsets the disadvantage of higher PbTe
and cold end #SiGe temperatures., For the 500° F cold junction tempera-
ture, the cascaded thermoelectric efficiency is 6, 62%.

+With the present SiGe cold end stack, cold end temperatures are
limited to ~475° F in air and ~930° F in vacuum, Thus, a new cold
end stack would have to be developed but RCA thinks this is feasible,
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TABLE U-3

Cascaded Thermoelectric Efficiency at End of Life for
SiGe Hot Junction Temperature of 1450° F

Cold Junction
E3
Temperature T/ CASC*  TMq g, CASCH g CASCH**
(CF) (%) (%) (%)
350 7. 84 7.80 7,73
400 7. 50 7. 50 7.39
500 6.173 6.73 6. 62
550 6.34 6.34 6.18
%* = . = o
Teola, Sige = 1100° F5 Ty o pppe = 1000° F
*"* = o . - o
Tcold, SiGe 1050° F; Thot PbTe 950° F
#*T o1d, sige - 1000° B Tyt ppre = 200° F

The individual module efficiencies are:

5iGe = 'nT/E Mherm T)IZR nreg =2,88x%x0,89x0,92x0,995=2,34%

nPbTe: nT/E Mherm nI2R nreg =3,85x0,90x0,92%x0,995=3,17%
The overall efficiency (see Appendix W) is;

. - . _ ppre Up1
SiGe © "PbTe ~ ''SiGe "PbTe Q

7llo/aL

[

0,0234 + 0,0317 - (0,0234) (0,0317) - 0,0317 (0,05)

5.27%

The fuel inventory (EOL) is

(P + P )
- 1 2/ net _ 250 watts _
Ql = no/a = ~0.0527 4750 watts

Once the operating temperatures on the two cascaded packages are
selected, the individual output power of each module is uniquely deter-
mined, that is,
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Py = Q) "5iGe

9= Pt " P = 250 - 111 = 139 watts (net)
On a gross basis, the SiGe module will produce

P 111

= 1 = =
P, (gross) nIZRnreg (0.92) (0,995)

= 4750 (0,0234) = 111 watts (net)

n

P

122 watts (gross)

while the PbTe module will produce

P, ( ) = P2 = 139 = 152 watts (gross)
g \8ross) = ;37— 70.92) (0. 995) w g

12R reg

2, Modules Connected in Parallel

Figures U-4 and U-5 show that for the SiGe module (1450° F hot junc-
tion, 1000° F cold junction) to produce 30,5 volts (gross) and 122 watts
(gross), the following couples and couple sizes are needed:

Series Series parallel
Number of couples 380 760
Area per couple (in. 2)
N element 0.1630 0.0815
P element 0.1050 0.0525

Figures U-7 and U-8 show that for the PbTe module (900° F hot
junction, 500° F cold junction) to produce 30.5 volts (gross) and 152
watts (gross), the following couples and couple sizes are needed:

Series Series parallel
Number of couples 547 1094
Area per couple (in.2)
N element 0.2115 0.1058
P element 0.2125 0.1062
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3, Modules Connected in Series

Consider the modules connected to one another in series (but each
internally wired in series parallel), Design to 10 amperes for each

module, Then,
v - PSiGe, net _ 111 watts _ 11 1 volts
SiGe, net I 10 amperes :
v _ PsiGe, net _ 139 watts _ 15 g voute
PbTe, net I 10 amperes *
and
(Vaige * VbbTe) net = 11-1 + 13.9 = 25 volts

On a gross basis,

P..
- _SiGe, gross . _122 watts _
VSiGe, gross I 10 amperes 12.2 volts
v - PPbTe, gross _ _152 watts _ 15.2 volt
PbTe, gross I 10 amperes - 4 VOIS
and
Vaera t V ) - -
( SiGe PbTe gross - 12,2+ 15,2 = 27,4 volts

The number
direct ratioing

of couples and element sizes may be determined by a
of the values previously presented for the modules in

parallel, Then for SiGe (series parallel)
NSiGe = 304 couples
N/couple = 0,2040 in, 2
P/couple = 0,1310 in, 2

while for PbTe

(series parallel)

NPbTe 546 couples
N/couple = 0,2120 in, 2
P/couple = 0, 2135 in, 2

ND

:MND-250-F525;
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4. Radiator Temperature

For the noncascaded system, the end-of-life radiator temperature
is 505° F = 965° R, With the cascaded system, the radiator tempera-
ture would be (with the same area):

1/4

T 4" 965 qreiect, cascaded
ra qrejec‘c, noncascaded

1/4
4750-250 _ o b - o
%5 (336520) - 920" R 460 F

Assume with this radiator temperature, cold junction temperature
at end of life of 500° F' can be designed, (If not, the radiator will have
to be enlarged,)

5, Lavout and Weight Statement

A layout of the cascaded system (modules connected to one another
in series since this connection results in fewer couples and lighter
weight) is shown in Fig, U-9, A weight statement is given in Table U-4.

B. CONCLUSIONS

The cascaded and SiGe noncascaded systems are compared in Table
U-5 on items other than weight, On a weight basis, the cascaded RTG
is significantly heavier at 479 pounds as compared to 345 pounds for
the noncascaded system. The only possible advantage of the cascaded
system will be one of efficiency (5,27%, overall, versus 4, 42%), At
beginning of life these efficiency differences correspond to thermal
wattage differences of 1040 watts. If the price of PuO, of $1000/ watt(t)

is valid, the cascaded system would offer fuel savings of approximately
one million dollars per system, This savings would have to be offset
by the additional costs of launching the heavier cascaded system. The
theoretical efficiency advantage may also be important because of avail-
ability limitations on Pqu.

S Pt i triel

A0SR,
’ 2Py i

o -.. n sse 3 xx o



SiGe module

i
7
PbTe module ( E
N
AY
\\\ ’ \\‘ == -
R ST

Fig. U-9. Cascaded System Layout (Modules Wired Together in Series)

105 4:4



TABLE U-4

Cascaded Module Weight

Weight per Weight per Eight
Cascaded Module Cascaded Modules
(1b) (1b)

SiGe module 5,61 44, 9%
Hot shoes 0.76 6.1
Thermoelectric elements 1.35 10.8
Cold shoes 1,11 8.9
Flexi-Mod cold end hard-

ware 1.60 12.8
Thermal insulation 0.79 6.3

PbTe module and canister 15,13 121.1
Hot plate 3.70 29,6
Hot shoes 0,92 7.4
Thermoelectric elements 4,38 35.0
Cold end hardware

(lumped with transfer

plate) -- --
Thermal insulation 0,30 2.4
Support membrane 0.32 2,6
Transfer plate 5,51 44,1

Total cascaded system 20,74 166,0

Total selected system (non-
cascaded, SiGe based on
using 33 12-couple modules), (-) 32,0
Net savings with selected
system (1b) 134.0

*Note that the SiGe portion of the cascaded system weighs more than
the entire selected system using SiGe only, even though it supplies
less than half the power output, This may be explained by the larger
elements in the cascaded SiGe module since they operate over a much
smaller AT,
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TABLE U-5

EOL Performance Characteristics

Temperatures (°F)

SiGe hot junction
SiGe cold junction
PbTe hot junction
PbTe cold junction

Radiator
Efficiencies (%)

SiGe thermal
PbTe thermal
SiGe T/E
PbTe T/E
Cascaded T/E
Joule (for each module)
Regulator (for each module)
Overall
Fuel inventory (watts)
EOL
BOL
Power (watts)
Net

Gross
Current (amp)

Voltage (volts)
Net

Gross

Number of couples
Series parallel

N-element area per couple (in, 2)

Series parallel

P-element area per couple (in. 2)

Series parallel
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1450

99,5
4,42

5660
6420

250

273

~28

30.5

396

0.0905

0.0560

Noncascaded

SiGe to PbTe

in Series

10 SiGe
10 PbTe

11.1 SiGe
13.9 PbTe

12,2 SiGe
15,2 PbTe

304 SiGe
546 PbTe

0.2040 SiGe
0.2120 PbTe

0,1310 SiGe
0,2135
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Cascaded

1450
1000
900
500
460

89
90
2,88
3.85
6,62
92
99,5
5,27

4750
5380

111 SiGe
139 PbTe

122 SiGe
152 PbTe

SiGe to PbTe
in Parallel

4 SiGe
5 PbTe

28 SiGe
28 PbTe

30,5 SiGe
30,5 PbTe

760 SiGe
1094 PbTe

0,0815 SiGe
0.1058 PbTe

0,0525 SiGe
0.1062 PbTe
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APPENDIX V
POWER CONDITIONING FOR PEAK LOADS

Energy storage is necessary when the power demanded by a space-
craft load exceeds the capability of the onboard generator, Since storage
devices generally are charged at potenials higher than their discharge
potential, the voltage during peak load periods will be lower than during
minimum load periods. The depth of voltage suppression when peak
loads are applied is dependent on the type of storage device, the severity
of the discharge rate relative to its capacity, its state of charge, how it
is connected to the system, and whether supplementary power condition-
ing equipment is employed. Thus, given performance requirements may
be met or exceeded by various system configurations, each having its
own advantageous features, A series of configurations will be developed
in the succeeding paragraphs, performance characteristics and weight
will be enumerated and the relative probability of mission success of
each will be indicated. The components of the configuration selected
will be described.

A, REQUIREMENTS
1. General
Energy storage and power conditioning equipment shall be considered
as a separate supplemental subsystem to the RTG/CIR system. An esti-

mate of the weight of such a subsystem shall be provided.

2. Electrical

The energy storage and power conditioning (ES/PC) subsystem shall
provide an output voltage of 28 volts dc + 10% when subjected to the
Nimbus B load profile for a period of five years (24, 500 orbits), The
load profile for each 107-minute orbit, shown in Fig. V-1, includes the
following highlights:

Average load 235 watts

Minimum load 213 watts

Maximum load 390 watts, 30 seconds
Followed by 290 watts, 5 seconds
Secondary peak load 337 watts, 3 seconds

Although the impedance characteristics of the Nimbus B loads are not
known, it has been conservatively assumed that they are constant wattage
loads. Since the minimum output from the RTG is 250 watts (at EOL)
and the average load requirement is 235 watts, at least 15 watts average
are available for inefficiencies in battery charging.
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Fig. V-1. Nimbus B Load Power Profile
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3. Environmental

The electronic equipment used in the ES/PC subsystem shall operate
over the temperature ranges normally experienced by the other electronic
equipment aboard the Nimbus B. Because of the orbit shade period dura-
tion variation and vehicle attitude changes, it is assumed that the bat-
teries used in the ES/PC subsystem can be thermally located on the ve-
hicle so as to experience a temperature range of 40° to 90° F,

B. SYSTEM DESIGN

1, Design Approach

Evaluation of the load profile together with the RTG capacity from
beginning to end of life will reveal the continually changing battery dis-
charge requirements, Since the battery will experience upward of
24, 500 cycles of discharge, a shallow depth of discharge must be se-
lected to provide the required cycle life. The various types of batteries
available have differing cycle life capabilities, total stand life, space
adaptability, and space experience. From the aforementioned require-
ments, the most suitable type of battery and the minimum required
capacity will be selected.

Analysis of charge-discharge, voltage-current characteristics at
both temperature extremes, using a minimum of battery capacity, should
reveal the performance of the simplest system., Further study should
reveal the opportunity to improve performance by increasing installed
capacity and/or the use of ancillary regulation techniques. The analysis
of the resultant alternative configurations should reveal the most ap-
propriate energy storage/power conditioning subsystem.

2. Energy Storage Requirements and Type

Typical of thermoelectric elements, the voltage for maximum power
at the beginning of RTG life (BOL) is greater than the voltage for maxi-
mum power at the end of RTG life (EOL). The 250-watt generator will
be capable of supplying 360 watts at BOL; however, the 360 watts are
available only at a voltage 20% higher than the EOL maximum power
voltage. Thus, if power is taken at the BOL at the EOL voltage, less
than 360 watts will be available. At the BOL only the 390-watt, 1/2-
minute load exceeds the RTG capacity, Therefore, slightly more than
30 watts for 1/2 minute (0, 25 watt-hr) will be supplied by the battery,
At the EOL, the 390-, 290- and 337-watt loads (Section A.2) exceed the
250-watt RTG capability., The battery must supply the difference, which
amounts to 275 watt-minutes or 4,6 watt-hours. In determining battery
cycle life, it may be assumed that the average discharge over the five-
year period is the average of the BOL and EOL discharges. Thus, dur-
ing 24, 500 orbits or discharge cycles, an average discharge will be
2.4 watt-hours,
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To enhance the assurance of adequate battery cycle life, a life of
37,000 cycles (150% life) has been selected. According to Gulton Indus-
tries data, hermetically sealed nickel-cadmium batteries at 90° F should
last 37,000 cycles if during each cycle they discharge at an average of
less than 4-1/2% of their rated capacity; at 40° F, less than 2-1/2%,

In five years, the batteries will be spending most of their time at 50°
to 90° F (slightly more than 4-1/2% depth permitted) and will spend the
least time at 40° F (2-1/2% depth), Therefore, the minimum rated
battery capacity should be approximately 22 times the previously de-
termined 2. 4 watt-hours average discharge or 53 watt-hours, At an
average discharge voltage of 28 volts, a single 53-watt-hour battery
would be composed of two-ampere-hour cells (53/28 = 1,9 amp-hr),

Silver-cadmium cells have been considered for this application since
they generally offer more watt-hours per pound. Unfortunately, con-
siderably less is known about the cycle life of these cells, especially
above 10,000 cycles, From scattered data, it appears that shallower
depths of discharge would be required, thus requiring a greater mini-
mum capacity and nullifying the watt-hr/1b advantage, The nonmagnetic
qualities of silver-cadmium cells, if required by the spacecraft instru-
mentation, would be one possible reason for their use,

3. Evolution of Alternative Configurations

a, Configuration I

The simplest method of adapting storage devices to a generator sys-
tem consists of floating batteries in parallel with the generator and load
as shown in Fig, V-2, Configuration I. Analysis will reveal that the
vehicle load will receive the maximum voltage at the BOL when the load
is minimum and the batteries at 40° F are being overcharged. The
lowest voltage will occur at the EOL when the load exceeds RTG capacity
and the batteries at 40° F are experiencing their greatest discharge.

b. Configuration II

A minimum of battery capacity will cause a large definable voltage
spread under these load extremes when the battery is at its minimum
temperature (40° F), Tripling the battery capacity results in discharg-
ing the battery effectively at a much slower rate, resulting in a higher
discharge voltage. Similarly, under charge, the effectively slower
charge rate is accomplished at a slightly lower voltage. Thus, when
the vehicle load changes from minimum to maximum, the voltage spread
experienced is reduced considerably by increasing the installed battery
capacity. The oversized battery configuration (Il of Fig. V-2) is the
same as Configuration I.
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The voltage spread can also be reduced by maintaining a higher state
of battery charge. At high charge states, the incremental ampere-hour
charging efficiency is very low, thus requiring considerably more charg-
ing power., Because of charging power limitations and the potential of
cell gassing at overcharge, charge states commensurate with these re-
strictions must be used.

c. Configuration III

If any one of the directly connected floating batteries of Configurations
I and II shorts, the voltage across each of the remaining cells would in-
crease 5%, Cells at 90° F, 90% charged, will charge at the nine-hour
rate at 1,42 volts per cell., At a 5% higher voltage, they will charge at
the 1, 5-hour rate. This sixfold increase in charge current (and power)
will cause the cells to gas at overcharge, ultimately resulting in an ex-
plosion, Thus, charge control is required, Configuration III (Fig. V-2)
shows a method of isolating multiple batteries so that the shorting of any
one battery will not impair the performance of the remaining batteries
and a shorted cell will not draw excessive charging power nor gas,

d. Configuration IV

The isolation devices of Configuration III (discharge diodes and cur-
rent limiting transistors) unfortunately introduce an additional voltage
drop during both charge and discharge, further increasing the vehicle
load voltage spread. To reduce the voltage spread and at the same time
retain the battery isolation feature, the batteries could be isolated from
the vehicle load when they are being charged, and connected to the load
only when the load exceeds the present RTG capacity, Configuration IV
(Fig. V-2) shows individual voltage boosters for battery charging and a
three-pole switch for discharge control. Each pole would close only if
its battery were at proper voltage and if the load voltage revealed the
need for battery support. The number of cells in each battery would be
selected such that at least 28 volts would be available under the heaviest
discharge. At light discharges, the battery voltage normally would be
higher. Since the batteries and load are in parallel with the RTG shunt
voltage regulator, the shunt regulator will load the battery temperatures
and states of charge; the battery discharge rate will be the same regard-
less of the actual load requirement, The shunt regulator loading alters
to absorb any excess energy withdrawn from the battery. This config-
uration, therefore, overworks the battery, decreases its cycle life,
and causes the battery to consume more than three times the charging
power actually required,

e. Configuration V

The unnecessary battery discharges of Configuration IV can be over-
come by providing a better voltage match between the battery and the bus
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under the variable discharge conditions encountered, Configuration V
includes a voltage regulator in the discharge circuit of each battery,
When the bus voltage is above 27,9 volts, each regulator will have an
infinite series resistance. When the vehicle lowers toward 27,7 volts,
each battery series regulator will lower its resistance to a minimum
value. The shunt regulator below 28 volts will be at an infinite shunt
resistance, Current flow from the bus to a battery is precluded by the
design of the series regulator, The voltage boosters, in this configu-
ration, would have to be current-limited to preclude them from being
overloaded when they are effectively shorted by the series voltage re-
gulator during low bus voltage conditions (27,7 to 27. 9 volts).

4, Configuration Performance

In order to evaluate these five configurations quantitatively, system
characteristics for each have been determined. Figure V-3 presents
the load voltage-current characteristics specifically for Configuration III
and is somewhat representative of Configurations I and II. The resultant
system characteristic is a composite of the characteristics of the RTG
(at BOL and EOL), the batteries under discharge (at charge state and
temperature extremes), and the batteries under charge (at temperature
extremes) as controlled by the charge limiter,

On Fig, V-3, the space between the intersection of the RTG line with
the battery charge and discharge characteristics is caused primarily by
the sum of the voltage drops across the discharge diodes and the charge
limiters when the latter are at minimum resistance, Configuration II
excludes this drop; consequently, Fig. V-3 represents Configuration II
if the battery charge and shunt regulator characteristics are translated
downward 0, 8 volt and the discharge characteristics similarly translated
upward,

Configuration IV and V include a minimum capacity battery, one-third
the capacity used in Fig. V-3, Consequently, the battery discharge
curves of Fig, V-4 are three times as steep. Since Configurations IV
and V furnish no less than 27,7 volts, the discharge curves are located
at higher voltage levels on this figure, On Configuration IV, at BOL
and a battery temperature of 90° F, the application of the maximum
load (390 watts) causes the RTG to supply 12,6 amperes at 27, 7 volts
and the battery to supply 17 amperes at 27,7 volts, a total of 29,6 am-
peres. The load absorbs 14,2 amperes and the shunt regulator absorbs
the difference, 15.4 amperes, Actually, the battery only needed to sup-
ply 14,2 - 12,6 = 1,6 amperes.

Configuration V overcomes this problem by supplying 1.6 amperes
from the battery at 35,3 volts., The dotted line of Fig, V-4 shows the
voltage across the series regulators to be 35.3 - 27,85 = 7,45 volts,
This voltage drop, although wasting 12 watts to supply 30, is better than
wasting (15,4) (27.7) = 426 watts, as was done in Configuration IV.
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5. Configuration Comparison

Characteristics and features of the five configurations previously
discussed are summarized in Table V-1, The first five items describe
the major constituents of each configuration, The next four items enu-
merate the respective features incorporated which have a direct bearing
on the probability of mission success., Only Configurations IIl and V
offer the greatest protection against various types of battery failure,
excluding lack of capacity. A review of their respective voltage regu-
lation qualities shows that all configurations except I meet the + 10%
requirement, Configurations IV and V far surpass this requirement,
thus allowing the regulation to be eliminated locally at most vehicle
loads. The different settings for the RTG shunt regulator for each con-
figuration are caused by the differing battery discharge control methods
and/or the top limits of the bus voltage tolerance of each of the configu-
rations, "

The efficiency of the energy storage and power conditioning subsys-
tem is revealed by the charging losses (voltage booster), the charging
power required and the extent of losses experienced during battery dis-
charge. Since the batteries of Configurations I and II are charged directly
at the RTG voltage, voltage boosters are not required and charging power
is a minimum. The slight increase in charging power required by Con-
figuration III reflects the loss through the charge limiter, a small cost
for this advantageous feature. The disproportionately higher charging
power required by Configuration IV is caused by the very inefficient dis-
charge features of this configuration described in Section B, The volt-
age booster loss is therefore greater than for Configuration V. Quanti-
tative examples of battery energy waste are shown for the 390-watt vehi-
cle load condition, Configuration V, although a great improvement over
IV, is considerably less efficient on discharge than III, This discharge
inefficiency of Configuration V is not wholly reflected in the comparison
of charge power required for III versus V since V is operated at a lower
state of charge, thus having a higher incremental charge efficiency,

Both Configurations III and V require considerably less charging power
than the amount available from the RTG at EOL (15 watts),

The battery weights shown for the minimum battery capacity configu-
rations (I, IV and V) differ since the batteries are composed of a differing
quantity of cells in series. Configuration IV battery weight must be much
greater than 14 pounds (minimum capacity weight) since minimum capac-
ity will not provide adequate five-year cycle life due to the excessive
discharges experienced by this configuration, Tripling the battery ca-
pacity (28-1/2 1b) reduces the battery discharge from 17 to 11 amperes
but still provides only 16,000 cycles of operation, Therefore, Configu-
ration IV becomes the heaviest and most inefficient configuration,
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Power System Configuration Comparison

I II I v \4
Battery charge--method Float Float Float Isolated boosters Isolated boosters
--connection Direct Direct Current Current limited
limiters
Discharge through Direct Direct Diodes Switch Voltage regulator
switch
Battery capacity, excluding redundancy Minimum | Oversized | Oversized Minimum Minimum
--total/ vehicle (a-h) 3 9 9 3 3
Protection against:
Shorted battery No No Yes Yes Yes
Open cell Yes Yes Yes Yes Yes
Overcharge--all cells good Yes Yes Yes Yes Yes
--one cell shorted No No Yes No Yes
Bus voltage tolerance (%)
-90° F $11-1/2 +5 +10 +1,1 +1
-5.7 -1.0
-40° F +14 +7,2 +10 +1.0 +1
-15.3 -10
RTG shunt voltage regulator 31.8 to 29,8 to 30.6 to 27,75 to 27.75 to
setting (volts) 32.4 30.4 31.2 28.3 28.3
Voltage booster power loss (watts) .- -- -- 2.0 0.41
Charging power at 40° F, EOL (watts) 4 4, 6.4 >34 7.
390-watt system load, 90° F battery (watts)
At BOL, should supply 30 30 30 30 30
Supplies 30 30 31 426 42
At EOL, should supply 140 140 140 140 140
Supplies 140 140 144 225 150
Battery weight (including 50% 11 26 26 Much greater 14
redundancy) (1b) than 14
ES/PC subsystem total weight (1b) 11 26 26-1/2 Much greater 15
than 15
Mission success probability due to:
Power conditioning equipment Out of Best Very good Good Good
tolerance
RTG*--first 3 years Very good} Very good Very good Best Best
--4th and 5th year Poorest Good Fair Best Best
Battery shorts, overcharge Poorest Poorest Best Best Best
Battery cycle life Good Best Best Failure Good

*Least thermal cycling (least Peltier current variation)
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The total weights of the five ES/PC subsystems consist primarily
of the weight of their respective batteries. Their respective charge/
discharge devices, if employed, are also included. The higher battery
weights for Configurations II and III are required to produce the bus
voltage tolerances shown and do not infer the availability of this over-
capacity. The oversizing, however, does provide greater assurance
of being able to obtain the required cycle life,

The mission success probability comments on the last five lines of
Table V-1 are generally self-explanatory or have been discussed pre-
viously, with the exception of the RTG thermal cycling, Systems which
operate over a wide bus voltage tolerance, such Configurations I, II
and III, cause a large change in RTG current when loads vary periodically.
As a consequence, the changing Peltier effect within the thermoelectric
elements causes temperature excursions which could result in thermal
fatigue., During the first three years, overloads resulting in RTG cur-
rent changes do not exceed 30 seconds duration and, hence, are ther-
mally insignificant, During the fourth and fifth year the temperature
excursions become more significant, as revealed in the table,

6. Configuration Selection

Configuration I does not meet the bus voltage tolerance limits re-
quired, Configuration II does not provide protection against shorted
cells or shorted batteries. Configuration IV is grossly inefficient and
fails to provide a five-year life, Configurations IIl and V have the most
to offer, either being very acceptable and each having its own unigue
features, The close bus voltage tolerance of Configuration V could
permit the elimination of most of the voltage regulation within its pay-
load. A comparison of the overall power conditioning equipment would
then show Configuration V to be almost comparable to Configuration III
in regard to mission success probability. The RTG life and the weight
advantage of Configuration V versus the battery cycle life of IIT remain
as the principal differing features, In view of the adequate battery life
of V, its close voltage tolerance, improved RTG life and low weight,
Configuration V is recommended, provided subsequent general voltage
regulation within the payload is eliminated,

C. DESCRIPTION OF SELECTED SYSTEM

1. Batteries

Three one-ampere-hour batteries are recommended, any two of the
three batteries being capable of supplying an average of 2,42 watt-hours
and a maximum of 4, 6 watt~hours at not less than 28, 55 volts for 24, 500
discharge cycles in a five-year period. Each 4, 7-pound, 75-cubic inch
battery will be composed of 27 hermetically sealed nickel-cadmium cells
in series,
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2. Voltage Boosters

Each battery will be charged individually by a current-limited volt-
age booster. Each of the three boosters will produce 39 volts at 0,05
ampere from a 28-volt input at a 95% overall efficiency (85% boost
efficiency). At 0,06 ampere the output will be 38 volts, and a maximum
of 0,11 ampere at 28 volts, The three boosters should weigh less than
one-half pound.

3. Discharge Voltage Regulators

Each battery will be discharged individually through a unidirectional
series regulator, The resistance characteristics of the discharge route
will be as follows:

Output--Bus Side Route Resistance Input
(volts) (ohms) (volts)

>27.9 >2,200 39.0

27,17 <0.32 28.5

When the voltage on the bus side of the regulator attempts to fall below
27,9 volts, the route resistance will adjust to produce between 27, 7 and
27.9 volts on the bus side of the regulator, These characteristics must
be coordinated with the current limiting feature of the voltage boosters,
The three discharge regulators should weigh less than one-half pound.
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APPENDIX W
DERIVATION OF CASCADED EFFICIENCY EXPRESSION
In the following derivation, the parameters for the SiGe module will
be designated by the subscript 1 while those for the PbTe module will

be designated by the subscript 2. The following schematic is a model
of the energy balance on the system:

Q1 (total input heat)

Qp, (lost ‘
parasitic =*—| GeSi=1 |-—= P, (net electrical

heat) l power)

R -Qp; - Py

QP2 (lost ;
parasitic =+—| FPbTe =2 |—= P2 (net electrical
heat) ‘ power)

Qrejec’c

The overall efficiency of the SiGe module is given by

P
nl =Q_1 (W-1)

(o=

where

P1 = net electrical output power (i.e., power already corrected
for joule losses) from the SiGe module

Q1 = heat input to the SiGe module.
The overall efficiency of the PbTe module is given by

Py

= - - (W-2)
"27Q -P -Qp

SSaaunim = o S
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where

P net electrical output power from the PbTe module

2

= parasitic heat loss from the SiGe module that is not avail-

Qpy
able for use in the PbTe module.

The overall efficiency of both modules is defined by

P1 + P2
o T T, (W-3)

Substituting Eqs (W-1) and (W-2) into Eq (W-3) for P1 and P2, respec-
tively,

n, Q
- - .2 Pl -

Now n, may be written as

(W-5)

where
n o = joule (strap) efficiency, to account for 12R losses in the
I"R  hot and cold shoes and wiring
" thermal efficiency
g T thermoelectric efficiency.
Similarly,

= (W-6)
"2 <712R>2 (nT/E>2 (nﬂl)z

Substituting Eqs (W-6) and (W-5) into Eq (W-4),
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To/a " <n12R> (nT/E)1 (nth)1 ' <n123>2 (nT/E)z (n"h)z
) ("IzR) ”12R>2 (’7T/E)1 (”T/E>2 ("’th)l (nth>2

(nT /) , P! (nﬂl) 2 (nlza)

2
- Q (W-17)

1

This equation is the rigorous expression for overall cascaded sys-
tem efficiency.

The definition of Mo/A is

P 7 + P (n )
P +P gross, ( 12R>1 gross, IZR

o/ lQl 2 - 3, 2 (w-8)
where
Q, \ ele,
Q17 e, lag | T (W-9)

Substituting Eqs (W-8) and (W-9) into Eq (W-7), and dividing both
sides of the resulting equation by( n g ) (nth) yields
I'R 1

1

(nlzR)z (W-10)
Pgross1 + Pgross2 N2 1 (n12R>2 (nth)z
Qele ) (nT / E) 1 " (nT / E)Z (’712 R) (nth> 1
1
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For the limiting case of zero thermal and electrical losses (i.e.,

ng =y = 100%, Qp, =0), Eq(W-10) becomes
I°R
P + P
gross, gross, _ . )
Qelel (nT/E)l (nT/E)z ("T/E)1 ("T/E)2
(W-11)
or
- - (W-12)
(we)_ " OrE),* Orm), - OrE), Or/m),

where the cascaded thermoelectric efficiency is defined as gross power
per heat to the elements,

This equation is useful in that the cascaded thermoelectric efficiency
can be expressed in terms of known quantities, viz., output from the
thermoelectric digital computer code described elsewhere, without re-
course to thermal or joule efficiencies. Use of these latter terms would
require information on a specific design.

The departure of the "ideal," Eq (W-12), from the ''real," Eq (W-10),
can be further investigated as follows: If :

("2w), ().,

1 and ~

- 1,
(nlz R) . ("n)

then

casc

(/) o = (r/e) * Orym), - Or/m), (Or/E), (n123>1

(’72) ) (”T/E) QQ_PI— (W-13)
IR/, 2 =1

The last two terms in Eq (W-13) are negligible for any practical
design since

(rse), * Grre), >> Orim), Oom), (o) (i2a),

Q
+ (nT/E)Z (—Q-P-li (W-14)
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(’7T/E)Casc = (’7'1'/E)1 + (’7'1"/E)2 (W-15)

Thus, subject to the constraint,

<n12R>2 1 and i) 2 .
S M .
<n12R> . ("m) 1

Equation (W-12) is a conservative formulation. Actually, the difference
in Egs (W-12) and (W-15) is very small,
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APPENDIX X
CAPSULE TEMPERATURE-TIME HISTORY FOR Pu-238

To design a capsule as a pressure vessel for the containment of he-
lium (resulting from decay of an alpha-emitter), a knowledge of the
capsule temperature history over several half-lives is necessary. To
assume the beginning-of-life temperature to hold for long periods of
time (relative to the fuel half life) is an ultra conservative assumption
that unnecessarily penalizes capsule weight.

The correct expression for the capsule temperature history is the
one derived by developing and manipulating the various heat balance
equations within the generator. This method was previously used in
developing the definitive equation for SNAP 9A--a conduction-type gen-
erator. In that case, the capsule temperature, while the capsule is in
the generator, was given by:*

Tcap - (TR)oe M

-At/4
+ (Tcap TR)oe
It is emphasized that this equation applies only to the conduction-
type RTG.

For a different model RTG (e.g., a 250-watt SiGe generator or any
other employing a major radiation gap internally), a different equation
describes capsule temperature history. This latter equation is developed
for three cases:

(1) Most general case where generator material properties are
expressed as a function of temperature (and hence time), and
generator is operating normally,

(2) Same as Item (1) but generator is open circuited.
(3) Case where beginning-of-life material properties may be used

for the time period of interest. The result is a simpler ex-
pression for capsule temperature,

* Nomenclature is at the end of this appendix.
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A. ANALYSIS AND RESULTS

1. Case I--General Equation

The approximate equation describing heat rejected by radiation from
the generator to space is:

4

- -t _ 4
qg=g9g_.e —oeAsTr +<7e(ACi r Mgin

o

- AS)T (X-1)

rc

The cold junction temperature is related to the surface temperature
by:

“At
qoe
T = Tr + T—— (X-2)
cold

The hot junction temperature is related to the cold junction temper-
ature by a heat balance including thermoelement heat conduction,
Peltier effect and parasitic losses, viz.,

EnAn EpAp
q-= i + B (T, - T)N + o, IT, + Koar (T, - T.)) (X-3)
I= Eoc - (Th } Tc)Na (X-4)
Rp+ Ry, R+ Ry,
p. L p 1 C C
dpp,nn_ "n -
Ri9a- *a- *E *E& | N*Bpiec (X-5)
P n n p

The temperature drop by conduction through the hot shoe itself
should be considered for the case of SiGe. Then, the maximum shoe
temperature is related to the hot junction temperature by:

q e—?\t

=T + ——o (X_G)

T
h Kshoe

shoe

The capsule surface temperature is related to the hot shoe tempera-
ture by the equation for radiation heat transfer,

At 1/4

q e 4
—_— 4+ T
env shoe

T =

0
cap oEA (X-17)
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The final expression for capsule temperature is obtained by the fol-
lowing procedure:

(1) Solve Eq (X-1) for Tr and substitute in Eq (X-2).

(2) Substitute this result for Tc into Eq (X-3). Solve for Th'

(3) Substitute the resulting equation into Eq (X-6). Take the re-

sult and substitute it into Eq (X-7) for T .
shoe

The net result is the following expression for capsule surface tem-

perature as a function of time (see Eq (X-8)), where the current, I, is
itself temperature dependent and is given by Eq (X-4).

1/4 _ _
@ oM ae/Ea kA a4
At e M 2 +K° r1l b N+Koarl 4 e-Ml
{qoe §q° oA UE(Acirc - AS)nfin cold n j PPl 2o

= +
cap €Ay l <E A kA > shoe 5
n"n_ "p' p
N2 +K +a 1
1n lp par h
(X-8)

2. Case II--General Equation with Open Circuit

For the condition of an electrical open circuit, the Peltier cooling
term vanishes and Eq (X-8) reduces to

q e_M 5 q e—ht
T = == + 2
cap CEA, L l KA kA
N2+ 2B +k
1 1 par
n p
1/4
- -A
q e At q e t
o +K0
ogehAg oe(Acirc ) As) Ngin cold
1/4
-Atf‘
q_e
K shoe s
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3. Case III--Open Circuit--Initial Properties

For the case where the properties are not strong functions of tem-
perature or alternately where long-time periods are not involved (hence,
large temperature changes do not occur), initial material properties
(emissivities, conductivities) may be used.

Then, Eq (X-1) may be written as:

q=9g._e =K. T (X-10)

= O -
K, = ) (X-11)

r

o

Substitution into Eq (X-10) gives

T =T e—?\t/4 (X-12)
r r,o
Similarly, it may be shown that Eq (X-2) becomes:
T =T —ht/‘l (T _ T ) e-?\t (X-13)
C r,o r o
For an open circuit condition, Eq (X-3) may be written as:
a e M=k, (T, - T )+K (T, - T,) (X-14)
o) 2 h c par\ " h c
Evaluating K, + K att = 0,
par
9
K, + Kpar = Th = Tc (X-15)

Substitution into Eq (X-14) gives, after solving for T, and further sub-

stituting for TC from Eq (X-13),

h

At e—?\t/4+ (Tc At

Th B (Th B Tc)oe- + Tr,o (X-16)
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Equation (X-6) is treated similarly to Eq (X-2). Then:
-t

Tooe = Tt (Tshoe - Th>oe (X-17)
Equation (X-7) may be written as:
(e 1/4
Tcap - K, * Tshoe (X-18)
Evaluation of K3 at t = 0 and substitution back into Eq (X-18) gives:
Tcap ) [(Tcap B rI‘s‘,lhoe)oe->th * T:hoe] e (X-19)
Final substitution of Egs (X-16) and (X-17) into Eq (X-19) gives:
s _ _
1( cap shoe>oe Moo {(Th ) Tc)oe M
411/4
+ Tr,oe_kt/4 * (Tc ) Tr>oe_kt * shoe B h) t] s

(X-20)
where the subscript o indicates that particular temperature is the value

att = 0. It should be noted that Th, o’ Tshoe, o and Tcap, o are not the

initial normal operating temperatures, but rather are the initial open
circuit temperatures which are typically 100° to 200° F above the normal
operation values.

Also, note that because of the presence of radiation, all temperatures
must be on the absolute scale.
B. CONCLUSIONS AND DISCUSSION
Capsule temperature as a function of time is most accurately de-

scribed by Egs (X-8) or (X-9), depending on whether a normally operating
or open circuited generator is assumed.
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Equation (X-20) (developed for open circuit generator) may be applied,
however, with the assumption that the material properties (emissivities
and conductivities) do not change as the temperatures change., This is
a reasonable assumption and, in fact, conservative since thermoelement
conductivity increases at lower temperature (increased conductivity will
cause capsule temperature to be lower than predicted by use of beginning-
of-life values).

As an example of the use of Eq (X-20), capsule temperature was com-
puted as a function of time for the following initial conditions (open cir-
cuit) for Pu-238 (t 1/2 ° 86. 4 years):

cap, o = 1950° F = 2410° R
Th,o = 1750° F = 2210° R
Tshoe, o 1765° F = 2225° R
Tc,o = 550°F = 1010°R
Tr,o = 520°F = 980°R

The resultant capsule temperature history is plotted in Fig. X-1. It
is of interest to note that if the first equation cited was used (i.e., the
equation used for SNAP 9A), lower (and hence optimistic) temperatures
would result. (At the 200-year point, the SNAP 9A equation would give
483° F; and at the 300-year point, 206° F as contrasted with the more
accurate values of 800° and 540° F', respectively.)

For pressure buildup calculations, it is recommended that normal
operating temperatures be used for the time period during which the
generator is not likely to open circuit. This time period is dependent
on generator reliability. After that period, it is recommended that
open circuit temperatures be used.

Finally, note that since absolute temperatures are used in the ideal
gas law, small errors in capsule temperature will produce small errors
in pressure buildup. Capsule material properties (yield strength, ulti-
mate tensile strength, etc.) are quite sensitive to the temperatures used,
particularly in the range 1600° to 2000° F'.

C. NOMENCLATURE
A Area

C Element contact resistivity
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Voltage

Current

Thermal conductance

Thermal conductivity

Integrated average thermal conductivity

Element length

Number of couples

Heat rate

Electrical resistance

Temperature

Time

Isotope half-life

Seebeck coefficient

Emissivity of radiator

Effective emissivity between capsule and hot shoe
Radiator fin efficiency

Isotope decay constant = 0. 693/1:1/2
Thermoelement electrical resistivity

Stefan-Boltzmann constant

Subscripts

circ

cap

cold

XY YIY]

seve

Circumscribed (refers to area envelope about the radiator
fins)

Cold junction
Capsule

Refers to cold end hardware on thermoelements
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env Envelope (area of heat source)

h Hot junction

I Refers to total internal resistance

L Load (resistance)

misc Miscellaneous

N N element

o initial value

oc Open circuit

P P element

par Parasitic

S Refers to area of shell (or casing) of generator (i.e., with-
out fins)

shoe Thermocouple hot shoe
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APPENDIX Y
AERODYNAMIC COEFFICIENTS AND PRESSURE DISTRIBUTIONS

The aerodynamic coefficients for the RTG/RB which were obtained
by analytical techniques are discussed first. Later, the pressure dis-
tributions which were obtained from experimental data for this configu-
ration will be discussed.

A. AERODYNAMIC COEFFICIENTS

The hypersonic aerodynamic coefficients for the RTG/RB were deter-
mined by a digital code which utilized modified Newtonian impact theory.
For these calculations a maximum pressure coefficient (CP ) of 1,833

max
was used. These coefficients are:

Coefficients

(1) CX--axial force
(2) CZ——norrnal force
(3) Cy-—side force
(4) C,Q --rolling moment
(5) Cm—-pitching moment
(6) Cn--yawing moment
and are referenced to a body-axis system.,

Figure Y -1 presents the positive directions for the force and mo-
ment coefficients and angles. These coefficients are presented in
Figs. Y-2 through Y-6 as a function of total angle of attack, n, and
roll angle, §. Because the pressure always acts perpendicular to the
surface, the rolling moment for this vehicle was zero. The moments
were determined about a point 19,3 inches (42% of maximum diameter)
aft of the spherical nose on the axis of revolution. Reference area and
length used in these calculations were based on the maximum diameter.
Figure Y-7 shows the pertinent dimensions for the RTG/RB and the
orientation of the fixed body axis system.

It can be concluded from these figures that the RTG/RB is stable

about zero n (blunt end first) and unstable about n = 180 degrees (con-
ical afterbody first) if the center of gravity is located at x/D = 0,42,
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Side Force Coefficient, C
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Yawing Moment Coefficient, Crl
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Pitching Moment Coefficient, Cam
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These coefficients were used in an analog computer program to
determine the dynamics of the RTG/RB for various initial angular rates
and displacement along three different reentry trajectories. This will
be discussed in Chapter VII.

B. PRESSURE DISTRIBUTION

The pressure distributions were approximated from the experimental
data presented in Ref, Y-1. Figure Y-8 presents the dimensions of the
reference body, Gemini reentry vehicle, used in this reference as a
function of maximum body diameter. From a comparison of Fig. Y-7
with Fig, Y-8, it can be seen that these two vehicles are geometrically
similar over the blunt nose and the front portion of the conical afterbody.
Figure Y -9 presents the pressure orifice locations as a function of
meridian angle (¢). ¢ = 180° was defined as the windward meridian and
¢ = 0° was the leeward meridian, The pressure distributions in terms
of CP for angles of attack from 0 to 40 degrees are presented in Figs.,

Y-10 through Y-13 as a function of the nondimensional surface distance
for ¢ = 0, 90, 135 and 180 degrees, respectively. This nondimensional
surface distance (s/s') is defined in Fig. Y-9. In Fig. Y-10, the pres-
sure coefficient (CP = -0.05) over the conical afterbody at ¢ = 0° was in-

dependent of angle of attack over the range tested. The same was ap-
proximately true for ¢ = 90° meridian (Fig. Y-11). In Figs. Y-12 and
Y-13 (¢ = 135 and 180 degrees, respectively), the pressure coefficient
is increasing over the aft portion of the conical afterbody. This was
due to the cylindrical portion of the Gemini vehicle just aft of its conical
afterbody. This phenomenon would not be present on the RTG/RB be-
cause of the absence of this cylindrical section. Therefore, the RTG/
RB CP curve could be drawn ignoring these points.

REFERENCES

Y-1. Price, E. A,, Jr., Stallings, R. L., Jr. and Howard, P. W.,
"Pressure and Heat-Transfer Distributions of 0.1 Scale Gemini
Exit and Re-entry Models at Mach Numbers of 3.51 and 4.44,"
NASA TM X-~1149, September 1965, CONFIDENTIAL.
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Pressure Coefficient Along ¢ = 90° Meridian, CP
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Pressure Coefficient Along ¢ = 135° Meridian, CP
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APPENDIX Z
LAUNCH PAD FIREBALL DATA
A. FIREBALL GROWTH

During a fireball growth period, the propellants intermix rapidly as
the fireball forms a hemispheric dome. After the fireball reaches its
maximum diameter (nominally between two and three seconds after igni-
tion), it starts to rise in the typical mushroom shape pattern. Lumi-
nosity of the flames within the fireball lasts for about five or six sec-
onds. Random vapor explosions have been known to occur in the wake
of the rising fireball, creating additional luminous flames. Compared
to a powder charge detonation, the deflagration phenomenon is relatively
slow. Particle velocities (propellants, fragments or flame gases) can
reach velocities up to 8 to 900 fps during the first 0.005 second of the
explosion.

Figure Z-1 illustrates sequentially the growth of the half scale Titan
IT destruct test fireball which reached a maximum diameter of about
140 feet. Ground fires which are quite long in duration are less intense
than the fireball and can be cooled rapidly by launch pad flood water
systems. Figure Z-2 shows fireball diameter as a function of time
from destruct for the Titan II, Tests 1 and 2. The total propellant in-
ventories for the two tests were 15,800 and 32, 700 pounds, respectively.

Figures Z-3 and Z-4 (Ref. Z-1) present fireball duration and diam-
eter as a function of total propellant weight for many types of fuel used
in launch vehicles. Approximately 65 to 70 data points have been ob-
tained for each curve, either from designed tests or actual launch pad
accidents. The results of the half scale Titan II tests have also been
plotted on these curves and agree quite well.

The following empirical expressions can be used to predict the two
fireball characteristics within the obvious band of error.

1/3

D=9.3W nd (Z2-1)

T 1/3

0.23W (Z-2)
where D = diameter in feet, T = time in seconds, and W = total propel-
lant weight in pounds.

Unfortunately, very little data are available for in-flight explosions
other than photographic documentation, which in itself is not always of
good quality. However, a few generalizations can be made based on the
photographic analysis. The size of the in-flight fireball is smaller than
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the launch pad fireball, yet, for certain geometries of vehicle orienta-
tion and flight path, mixing of propellants could be optimized to yield
explosions equivalent to the launch pad situations.

A most significant statement with respect to isotopic generator nu-
clear safety was made in Ref., Z-1, "Throughout the duration of the
major reactions. .. (for an in-flight accident), . . the missile nose
cone remained visible.' Hopefully then, one might expect quick sepa-
ration between fireball and generator due to the difference in drag be-
tween the two. For the remainder of this discussion, the consequence
of an in-flight explosion will be assumed the same as a launch pad ex-
plosion, with respect to generator or fuel encapsulation integrity.

B. THERMAL ENVIRONMENTS

In general, it appears that the temperatures and heat flux associated
with fireballs are somewhat independent of the total propellant inven-
tories and propellant combinations (Ref. Z-2). For any specific system,
the fireball duration is the predominant parameter. Emissivities of
luminous fireballs vary from 0.9 to 1.0 (Ref. Z-1) and it is suggested
that the value of 1.0 be used for conservatism (nonluminous gas may
have emissivities as low as 0.45). Fireball temperature profiles as
a function of specific propellant, Lox/RP, UDMH/IRFNA, etc., have
not been adequately measured or documented, but it is anticipated that
Project PYRO (Refs. Z-2 and Z-3) will ultimately fill in the required
information gaps for fireball thermal environments.,

Figure Z-5 shows typical temperature traces as a function of time
for three selected thermocouple positions also illustrated in relation to
the half scale Titan II test vehicle. The wide fluctuations of tempera-
ture indicate the inhomogeneity within the turbulent fireball, Incom-
plete temperature-time history for some thermocouples is due to either
electrical power failure or thermocouple failure during the tests. It
is estimated from the data that a mean fireball temperature of between
2000° and 2500° F might be applicable over the entire fireball duration
period. However, this may be a significant underestimation, since
temperatures of an Atlas-Centaur (Ref. Z-2) remained above 3000° F
for about five seconds with fluctuating peak temperatures greater than
5000° F'. Even 200-pound propellant tests (Ref. Z-2) have yielded
3000° F temperatures for as long as 0.5 second. Additional informa-
tion (Ref, Z-4) indicates maximum temperatures of about 3400° F for
Lox/RP systems and 3100° F for hypergolics; the latter corresponds
to the maximum temperatures predicted as a result of the half scale
Titan II tests. The higher fireball temperatures (Ref. Z-2) appear
to be the most recent data, and for that reason, plus a measure of
conservatism, the temperature suggested as a standard for generator-
capsule heat transfer calculations is 3000° F' over the entire duration

of the fireball as determined by Eq (Z-2), T = 0.23 W1/3.
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Heat flux traces from the Titan tests are shown in Fig. Z-6. The
fluctuations are typical of the temperature plots and further indicate
the inhomogeneity of the fireball' s thermal characteristics. Maximum

heat flux within the fireball reaches ~400 Btu /ftz—sec, while the average

is between 50 to 200 Btu/ftz-sec. Average heat flux predicted from a
Saturn IB or V (Ref. Z-1) at a temperature of 3000° F is about 80 Btu/

ft2—sec (emissivity of 1.0, fireball diameter of 844 to 1408 feet). Al-
though it would be desirable to describe a functional relationship between
heat flux and time, the data, as in the case of temperature, simply do
not describe a coherent relationship.

Table Z-1 summarizes the recommended thermal parameters to be
used for the fireball safety analysis of an isotopic generator system.

TABLE Z-1
Thermal Parameters
Time Duration of Environment T =0.23 Wl/3
(Eq(Z-2))

Temperature of Fireball During
Time, T 3000° F
Heat Flux of Fireball During 9
Time, T 80 Btu/ft”-sec
Fireball Emissivity 1.0

Many questions of a practical nature immediately arise when one
attempts to set criteria for such an erratic phenomenon as a launch pad
accident, e.g.: How long will the generator-capsules remain in the
environment, or what about multiple fireballs from more than a one-
stage ignition? And, of course, how reliable are the criteria?

Table Z-1 allows the system to be in the environment for the total
duration of the luminous fireball, (We have acknowledged that an in-
flight accident will probably see separation between payload and fire-
ball.) Table Z-1 does not consider repetitive fireballs. Afterfire
heating has also been neglected. As to reliability of criteria (and
associated accident philosophy), it is adequately representative of the
situation for the purpose of a nuclear hazard accident analysis and
represents the best data available at this time,
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C. SHOCK OVERPRESSURE AND IMPACT

At present, there are insufficient data and analyses to adequately pre-
dict overpressures generated during a fuel explosion. Figure Z-7 rep-
resents some of the more reasonable data (Ref. Z-5) obtained during
various overpressure tests. Although it appears that a major correla-
tion between the overpressure and the fuel contact area exists, fuel
ignition delays, fuel tank geometry, fuel mixing and total fuel inventory
can yield large differences in the overpressures generated by any given
vehicle. However, one conclusion is obvious: overpressures of 100 psi
or greater have been measured and can be expected, but inherently do
not offer a serious restriction to the design of an intact fuel encapsula-
tion. Only when these overpressures result in high fragmentation veloci-
ties is the integrity of the fuel encapsulation jeopardized.

Fragmentation velocities can initially reach 800 fps, although it is
apparent (Ref. Z-2) that velocities in the region of 300 to 400 fps are
more realistic for the pad accident as shown in Fig. Z-8. The maxi-
mum recorded debris trajectory time was measured at 48, 6 seconds,
with an average time of 0.2 to 0.25 second spent within the fireball.
In-flight fragment velocities are about the same with a possible maxi-
mum of 500 fps. Contrast this to the expanded propellant vapor velocity
of around 2000 fps.

Figure Z-9 (Ref. Z-2) illustrates the radial impact distribution as
a function of size for an actual accident. The extremely large fragments
at great distances from the source are somewhat misleading because
equipment pods were located in the immediate vicinity of the point of
ignition. However, the figure does illustrate the potential for debris
scatter. It is quite conceivable that 1- to 10-pound capsules could
easily be projected thousands of feet at initial velocities of 400+ fps,
thus search areas for fuel capsules can be quite large because of the
geometry between payload and point of ignition. The probability for
such a situation is low.
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APPENDIX AA

ANALYTICAL ESTIMATES OF TUMBLING AND
OSCILLATORY MOTIONS OF CRONUS REENTRY BODY

The design of a reentry body requires an evaluation of the dynamic
behavior of the body during its descent through the atmosphere, The
most elementary requirement of such a design is to provide static
stability by locating the center of gravity so that one obtains a negative
value for the slope of the moment coefficient curve as a function of angle
of attack in the vicinity of the trim point. The provision of static
stability is, however, not sufficient to assure satisfactory dynamic
behavior of a reentry body. During entry it is possible for a body to
have an angle-of-attack behavior which is oscillatory but with an ampli-
tude that is excessive during periods of maximum heating and maximum
loads.

Some of the salient features of the oscillatory motion of a reentry
body were obtained by Allen (Ref. AA-1) whose analysis was based
upon the formulation of Friedrich and Dore (Ref. AA-2). The analytical
results of Allen, while quite useful, are restricted to the case of a
reentry body which enters the atmosphere with no angular velocity and
whose oscillations are limited to small angles of attack. The effect of
an initial spin rate upon the angle of attack convergence, also for small
angles of attack, was investigated by Leon (Ref. AA-3) who obtained a
correction to Allen's results. Recently, two papers by Tobak and
Peterson have considered the inherently nonlinear problems of tumbling
bodies entering planetary atmospheres (Ref. AA-4) and of spinning
bodies entering planetary atmospheres at large initial angles of attack
(Ref. AA-5). In the present note, the results of Refs. AA-4 and AA-5
are applied to the case of the CRONUS reentry body to estimate some
of the dynamic characteristics of this body.

A. DISCUSSION AND RESULTS

To reduce the problem to manageable proportions, several simpli-
fying assumptions and approximations were made in Refs. AA-4 and
AA-5, The significant assumptions and approximations are as follows:
rotation of the planet and atmosphere are neglected; aerodynamic
damping terms are neglected; the flight path angle, ¥, and velocity, V,
remain constant at their initial values ‘)’i and Vi; the density, p, of the

atmosphere varies exponentially with altitude; the motions of the non-
spinning cases are planar; the variation of moment coefficient, Cm’

with the magnitude of the angle of attack, n, is sinusoidal and may be
written in the form

Cm n) = Cm sin n (AA-1)
max
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and for the spinning case, the body is axisymmetric both inertially and
aerodynamically. It should be noted that in Refs. AA-4 and AA-5
sample calculations were made to assess the accuracy of the methods
presented with results in which no approximations were made either
to the equations of motion or to the aerodynamic forces and moments.
For the tumbling motion (Ref. AA-4), it was found that the agreement
between the exact results and the theory was within 10% throughout;
for the spinning case (Ref. AA-5), satisfactory agreement was also
obtained (within approximately 15%). The characteristics of the body
and the atmosphere used in the application of the methods of Refs. AA-4
and AA-5 are summarized in Table AA-1. The value of the maximum
moment coefficient, C , was evaluated so that the area under a
max
half-cycle of the approximating sine curve equaled the area under a
representative pitching moment variation for the CRONUS reentry
body. A comparison of the two curves is shown in Fig, AA-1.

TABLE AA-1

Properties of Vehicle and Atmosphere Used in
Estimating Dynamic Characteristics

Moment of inertia in pitch, I 14 slug-f’c2
Ratio of pitch moment of inertia to 1.0

roll moment of inertia, I/IZ
Reference area, A 11.5 ft2
Reference length, d 3.83 ft
Flight velocity, V 25,690 fps
Maximum moment coefficient, Cm -0.0498

max

Ballistic coefficient, W/CDA 25 1b/ft>
Density parameter B for exponential (21,138 ft)_1

atmosphere (p = p0e7gy)

The variation of the envelope of the angle-of-attack oscillations
with dynamic pressure is shown in Fig. AA-2 for an entry angle of
-8 degrees and for several values of initial angle of attack and zero
initial angular velocity. These results show that the envelopes con-
verge very rapidly at low values of dynamic pressure and reach a min-
imum at maximum dynamic pressure. The same envelopes are also
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shown as functions of the fraction of maximum stagnation point heating
rate in Fig. AA-3. It will be noted that for the largest initial angle of
attack considered (T)i = 179 deg), the envelope converges to approxi-

mately 20 degrees at maximum dynamic pressure and at peak stagnation
point heating, the angle of attack is less than 25 degrees. For smaller
initial values, smaller minimum values are obtained. The effect of flight
path angles upon the minimum value of the angle-of-attack envelope

(at peak dynamic pressure) is shown in Fig. AA-4. Increasing the flight
path angle results in an increase in the minimum value of the envelope.
For entry angles less than 30 degrees, however, the envelopes converge
to an angle of attack of less than 30 degrees even for the largest initial
angle of attack (179 deg) considered here.

When a body enters the atmosphere, it will not, in general, do so
with zero angular velocity. In most cases, the body will have some
angular momentum and will enter the atmosphere with a tumbling rate
about its center of gravity. As it enters the atmosphere, the aerody-
namic moments will come into play and, if some measure of aerody-
namic stability exists, the tumbling motion will generally be arrested
and the body will undergo an oscillatory motion. This oscillatory
motion will be of diminishing amplitude, at least during the period of
increasing dynamic pressure, but may be of large amplitude. It is of
interest, therefore, to estimate the dynamic pressure at which the
tumbling motion ceases as well as the magnitude of the subsequent
angle-of-attack envelopes.

In Fig. AA-5 the variations of dynamic pressure, g, at which the
tumbling motion ceases as a function of initial tumbling rate, UM for

two values of entry angle, Y, are presented. The initial altitude for

these results was taken to be 400, 000 feet. The lowest curves on this
figure show the minimum values of dynamic pressure at which tumbling
can cease, i.e., the initial tumbling motion will persist at least to
these values of dynamic pressure. The uppermost curves on this fig-
ure represent the values of dynamic pressure whose probability of
being exceeded is 0.01 when tumbling ceases. Thus, tumbling will
cease at dynamic pressures between the uppermost and the lowest
curves for 99% of the tumbling reentries. The reason for using a
probabilistic criterion for the upper curve is that, for a given initial
tumbling rate, there exists one value of initial angle of attack (out of

a total of 360 deg) at which the body will not oscillate, but will come

to rest at the unstable trim point (1 = 180 deg for the sinusoidal varia-
tion of moment coefficient with angle of attack). The probability of
this occurrence is, however, negligible and the use of a finite proba-
bility criterion is more meaningful. It should be noted that in Ref, AA-4
it was found that there exists a nonzero minimum value for the first
peak of the variation of angle of attack during reentry. This minimum
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value of the first peak of the angle of attack results in the minimum
value of the angle of attack envelope at peak dynamic pressure. The
values of the dynamic pressure at which this minimum value of the
first peak of oscillation occurs are also shown in Fig. AA-5. The
variation of the angle-of-attack envelopes with a fraction of maximum
stagnation point heating rate is presented in Fig. AA-6 for a tumble
rate of 0. 85 radian/sec. The lower curve in this figure corresponds
to the envelope resulting from the minimum value of the first peak of
oscillation, the upper curve is the envelope whose probability of being
exceeded is 0.01. Thus, 99% of the entries with an initial tumble rate
of 0. 85 radian/sec will have angle-of-attack envelopes between these
two curves. The effect of entry angle }’i upon the minimum values of

angle-of-attack envelope, i.e., at maximum dynamic pressure, is
shown in Fig. AA-7 for an initial tumble rate of 0. 85 radian/sec.
Again, the upper curve corresponds to the envelope whose probability
of being exceeded is 0. 01 and the lower curve corresponds to the min-
imum value of the first peak of oscillation. It will be noted that both
curves decrease with steepening entry angles.

To obtain a controlled reentry of an orbiting body, it is often de-
sirable to spin stabilize the reentry body prior to the application of
the deorbit retrorockets. In such cases, the reentry body will enter
the atmosphere with an initial spin rate. Thus, it is desirable to esti-
mate the effects of such an initial spin rate upon the angle-of-attack
envelopes of a reentry body. The methods developed in Ref. AA-5
provide a means for estimating the effects of such an initial spin rate
for a body which enters the atmosphere with a given initial angle of
attack and zero initial pitch (or yaw) rate. For the case of an initially
spinning body, the motion is no longer planar as was obtained for the
bodies that enter the atmosphere with an initial angle of attack and zero
pitch rate as well as for the body that enters the atmosphere with an
initial tumbling rate. As soon as a spinning body enters the atmosphere
at a non-zero angle of attack, the aerodynamic pitching moment will
generate a pitching rate which then couples with the gyroscopic moments
of the spinning body to induce a yawing rate and the motion is, in
general, nonplanar. Qualitatively, this nonplanar motion of a spinning
body may be described as a precessional motion of the body axis about
the velocity vector upon which is superposed a nutational oscillation.
Such a motion generally is bounded between two envelopes correspond-
ing to the maximum and minimum values of the magnitude of the angle
of attack. This type of motion differs from the planar case in which
the minimum value of the magnitude of the attack is equal to zero.

For a spinning reentry body, the variation of the maximum and min-
imum envelopes with dynamic pressure and with heating rate is similar
to those shown in Figs. AA-2 and AA-3 for the nonspinning body. The
minimum value of these envelopes, which occurs at peak dynamic
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pressure, does change with spin rate. The effect of spin rate upon the
value of the two envelopes at peak dynamic pressure is presented in

Fig. AA-8 for an entry angle of -8 degrees and two values of initial
angle of attack. It will be noted that the envelope values at peak dynamic
pressure increase with increasing spin rate. In addition, as the spin
rate increases, the difference between the maximum envelope and the
minimum envelope decreases, i.e., the nutational oscillations become
smaller and the precession of the body axis about the velocity vector
increases and becomes the dominant part of the motion.

B. CONCLUDING REMARKS

The present study indicates that a significant amount of information
concerning the dynamic behavior of reentry bodies can be obtained from
existing analytical methods. For the range of conditions covered in this
investigation, it appears that there is a rather low probability that the
angle of attack at maximum dynamic pressure will exceed 50 degrees.
Inasmuch as the results obtained here depend upon several simplifying
approximations, they should be used as a guide to the expected behavior
of such a body in the preliminary design stages. For the evaluation of
the dynamic behavior of a final design, it would be desirable to obtain
the solution of the exact equations and aerodynamic forces and moments
utilizing modern computing machines.
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Envelopes at Peak Dynamic Pressure. Zero Initial Tumbling Rate
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APPENDIX BB
GUIDANCE/CONTROL CHARACTERISTICS

The RTG/RB is designed to abort under controlled orientation con-
ditions and to maintain this orientation by spin stabilization. Therefore,
the CIR-RTG/RB must be separated from the spacecraft, and subse-
quently deorbited, whenever there is an indication that a disastrous
malfunction is developing or if loss of spacecraft (or launch vehicle)
orientation beyond relatively narrow limits is imminent. These pre-
cautions could have the following effects:

(1) A mission could be unnecessarily voided.

(2) Intentional reentry and retrieval of the RTG/RB from the
planned spacecraft orbit would be dependent upon the ability
to ground command the spacecraft to the proper attitude for
RTG/RB separation.

(3) Achievement of partial or secondary missions would be pre-
vented if a satisfactory long-life circular orbit cannot be
attained.

Incorporation of an attitude control system in the CIR could alleviate
these conditions. However, the advantages to be gained do not appear
to overcome the disadvantages of increased complexity and weight. Let
us examine the realities of the potential advantages.

The first effect, voiding a mission unnecessarily, does not appear
significant since automatic MDS functions cannot be overridden, and
aborts based on telemetry and/or tracking data, which indicate devia-
tions in the boost trajectory, excessive angular rates, etc., are subject
to ground command. In the case of this latter point, the decision to
separate the RTG/RB is no more critical than the decision to abort
(destruct) the launch vehicle by ground command, Thus the only way
in which a normally successful mission could be voided unnecessarily
would be for Ground Control to receive a false signal from the injection
stage after injection into the elliptical orbit, indicating that a nonde-
structive malfunction is about to occur which will prevent proper
orientation of the RTG/RB for deorbit.

The second effect relates only to the planned return of a fueled
power supply which has been placed in its planned circular orbit.

The third effect simplifies to the probability that a malfunction
occurs which prevents the injection stage from injecting the spacecraft
into the planned circular orbit yet permits attainment of a satisfactory
elliptical orbit (100/600 naut mi) from which secondary or partial
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mission objectives can be achieved; the planned use of a spacecraft
with a nuclear power supply in a short duration elliptical orbit is not
considered.

Since no mission objectives that can be accomplished in a short
duration elliptical orbit can be identified at this time and the probability
of a desirable elliptical orbit after failure to achieve the desired circular
orbit appears low, there seems to be no way of justifying the added cost,
complexity and weight of an attitude control system for added mission
success possibilities. Consequently, the only real basis for providing
an attitude control system in RTG/RB is to assure return of a fueled
RTG/RB from the planned circular orbit if the spacecraft attitude con-
trol system malfunctions. On this basis, the RTG/RB attitude control
system would simply act as a redundant system to the spacecraft ACS.

Incorporation of an attitude control for the latter purpose will elimi-
nate the need for spinning the RTG/RB if it can be shown that the prob-
ability of a deorbit rocket motor-out condition is so remote that it does
not impose a design requirement. Chapter VI shows that a motor-out
condition is not sufficiently probable to serve as a design condition.
The spin-despin system must be retained in any event, since the attitude
control system has no reference during the boost ascent phase of the
mission (unless a completely independent inertial platform is also
included). Since there would be insufficient time after abort during
boost flight to search for a reference and orient the deorbit rocket
thrust vector, the capability for spin stability must be retained.

An RTG/RB attitude control system for intentional recovery from
the planned orbit or from the 100/600 naut mi elliptical orbit will;

(1) Recover from a tumbling condition introduced by a gyrating
spacecraft at separation of the RTG/RB

(2) Provide guidance reference point (sun) search and orientation
for deorbit under limit cycle conditions

(3) Overcome the effects of small misalignments in the deorbit
rocket thrust vectors,

Since the total impulse requirements are low (1000 to 4000 lb-sec),
a nitrogen cold gas system has been compared with a monopropellant
hydrazine system. While the bipropellant (hydrazine, nitrogen tetroxide)
system is competitive with the monopropellant at this impulse level,
only the monopropellant system with its inherently higher reliability was
evaluated against the nitrogen system. The nitrogen system offers high
inherent reliability and an extensive background of experience and ap-
plication. However, the low specific impulse of the cold gas system
results in heavy propellant and inert weight penalties which must
ultimately be traded against reliability.



~® &

1acan
Sreen-~
.
»

|

The thrust level for the attitude control system and the bulk of the
propellant weight are dependent upon the requirement to overcome
tumbling of the RTG/RB immediately after separation from the space-
craft. For this reason, system weight has been plotted as a function
of tumbling rate (Fig. BB-1). The graph shows that if the RTG/RB
can be separated from the spacecraft before a tumbling rate in excess
of one revolution per second is imposed on the RTG/RB, the cold gas
system weight disadvantage may be acceptable in order to reap the
benefits of simplicity and reliability. Selection of the type of attitude
control system will depend upon the characteristics of the spacecraft
and the magnitude of the rates it can impose on the RTG/RB prior to
separation.

Assumptions and design requirements for analysis of the ACS sys-
tems follow.

1. Basis for Analysis

This analysis provides a system's definition for independent operation
of the present reference configuration. The analysis is limited to the
cost in terms of equipment weight, volume and power requirements
for finding a relative orientation with respect to sun and earth, com-
municating this orientation to a central command facility, determining
attitude and time for deorbit execution, communicating these parameters
to the RTG/RB and executing controlled deorbit and reentry. The
weight penalty, excluding those functions common to the spin-stabilized
version, is found to be 91. 7 pounds.

2. Assumptions

The RTG/RB will consist of the RTG, structure and associated
operational components shown in Fig. BB-2. A vehicle mass table
is given (Table BB-1),and the inertia matrix computed from this data
in the six-degree-of-freedom stability program is given in Table BB-2.

The equipment complement required for independent orientation is:

(1) Four wide-angle sun sensors placed about periphery of
equipment module

(2) Two horizon sensors placed at opposite sides of equipment
module

(3) Rate-switch controlled reaction jet system with six nozzles
and associated fuel tanks

(4) One single-degree-of-freedom rate integrating gyro with
associated electronics for gyro compassing to orbital angular
momentum vector during the dark-side portion of orbit; this
will maintain vehicle azimuth reference
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Stabilization Wide angle sun sensor (4)

reaction jets

Retrorockets (4)

Reference Spin rockets (2)

coordinate

origin Horizon scanner (2)

Fig. BB-2. Reentry Body, Configuration "D"
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Part Description

RTG thermoelectrics
RTG thermoelectrics
RTG thermoelectrics
RTG thermoelectrics
RTG fuel block

TABLE BB-1

Vehicle Masses

cossee

Location of Center of Gravity of Incremental Weights segees
Weight
(1b) X Y z o
12 -21 -12 12
12 -21 -12 ~12 e
12 -21 12 -12 HT
12 -21 12 12 et
49 -21 -6 6

RTG fuel block 49 -21 -6 -6
RTG fuel block 49 -21 6 -6
RTG fuel block 49 -21 6 6
RTG radiator shell 27 -21 -11 11
RTG radiator shell 27 -21 -11 -11
RTG radiator shell 27 -21 11 -11
RTG radiator shell 27 -21 11 11
Retrorockets 8.6-34 6 0 25
Retrorockets 8.6-34 6 -25 0
Retrorockets 8.6-34 6 0 -25
Retrorockets 8.6-34 6 25 0
Spin rockets 3.8-15 6 -21 8
Spin rockets 3.8-15 6 21 -8
Heat shield 12.5 -3 -11 11
Heat shield 12.5 -3 -11 -11
Heat shield 12.5 -3 11 -11
Heat shield 12.5 -3 11 11
Tracking beacon system 15 -48 0 -5
Aft skirt 4 -49 0 -1
Subsystems electronics and power 15.5 10 -8 8
Subsystems electronics and power 15.5 10 -8 -8
Subsystems electronics and power 15.5 10 8 -8
Subsystems electronics and power 15.5 10 8 8
Subsystems housing and mounting 7.5 6 -9 9
Subsystems housing and mounting 7.5 6 9 -9
Subsystems housing and mounting 7.5 6 9 -9
Subsystems housing and mounting 7.5 6 9 9



TABLE BB-2

Vehicle Physical Characteristics

Inertia Matrix with Respect to Center of Gravity

IXX IXY IXZ 38. 7056 0. 1994
IYX IYY IYZ _ 0.1994 63.6072
IZX IZY IZZ -1.5704 1.8532

Center of Gravity Location with Respect to Reference Coordinates (ft)

X 0.12224
Y -0.07731
Z 0. 02945
Total Mass

21.10397 slugs

-1. 5704

1.8532

65. 8587

slug ft2
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Programmer, beacon and communications electronics

Independent battery power supply system capable of operation
for up to five orbits after separation.

The RTG/RB is assumed attached to Nimbus or another satellite
which may have lost its attitude reference and be tumbling. The vehi-
cle is in a determined orbit,and power and command communications
are available within the RTG/RB system. Ground command has made
limited functional verification of RTG/RB systems. Therefore, the
sequence of events is:

(1)

(2)

(3)
(4)

(5)

(6)
(7)

(8)

sencee

The RTG/RB is separated from the Nimbus on ground com-
mand as a result of decision to recover or dispose of the
RTG. The spin rockets are not used for this case.

Tip-off rates are reduced to zero as a result of reaction
jet system operation under rate switch sensing.

The RTG/RB begins to search about its roll axis for sun line.

Upon acquisition with any one sensor, the RTG/RB searches
about the cross axis (either Yy or ZB) for the horizon.

Upon acquisition and orientation, the RTG/RB searches
about its roll axis (XB) to establish a minimum (null) rate

upon the gyro oriented along +Z this axis is then established

B’
in the orbital plane and parallel to the velocity vector. The
vehicle is stabilized to the horizontal and pitching about YB

at the orbital rate.
The RTG/RB communicates its locked-on condition to ground.

Ground facilities will have determined orbit and predicted
position and azimuth of sun as a function of time. Time for
deorbit is determined, if required, and an incremental roll
command is computed. The pitch command required will
be a function of desired deorbit AV application angle,

The RTG/RB is given a deorbit program consisting of:
(a) Time to commence orientation for deorbit

(b) Incremental roll command to place Y axis perpendicular
to orbital plane, if required

(c) Incremental pitch command to position rockets for
deorbit AV

MIND=2Z050-F-2

i ii.488



(d) Update of RTG/RB clock.

(9) The RTG/RB executes reorientation on time and in position
for reentry to the desired target impact area.

(10) At this point, two options are available:

(a) Programmer ignites the deorbit rockets which apply
deorbit thrust. The reaction control system counter-
acts the disturbing torques resulting from deorbit rocket
thrust vector misalignment and from variations in thrust
level between rockets.

(b) Programmer ignites spin rockets for spin stabilization.
The programmer then ignites the deorbit rockets. The
reaction control system counteracts tumbling rates
produced by deorbit rocket misalignments. The pro-
grammer initiates reduction of spin rate utilizing the
reaction control system, after the deorbit impulse
delivery is completed.

(11) The time available to complete either of these options is
26. 58 minutes, based on an initial altitude of 600 naut mi,
an application angle of -135 and a nominal AV of 1500 fps.
It is assumed for this analysis that each function--tumble
correction and despin--will require 90 seconds to achieve.

(12) The RTG/RB is then separated from auxiliary systems by
release of the retention band and permitted to reenter in its
aerodynamic configuration with arbitrary attitude and residual
tumbling rates from the last separation.

(13) Upon atmospheric reentry, the RTG/RB is stabilized rapidly
to normal reentry aspect through aerodynamic moments
caused by the asymmetric aft body.

The choice of Option (10b) is only pertinent if the possibility of a single-
deorbit-rocket-out condition is used as the design criterion. It can be
shown that the propellant expended to overcome anticipated thrust mis-
alignments for a system in which all deorbit rockets are functioning is
quite small. On the other hand, a single rocket-out condition would

generate angular accelerations on the order of 30 rad/secz. At this
angular acceleration, the vehicle would be set tumbling, and deorbit
would fail. Any practical increase in reaction jet thrust would fail to
account for this situation, hence spin stabilization. However, even spin
stabilization will not completely prevent the vehicle from tumbling in
the rocket-out condition. Rather, it will tend to distribute the angular
momentum between two axes, providing a longer period of time in
which the thrust vector application is near nominal.
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In view of the extremely low probability of encountering a single-
deorbit-rocket-out condition and because spin stabilization is not a
guaranteed solution to the motor-out condition, this approach has not
been used. Evaluation of reaction control system requirements and

comparison of reaction jet propulsion systems are made on the basis of
Option (10a).

3. Reaction Control Propulsion System

A reaction jet system incorporated in the deorbit system associated
with the reference vehicle must provide sufficient thrust and total
impulse to enable the RTG/RB to recover from a tumbling condition
at separation from the spacecraft, accomplish a sun reference seeking
maneuver and compromise any pitch, yaw and roll torques generated
by misalignment of the deorbit rocket thrust vectors.

The ACS thrustors are located radially two feet from the reference
vehicle centerline, approximately six inches aft of the center of gravity.
The time for rate stabilization should be within possible communications
contact time; a time of 90 seconds is assumed. Since:

0 = 6 (At)
where

6 = tumbling rate

6 = angular acceleration required to null the tumbling rate
in 90 seconds

and

g =6/90
also

FR =18
where

thrust level for one axis

thrust moment-arm (2.0 ft)

moment of inertia of vehicle in axis of interest: 66 slug-ft2
in pitch and 39 slugs in roll
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Thus, the thrust level required in the pitch and yaw axes is

Fo< = 33 (6/90) = 0. 367 (6) pitch and yaw

PY

F_ =19.5 (8/90) = 0.217 (8) roll

R

Although the high level of thrust required for correction of tumbling
is not efficient for fuel economy during the limit cycle operation re-
quired to accomplish sun reference, a pulsed system of variable
repetition rate can be used to minimize the impulse bit. It is possible
to operate in a control mode such that "on'' pulses are so rapid that
the valve never closes. Thus, constant operation can be achieved
while the capability to return to a minimum impulse bit limit cycle is
retained. Reactlon jets of the size required (5 to 15 pounds of thrust)
can have "'on' times of 0.020 second and repetition rates of 50 pulses
per second. Propellant consumption during the limit cycle is derived
as follows:

f = pulsing frequency

NI angular velocity change due to torque impulse of
applied thrust

J = polar moment of inertia

= radius arm of thrust motor

It = impulse bit (Fot)
JAD = It
rl
S
AB = 3

Assume the angular velocity of the vehicle between

t. . <t<t, is 6

0—"—"1 1

-2A0 _ 2A8
t -t = —— = 5
10 -6 9

This is shown in Fig. BB-3,

If, att = t; @ velocity change, A8, is given to the vehicle,
» - -' + .
92 61 AB
where,
6 62, tlititz
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we find,
2A0
t, ~ t, = — T
2 1 af - 01

Then, for T = period, f = %

‘T-tz -tO =(t2 -t1)+(t1 —to)

2486 2 A0 1 1
T-= + e = 2A0 [~— +
61 48-§ <91 (46 - 91)>

Ab
T: 2 e - ] )
. <91 (26 - 91’)

6, (a6 -6)) .
f= - where 0 <6
2 Ag AB —

| S A6

( Then, a time averaged frequency over an initial rate spectrum
0 - A9) is

O RN R
f = = S\ ———— d?#o
ave Ag 2 Ag AP
0
= Aé
12 A6

and since the reaction jet is pulsed twice per cycle,

!

_op . A8
ave _Zf-GAG

where féve is the average frequency of the pulses. Let I be the time
rate of impulse expenditure,

: ' _ AD
1= It fzaLve " "t B6A®
2
(r It) r It

I=1

t 6JAg 6 AB
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If \;Vp = weight flow rate,

W - T;I;

where ISp = specific impulse,
we have,

rltz

Wp T BIT,_a0 (BB-1)

Sp
The minimum impulse bit is the average thrust over the pulse width.

We define here an impulse bit which is the product of the peak thrust
and an effective pulse width (At.). Thus

ItPY = Fpy (at) = 0.367 8 (At) = 0.00724 6 lb-sec

where
At€ = (0,02 second

and the propellant flow rate for one axis from Eq (BB-1) is

W,  =0.366x10° (Ii> b
PY Sp
where
A9 =0.1 rad
I = specific impulse of the propellant used in the attitude

SP control system

If we assume that a maximum of five orbits is required to assure

acquisition of the sun reference and attainment of proper RTG/RB
orientation, the total propellant expended for the pitch or yaw axis
during this period is

Wy =9.88 (I_e_> 1b
PY sp
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Propellant consumed in reducing the tumbling rate is based on an im-
pulse bit (steady state) of

I, = Fpy (At)
where
At = 90 seconds

The weight of propellant expended per axis is

P I

I F
w,' o= I—t = 90( PY> pitch or yaw axis
PY Sp sSp

Since the attitude control system must counteract the effects of
deorbit thrust misalignments, the maximum torque which must be
provided by the ACS is:

L=F (v) R' 23 ft-1b

rockets

where
F = total thrust of the deorbit rockets = 3280 1b
Y = angular misalignment = 0. 10°
R' = deorbit rocket thrust vector moment arm = 0.5 ft
Torque provided by the ACS should be at least 1-1/2 times the torque

generated by the deorbit rocket thrust. Expenditure of propellant per
axis during burning of the deorbit rockets is:

I Fo+ (Aat)' .
W - - PIY - 3.67 Ii
PY “sp sp Sp

where
(At)' = deorbit rocket burning time (10 seconds).
The total weight of propellant consumed during RTG/RB abort is:
W :2<WP )+WP +2 W, +wWL +2wl o+ w!
T PY R

Ppy Pp Ppy Pgr

ORI
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The total weight of propellant, W, , is plotted against RTG/RB tumbling
T
rate 6 (Fig: BB-1), since 6 has the greatest effect on propellant weight
required. Pressure tanks were assumed to be titanium spheres and the
monopropellant tank was assumed to have a minimum thickness of 0. 06
inch. Redundant thrustors are utilized for a total of 16 units. Valves
and control components for the cold gas and monopropellant systems
are one and two pounds, respectively. Table BB-3 provides the detail
data for the two systems, and Fig. BB-1 is a graph of system weight
as a function of tumbling rate. If a tip-off tumbling rate of 40 rad/sec
is assumed, the monopropellant reaction control propulsion system

weight is 50 pounds.

4. Control System

The reaction jet control loop for a single axis is given in Fig. BB-4.
The rate switch is an on-off device set to the desired limit cycle rate.
Its output is analog integrated to provide a signal which commands an
increasing pulse repetition rate with time up to the limit of the steady-
state on condition for the reaction jet valves. The integrator is reset
when the rate switch goes off. A limit cycle condition is thus established
wherein minimum pulse rate is generated. Such systems are generally
referred to as hysteresis switch control. The sensors illustrated are

for the ZB axis. The sun sensor is used only in the acquisition phase

when it is desired to orient the vehicle normal to the sun line. There-
after its output is switched off, and only the horizon scanner controls
attitude about ZB, with rate limiting provided by the rate switches.

The output of the gyro is added to the X, axis control signal with alter-

B
native utilization of the sun sensor signals as backup. The programmer
provides control sequencing by gating sensor signals in proper combi-

nation for the particular phase of the reentry process. The final despin

control is achieved by nulling the XB axis rate switch. The YB axis

mechanization is identical to Z, except for the absence of the gyro.

B

5. Component Selection

Components must be chosen for availability, high reliability, long
shelf life under orbital conditions and resistance to the nuclear and
space radiation environments. Typical of components which can meet
these requirements is the Barnes Radiometric Balance Horizon Sensor
which has sensitive elements composed of arrays of evaporated thermo-
pile detectors and provides accuracy of about one degree with direct
digital output. Characteristics of the horizon sensor, together with
those of the Ball Brothers coarse eye sun sensors, are given in Table
BB-4. The sun sensors are simple bolometer units which may be
placed about the periphery of the vehicle., The field for the coarse

.
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TABLE BB-3

Attitude Control System Characteristics

Type of System Cold Gas  Monopropellant Cold Gas  Monopropellant Cold Gas  Monopropellant Cold Gas  Monopropellant
Tumbling rate (rad/sec) 6.3 6.3 12.6 12. 6 25 25 40 40
Specific impulse 70 205 70 205 70 205 70 205
Pitch/yaw thrust total (1b) 2.5 2.5 5 5 10 10 15 15
Roll thrust total (1b) 1.5 1.5 3 3 6 6 10 10
Minunum impulse bit (lb-sec)
Pitch and yaw 0.05 0.05 0.10 0.10 0. 20 0.20 0.30 0.30
Roll 0.03 0.03 0.06 0.06 0.12 0.12 0.20 0.20
Propellant weight (1b)
Limit cycle (5 orbits) 0.126 0. 043 0. 50 0.17 2.02 0. 69 4.78 1.63
Tumble correction 8.370 2. 86 16. 74 5.7 33.48 11.40 51.45 17. 50
Thrust misalignment correction 0.928 0.316 1.86 0.634 3.71 1. 27 5.71 1.95
Total (includes 10% margin) 10. 37 3.52 21.00 7.16 43.1 14.7 68. 1 73.2
Total impulse (lb-sec) 725 725 1340 1340 2740 2740 4760 4760
Number of thrustors* 16 16 16 16 16 16 16 16
Stored gas weight (1b) 16 32.5 66. 5 105
se o Tankage volume (cu ft) 1. 142 0.065 2.32 0.1325 4.75 0.272 7.5 0.43
R Tankage weight (1b) 13. 6 0.56 27.5 0.90 56 1.46 89.3 1.98
St Pressurant weight (1b) 0.228 0.47 0.94 1.5
sesee Pressure tank volume (cu in.) 28.1 58 116 185
:"" Pressure tank weight (1b) 0. 393 0.63 1.07 1.87 > xe
ceseee Weight of thrustors (1lb) 3.0 7.6 4.5 9.4 15.5 11.8 28.0 14. 2 JEME
L Miscellaneous weight (1b) 1.0 2.0 1.0 2.0 1.0 2.0 1.0 2.0 N30
Plumbing weight (lb) 2.0 5.0 2.0 5.0 2.0 5.0 2.0 5.0 H
Total system weight (1b) 35. 6 19.3 67.5 25. 6 141 36.9 225.3 49.8 ‘:":'
Pulse width (min) (sec) 0.02 ®aens?
Deorbit thrust (1b) 3300 T. !
Deorbit thrust misalignment (deg) 0.10 Common to analysis .::..."
Misalignment torque (ft-1b) 3.0 Secaes

ACS moment arm (ft) 2.0
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TABLE BB-4

Horizon and Sun Sensor Characteristics

Horizon Sensor Sun Sensor
Type Radiometric balance, Bolometer (knife edge)
thermopile array coarse eye
Accuracy T 1° * 5°
Reliability 250,000 hr 200,000 hr
Field of view 180° to 100° + 90°
Power consumption 1.5 watts 1.5
Weight 11b 0.8
Volume 22 cu in. 10 cu in.
Company Barnes Ball Brothers

eye is 90 degrees and four are sufficient to cover the entire sphere,
The signal falls off rapidly at the extremes, however, and more may
be required with but small penalty in weight and complexity. These
components have been utilized in various planetary probes and are
space proven.

Integrating and rate gyro components present the greatest hazard
from the reliability point of view. The characteristics of two of these
units are given in Table BB-5. They are selected on the basis of re-
sistance to nuclear environment as well as satisfaction of system re-
quirements, In particular, the rate gyro threshold is selected on the
basis of the limit cycle rate:

-+ 30
IZZ 66

0.454 rad/sec?

Since the pulse must reverse the motion, the limit cycle will become
half of this angular acceleration times the pulse width:

g = 0. 454

0 252 (0.020) = 4.54 x 1073 rad/sec

= 0. 26 deg/sec

Since dynamic range is about 100/1 for these units, we expect the
gyro to limit at about 26 deg/sec. For the integrating gyro, its drift rate
is required to be significantly lower than the orbital rate of

6. 28

_ _ -3
0~ 90 % 60 60 - 1.162 x 10 © rad/sec

6
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TABLE BB-5

Design Goal Performance Specification Values

a. Kearfott Gas Bearing King II Gyro (C70 2590)

Weight

Angular momentum
at 24,000 rpm

Units
1b

gm-sq cm/sec

Proposed Specification

1 (maximum)

0.350 x 10% x 49

Gyro gain 12 x 20%
Transfer function mv/deg input 2500 + 25%
Pickoff output per mv/deg output 620 = 10%

degree of float trend
(9-volt, 19.2-kc

excitation)

Characteristic time second Not yet determined
Output axis freedom degrees + 2+ 25%
Operating temperature °F 154° F nominal
Torquer scale factor deg/hr/ms 40 + 5%

Maximum torquing rate  deg/hr 12,000

Torquer linearity to % 0.01

25° /hr

Motor excitation 3 phase 800 cps, 26 v
Starting power watts 15 (maximum)
Starting current millisecond 600 (maximum)
Running power watts 8 (maximum)
Running current millisecond 450 (maximum)
Synchronization time second 25 (maximum)
Vibration Not yet determined
Shock Not yet determined
Operating life hours 40,000 (minimum)
Stops and starts 500 (minimum)
Warmup heater watts 80 nominal
Maintenance heater watts 25 nominal
Temperature sensor ohms 780

Mass unbalance deg/hr/g 0. 15

(maximum each axis)

Fixed torque (maximum) deg/hr 1.0

(ST Y
Shayp
.
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TABLE BB-5 (continued)

Units
Mass unbalance shift deg/hr/g
(maximum) spread (based
on 5 six position run
with CD)
Fixed torque spread deg/hr
(maximum)
Random drift vertical deg/hr
(10 hr)
Random drift azimuth deg/hr
(10 hr)

Maximum anisoelasticity deg/hr/g2
under vibration

Cross axis compliance deg/hr/g2

Proposed Specification

0. 15 spread
0.054

. 10 spread
. 034

.0012¢

o OO

0.0014

0. 02 maximum to
500 cps

0.01 maximum to
500 cps

b. Nortronics SMT-1 Body Rate Characteristics

Outside dimensions

0.936 £ 0.001-in. dia by 2.015 in,

long max
Weight 4.5 oz
+40°
Input range 400 _ge /sec

Sensitivity, full scale

8 volts (20 mv/deg/sec)

Over temperature range Add + tolerance

Voltage supply variation

Voltage supply variations result in

equivalent sensitivity variations;
linearity is affected accordingly
when voltage varies during test run.
(See "Linearity under normal condi-
tions.")

Excitation frequency variation  Sensitivity will vary in direct
proportion to excitation frequency
variation due to wheel speed change.
Effect on pickoff will be negligible if
voltage remains constant with choke
excitation.

Angular momentum (spin motor) 13,500 gm-cm2/sec

Gimbal moment of inertia 19 gm-cm

Gimbal displacement 1.46 typical
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TABLE BB-5 (continued)

Natural frequency range
(undamped)

Damping ratio over operative
temperature range

Temperature range, operative
Null, AC RMS
Zero set (in-phase component)

Zero drift with temperature
(in-phase component)

Zero drift with vibration
(in-phase component)

Hysteresis
Resolution and threshold

Linearity under normal
conditions

Linear acceleration sensitivity

Angular acceleration sensitivity
(about OA)

Spin motor synchronization time

Spin motor excitation

Pickoff excitation

Vin/vout phase angle

Environmental Capability Tested

Vibration

Shock

General

Radio frequency interference

Storage temperature

Service life

70 + cps
0.6 £0.15

+40 to + 125° F

25 mv
+ 0, 5° [sec
+ 0. 4° [sec

+ 0. 3° /sec

0. 1° /sec
0.1°/sec
Independent 10%

0.1°/sec/g
0.08° /sec/rad/sec2

1 sec

26-volt, 800 cps, 2-phase start
13-volt, 800 cps run

20-volt, 800 cps

15° with 10K secondary load and
800 cps

10 g, 20 cps, 2000 cps

50 g, 1/msec; 250 g 2 msec
MIL-E-5272, MIL-T-5400
MIL.-I-26600
-65° F to 160° F

Instrument is warranted against

defects in workmanship and mate-
rial for 1000 hours of operation or
one year, whichever occurs first.
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2.03 x 10_5 rad/sec

4 deg/hr

This order of accuracy is difficult to achieve after long storage. How-
ever, the gyro is backed up by sun sensor information,and stabilization
may still be achieved via the rate gyros if their free drift is minimal.
Integrating gyros may also be used in place of the rate gyros for stabi-
lization in the event that additional backup is required. The gyros
described in Table BB-5 are both proposed for missile systems in
which nuclear environment is expected.

Total sensor and electronics requirements are given in Table BB-6.
Command communications and the programmer are common to any sys-
tem for deorbit and hence are not included here. The power supply,
however, will require batteries as backup to the RTG which may be
inoperative. If we design for 8.5 hours operation (5 orbits plus deorbit
time), we will require a capacity of about 467 watt-hour. Nickel-
cadmium batteries have been the standard for rechargeable space power
systems because of their high cycle life, However, they cannot be
stored easily in an inactivated condition. Silver/zinc batteries have
a very low cycle life but may be stored in charged condition and provide
a power-to-weight ratio of 80 watt-hr/lb at an eight-hour discharge
rate. For a one-shot operation such as we have, the Ag/Zn battery is
a natural selection; these batteries are supplied by Eagle-Picher. The
weight of the activation system must also be included as well as relay-
ing and control circuitry.

Reaction jet systems are highly reliable except for the failure mode
in which valves may stick in the ''on' position, depleting the fuel supply.
Reliability may be assured b'y programmer controlled shutoff valves

which limit the time that an "on'' signal may be present.

6. Summary

This analysis was undertaken to determine the cost of independent
attitude control and stabilization for the RB. Environmental consider-
ations, safety and the as yet uncertain sequence of operations were
used to size a complete control system. The results are summarized
in Table BB-6 which shows a total weight of 91.7 pounds attributable
to independent attitude control. It is possible to depend on the host
vehicle for these functions and impose the cost of safety on the vehicle
manufacturer. The system design given is quite capable of space
operation with the RTG operational and the vehicle tumbling for an
indefinite period of time. This may be advantageous if independent
orbital test is part of the development program,

s
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TABLE BB-6

Attitude Stabilization and Control System Characteristics

Item

Sun sensor
Horizon sensor
Rate gyro
Integrating gyro
Control electronics

Propellant, tankage,
valves, nozzles

Power supply

(55 watts at 90%
for 8.5 hours)

Weight Each Power Reliability Weight
Quantity (1b) (watts, avg) (MTBFinhr) (lb) Volume
4 0.8 1.5 200,000 3.2 10 cu in.
2 1.0 1.5 250,000 2.0 22.0 cuin.
3 0.5 12 10, 000 1.5 10.0 cu in.
1 3.0 10 10,000 3.0 23 cuin.
2 10.0 20 20,000 10.0 300 cu in.
1 10 20,000 50.0 2.0 cu ft
55 69.7 2.21 cu ft
1 22.0 1.0 cuft
91.7 3.21 cuft




APPENDIX CC
SIX-DEGREE-OF-FREEDOM STABILITY PROGRAM

The Six-Degree-of-Freedom Stability Program is designed for the
investigation of detailed motion of spinning and thrusting bodies with
variable masses and inertias. The bodies may be acted upon by aero-
dynamic forces, and control forces may be added if required. The pro-
gram is written for the IBM 1130 computer in FORTRAN IV program-
ming language. Requirement for the capability of handling high spin
rates has led to the use of integrating algorithms rather than simply
the standard Runge-Kutta or other integration schemes for the inertial
matrix. Therefore, some loss in accuracy is to be expected, but capa-
bility for obtaining amplitude and frequency of spin and precessional
motion at reasonable computation times has been achieved.

Presented in the following sections are the program philosophy,
problems for which it is intended, and a summary of the derivations of
the equations mechanized with more detailed sources referenced. The
program has been applied to the determination of separation and spin
dynamics of the Controlled Intact Reentry (CIR) system under various
trajectory conditions representative of Titan III launch trajectories.

A, PROGRAM PHILOSOPHY

Most six-degree-of-freedom programs are complex systems with
many options and differing input formats. We have attempted here to
write a simple program with matrix operations, such that those func-
tions not required may simply be removed from execution by modifica-
tion of the executive program. The program was mechanized for the
IBM 1130 primarily because machine time for a larger computer was
not available and because of its experimental nature.

Programming philosophy with regard to mechanization of the equa-
tions of motion is that force magnitudes will change less rapidly than
their resolution into body axes of a spinning or tumbling vehicle. Hence,
external forces (gravity, aerodynamic) are transformed into body axes
once per computation cycle. Thrust forces are similarly evaluated
once per cycle and the summation of forces is integrated in body axes.
The body axes to inertial space transformation matrix is updated by a
DDA -type algorithm eight times per cycle, however, and inertial
velocities are transformed from body axes to inertial space via this
matrix. This technique permits small angular steps and, actually, the
number of times per cycle of matrix updating may be varied to ensure
validity of the small angle approximation. The integration interval
must be only small enough to prevent rapid change in the forces.
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Mass and inertia properties are calculated once per cycle and their
rate effects are included in the equations of motion. Provision is also
made for inclusion of jet damping (the damping moment generated within
a rocket chamber under constant angular rate). These effects become
appreciable in deorbit of small vehicles having as much as 50% of their
mass in expendable fuel.

The program includes both an atmosphere and calculation of argu-
ments for the usual aerodynamic forces. This process is made difficult
in that all angles may go through 0 to 27 and because no unique inverse
of the standard Euler angle transformation is possible unless the quadrant
of at least one angle is known. For this purpose, we establish the roll
angle about the body axes with respect to the horizontal and compute
angle-of-attack and sideslip angle as a function of relative velocities
in body axes and the roll. Though ambiguities remain (i.e., @ = 180°),
they are transient and, in any case, do not affect the essential integra-
tion.

Finally, the program is pointed to design analysis of separation, spin
stabilization and deorbit. For this reason, we calculate relative tra-
jectory parameters as well as inertial quantities useful for impact dis-
persion studies with point mass trajectory programs. The origin of the
inertial coordinates is placed at the initial vehicle position so that
roundoff due to large numbers will not affect separation time histories.

B. PROBLEMS FOR APPLICATION

The reference configuration for the present problem (Fig, CC-1)
includes a blunted cone with an equipment module attached including
four solid deorbit rockets about the periphery. The vehicle is attached
to a spin bearing which rides in a track. Separation is effected by a
separation motor while the vehicle is simultaneously spun up by periph-
erally mounted spin rockets. The problem to be solved is the spin rate
necessary to stabilize the deorbit thrust vector and determination of
the motion after burnout. This motion will represent inertial conditions
for atmospheric reentry. At this point the vehicle is required to aero-
dynamically stabilize itself to present its ablative shield to the air
stream. Aerodynamic moments generated by the clipped section of the
cone must be sufficiently large for this purpose and we would like {o
determine a feasible design. Thus, we would expect to produce require-
ments for spin rockets, deorbit propulsion alignment and aerodynamic
design.

Other problems to which the program may be applied are:

(1) Short term stability of aircraft and lifting body vehicles.
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(2) Evaluation of kinematic effects on inertial guidance systems
of the strapped down configuration.

(3) Separation problems, including those of ejection seats such
as the P6M,

C. SUMMARY OF EQUATIONS OF MOTION COORDINATE
SYSTEMS AND TRANSFORMATIONS

1. Earth Centered Inertial
ZI
Xy
XE XI’ YI’ ZIHECI
A 4 X Y Z th
s , «— ear
z E” "E' TE fived at
vehicle,
Z YE EVR
E
—_— T T Tl B=A_+w_t
- s ~ . vt e
YI )\V = vehicle longitude
B
~ w, = earth rate
1 t = elapsed time

¢ = geocentric latitude

TEI é Transformation from Earth Fixed to Inertial

TEI
XI -S$CB -—Sg -C4CB XE
YI = | -S¢SB CB -C$SB YE
A Jee o 56 || zg

oD

MND;20507 2. oo ey o 4
I L S IR S B



TIE
Xp -S6CB  -S6SB  Co .
Y| =|-SB CB 0 ¥,
Zg -C$CB  -C4SB  -S¢ I

2. Vehicle Centered, Velocity Oriented

Az 2 azimuth from north of vehicle velocity
vector projection in tangent plane to
sphere at subvehicle point.

y & flight path angle between velocity vector
and its projection in tangent plane.

TEV
XV CYCAz CYSAz -SY XE
v]~® -SAz CAz 0 Y
vV SYCAz SYSAz CcY ZE
TVE
XE CYCAz -SAz SYCAz
YE = | CYSAz CAz SYSAz
Z -sY 0 cY Z
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3. Transform from Body Axes to Relative Velocity Axes

(WRC¢ - Vg S¢)
(Covp +Sow

r)

Order ¢, o, 8

z! z lo -s¢ co
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C8 -SB O X

X

= "
Yy S8 CB 0 Y
Z

0 0 1 Z"

—X x| |ce 0o @ sef |x
' Y'"|= 0 1 0 Y!
z" ~So 0 Co VA
ZH .
Z
X
v
l\/g X"
YH
YV

TBV
X, | CBCa  -(CBSaSy+8BCH  (CBSaCs - SBSH)

Y, =| SBCa  (-SBSaSé + CBCH)  (SBSaCé + CRSH)

Zy |-Sa -CaSé CaCd Zg
Solution of TBV for a(4), 8(¢)
_TVB

ug CBCa SBCa -Sa Vg
va| = | (CBSaSé + SBCH)  (-SBSaSé+ CRCH) -CaSo| |0
W (CBSaCod - SBSe)  (SBSaCé + CBSH) CaCo | |0

ug = CBCQVR

vp = {(CBSa S+ SBCH) V> SBECH + CBSasSy = -vp / Vp

wp = (CBSaCé - SBSG) Vp >SBSe - CRSaCo = -wp /Vp

el eyt
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The last two equations give
WRch - VRS¢

Sa =
VRCB

or, from the diagram,

Ser - WRC¢ - VRS¢
2 L/2
[“R* (W Ch = v S6) ]
u
Ca= R

5 o172
[uR + (WRCé - vpSé :I
Using the first two equations of TBV

‘s CBCozuR -(CBS«Sé + SBCY) vp t (CBSaCo - SBSP) wp

o
It

SBCauR + (-SBSaSé+ CBCo) vp t (SBSaCe + CBSe) wp

Multiplying these equations by SB and CB, and subtracting,

- (Covy, + Sowy)
SB RV R

R
Then,
u, Co
Cp =2
R

These equations give sines and cosines of the angles unambiguously
and, hence, permit definition of the proper quadrant, They are used
in determination of the aerodynamic forces with an arbitrarily defined
roll angle,

5. Initialization

Present initialization is based on the following input variables,

h = altitude
VR = relative velocity
Y = relative flight path angle
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b = relative azimuth

= geocentric latitude

AL = longitude w/r Greenwich
a = angle of attack

B = sideslip angle

¢ = roll angle

p, g, r = initial body rates,
The initialization procedure computes
Xp Yp Zp Xp Yp g
and sets up the initial matrices:
TEI (4; , B)
TVE (7,¥)

TBV (a, B, ¢)

These matrices are multiplied to obtain the initial transformation

(TBI) from body to inertial axes:

TBI = (TEI) (TVE) (TBV)

Initial values of u, v, w (components of inertial velocity in body axes)
are found by transforming VR to inertial axes and then through TIB

= (TBI)-1 to body axes.

Xy VR
YI - (TEI) (TVE)| 0
Z 0
u XI
v | = (TIB) s'zI
w ZI

1ol N0 F -2
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Inertial coordinates are found from the radius vector: R = Re+ h

XI 0
YI =(TEI) | 0
ZI -R

6. Thrust Characteristics

Thrust characteristics are computed as follows:
BEGAN
(1) Read thrust table for five thrustors:
Time, T(1), T(2), T(3), T(4), T(5)

(2) Read error in thrust level (%), nozzle exit area (sq in.),
specific impulse,

EPSTH{J), J=1, 5
HEXIT(J), J=1, 5
SPIMP(J), J=1, 5

(3) Read thrust alignment matrix (TABA (I, J))
Read thrust alignment matrix (TABB (I, J))
The thrust alignment matrices become

TMK (I, J) = TABA (I, J) XTABB (I, J), K=1, 5

These matrices are retained in common for use in deter-
mining thrust forces,

THMAS

(4) For each thrustor, the thrust force FTHRUS (J), J =1, 5
is derived from the thrust table as a function of time, This
nominal thrust (vacuum) is modified by the atmospheric
back pressure:

FTHRUS (J) = TVAC - APRES * AEXIT

where AEXIT is the nozzle exit area. FTHRUS (J), J =1, 5
is retained in common,

[ Y]
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(5) Each thrust vector is multiplied by its alignment matrix and

(6)

the results are summed to obtain total force along body axes.

Components of each thrust vector are multiplied by their
displacement component about center of gravity reference
axes and summed to obtain torques about center of gravity
reference axes,

7. Mass Properties

The program allows for five variable masses and 25 fixed masses,
The sequence of computation of center of gravity and inertias is:

BEGAN

(1) Read mass table consisting of mass, m, and reference axes

(2)

(3)
(4)

coordinates XRYRZR

m., XRi’ Y V4

i Ri’ “Ri
Compute CGREF (reference center of mass)

m, X ()
CGREF (J) = L

Compute CGFR (reference center of mass for fixed masses)
Compute moments of inertia about reference axes:

_ 2 2 ~ 2 2
L. -g(y +Z)dm—£‘,(yi+Zi)mi

Iyy T T (Z12+X12) m,
I,7 % L& +y)m;
Xy - Iyx =L Xiylml
IyZ = IZy =L inIrn1
IZX =IZ: ZJXiZm

.
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(5) Compute moments of inertia about reference axes for fixed

masses only (as in (4)).

THMAS

(6) We have the sum of fixed masses and the fixed mass mo-

ments of inertia,

The thrust and mass flow are computed as

a function of time for the variable masses, Compute the
center of gravity of variable mass as in (3).

(7) Compute variable inertia about reference axes as in (4),

(8) Sum fixed and variable inertias about reference axes,

(9) Transform total inertia to center of gravity reference using

parallel axes theorem:

I

] ST ] 2 +Aaz
icg  *Xdret

2

ce) ™y

At this point we have XIN (i, j), a 3 x 3 inertia matrix represent-
ing the time varying inertia as a function of thrust time history. We
compute the rate of change of XIN (i, j) by saving back values, sub-
tracting from the current value and dividing by the time interval.

8. Equations of Motion

a. Force equations

Zy

= .fj_ —_—
F = T (mV)
— ji. —
M =& (H)
r = XXBu + yYBu + z ZBu
R = XXIu + YYIu + ZZIu
- WxXBu + WyYBu + szBu

where u > unit vector
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The total velocity of P is given by:

p-=R+r=XX_+¥Y, +2Z

Iu Tu

+ (x w_ +z

p - YpY, T ZpWy) Xpy
tGp *xpw, - zpw,) Yp
* (ZP ) XPwy M yPWx) ZBu

Writing R = V in body coordinates,

R = XXIu * YYIu + ZZIu - XOXBu + yOYBu + yOZBu

where Xy Yoo Zg represent velocity of the origin.
p =X+ xp = ypwW, ¥ 2pW ) X
* Gt ypt xpW, T ZpW,) Yp,

t izt zp T xpWotypW ) Zg,

Differentiating,
3 (XO SIOWZ * ZOWy) XBu
* T+ xgw, T 2gWy) Yy

+ [ZP'*' 2way+ 2ZPWX " Zp (Wy+ wX)+ Xp (WZWx - Wy)+ Ip (wx+wywz)] ZB
Then, if P (xP, Yp- zP) is the center of gravity, assume

XP:ZP:O’ yP:ZP:yP_
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i,e,, the CG travel is restricted to X, Change notation:

B
Xy = u W, =D
7=V w_ =
Yo ;= d
2g =W W =T

- . . 2 N
F -m[u—vr+ wq + xP—xP(r + q)_

F = m[\'r'i“ ur-wp+2>'<Pr+xP (¢ + pq)_

FZ = m[w -ug+ vp -2 qu+xP (rp - q)-
Then if the center of gravity is made the reference point and we may
assume its velocity and acceleration to be negligible, the matrix form
of the force equations becomes:

FX u 0 -r q u

F = m vi+f r 0 -p v
Yy

FZ w -q p 0 w

The momentum exchange of the thrusting body with the expelled gas
is given by the term

dm
= ©
where C is the relative velocity between gas and vehicle, This term

is included in external forces. The jet damping contributions due to
reaction of the gas velocity vector with chamber walls become

1]

F .= -2mryg
Yyl

sz 2n°'1q12
where £y and lz are moment arms of the thrustors,
F 1 0 -r ql| |u o
Fy =ml|v| +] r 0 -pl| |v + —21ri1r1y (cc-1)

F w -q p O w Zrhqu



secane
»

esee
weee

. L4
»

.

(b) Moment equations
H=|1|W

H=(IXXp-I

xyq B Ixzr) XBu

+ (-Ixyp + Iyyq - Iyzr) Yo,
+ (—IXZp - Iyzq + IZZr) Zg,

Differentiating,

= N ) ) 2 2
H= [Ixxp + Ixxp + (IZZ yy) qr Iyz (q r’)

- IXZ (r + pq) - IXy (d - pr) - IXZr - Ixyq]

w1 a+1
[yyq vy

- Ixy (p + qr) - Iyz (¢ - pg) - Ixyp - Iyzr]

X

2 2
a+ (Ixx ) Izz) pr - Ixz (e -p™)

Y

Bu

Bu

+ [Izzf +1 r+ (Iyy -I_)pa- Ly (2 - o2
B Iyz (q+ pr) - Ixz (b - ar) - I.xzp ) yzq] XBu
The jet damping contribution is:
AM = - prig Ry - aid T - rdd Z
The matrix form of the moment equations is:
L - -I Bl | I -meg - -1
XX Xy XZ XX Xy XZ
M=i-T o Lo <Ly jd)+ -iyx iyy - mﬂzm —iyz
N —sz —Iyz Izz r - _.zy JEzz - s
ZX
0 -r e Xx Xy ~Ixz p
+lr 0 -p -IyX Iyy -Iyz q (Cc-2)
a p 0 Ly -Iyz Lo [T
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Equations (CC-1) and (CC-2) are mechanized in XINTF, They are in-
tegrated to produce u, v, w, p, q, r,

9, Direction Cosine Equations
The matrix TBI is given by
TBI = (TEI) (TVE) (TBV) = 2,4 L9 L3
m; My Mg
S T T
Then,
Xg| [ ™M1 M 1
Yg|*|2y T M| | Vg
Zg| %3 ™3 73] |7

Xpu] [41 ™1 By [Xgy| |P XBy
Youl 182 ™g gl [Yp|=|9]* | Yy
Xgu| [#3 ™3 D3| [Zg| |T| |%Bu

The cross product of the last expression arises from the fact that the
unit vectors change by rotation only and only the W x ¥ terms remain,
As a result, we have

XBu - I'YBu B qZBu
YBu - pZBu ) r‘XBu
ZBu N qXBu B pYBu
w = pXBu + qYBu + I'ZBu

A n o
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Then,

e
1

Bu- Y Fmt™ Ypth 2y
r[ﬁz XIu + my YIu + 1, ZIu]
-q[23 Xy ¥ ™3 Yy + 03 ZIu‘_\

Equating components along each axis,

1]

J = -
1° Ty~ alg

m; =rm, - qmg

n; = rng - qgng

Applying this process to Y. and Z o e obtain nine differential

Bu
equations for the time rate of change of the direction cosines (elements
of TBI):

e
t]

1 T Tly " afy
L, =p£3-r£1
5 =ag - pa,

m = rm, - qm

1 3
rhz = pmg - rm,
rf13 = qm, - pm,
r'11 = rny - qng

Ny = png - rn;
g = dny - pPhy

and fully written out,
rly = q4q Ply - Ty A2y - Pl

TBI = rmgy - qm pmg - rm; qm1 - pm

rn, - qn

3 2

3 PAg ™M dnp T Ph

i i
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The off-diagonal terms of this set depend on both off-diagonal cosines
and diagonal cosines while diagonal terms depend only on off-diagonal
cosines, The integration procedure is as follows:

Assume the off-diagonal terms will change more slowly than the

diagonal and they are updated first, This enables current updating of
diagonal elements directly without repetitive iteration, Thus,

(Agy) [p (23) oy v )y 1]“
@e) = la (e, -y ]at

(am)) = [ (my)

n-1 -q(mS)n-l]At
(Bmg),, = [q (ong)y g~ p (g, 1]At
(Anl)n N [r(n2)n -1 4 (n3)n - I]At
(an,) = [p(n3)rl 1 -rm), _ l]At
We now update the off-diagonal elements
() =), _+Lg) ,i=2,3
(mg), = {mp _y+amy,, i=1,3

(ni)n = (ni)rl 1t (Ani)n, i=1, 2

It is now possible to compute the changes in diagonal elements with
updated off-diagonal terms:

(ag)_ =r (&) - q(2g)
(Amz)n =P (mS)n - r (ml)n
(Ar13)n = q (nl)n -p (nz)n

The diagonal terms are then updated as for the off-diagonals and the
updated matrix is complete, This process has demonstrated an error
of 0,03% after nine seconds when subjected to sinusoids at one radian
per second with integration interval not permitted to exceed small
angle increments, i,e,, (A6/interval) <5°, The matrix is updated
eight times per integration interval of the main program, each time
being orthogonalized as follows.



Let the updated matrix be given by:
i ™ic ™Mc

Ac® e Mye  Dye

L3¢ mMge  Nge

Let the true matrix of direction cosines be given by:

¢

£y my 0y
A = 22 m2 nz
23 mg ng

Now, A is orthogonal, its determinant is one and each element is equal
to its cofactor, Assume a constant error, ¢, is introduced at each
time step:

AC = (1 +to)A

The inverse of AC is then

-1__1 ,T

AC 1+cz/A

where T indicates the transpose (AT = A-l)

For o <«<1, the Maclawin expansion

1
1+

2 L3

={1 ~a)+a” -«

converges rapidly and we retain only the terms in parentheses.

Substituting,

-1

Aa

= (1 - AT

The average of corresponding terms in (Acnl)T and AC eliminates the

assumed error for

1 -1,T - 1 -ao 1 +taf_
2[(Ac)+AC]'A[ 7 " ]'A

"onwan
»

e
«®
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The orthogonalization is mechanized in XINTF by the following equa-
tions:

(1) Determinant of AC
A= JQ1mZn3 + 123m1n2 + 22m3n1
- 123m2n1 - £2m1n3 - £1m3n2
(2) The elements of the transpose of the inverse (A;l)T

| . -
21 m2n3 n, m

273
p! = n;my - m;ng
23 = myny - nymy
m'1 = ng 4y - 22n3
my = 4 ng - ny Ly
m:',’=n1ﬁ2 -n2£1

n - £1 1112 - 1111 2:3

and to return to the original notation, the updated matrix becomes:

=

T
(TBD)_ = 3 [(A'Cl) +ch|
n

10, Gravitational Accelerations

Expansion of the gravitational potential in terms of Legendre func-
tions of geocentric latitude, P (¢

2 3 4
) J Re) H &) X (_Pig)
U R[1+3 (R Po*s \R/) Ps*t30 \R) Pat----

(el
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The horizontal componen

eX_ = & [% (-6 sin ¢ cos )

%1 (%) (3 cosd - 15 s1n ¢ cos ¢)

—I—%— (—RR—) (-60 sin ¢ cos ¢ + 140 sin3 ¢ cos ¢)}
Collecting terms:

2 3 4 7
—E—[1+J<&> P+i5}—1(%) P3+—K-(B£) P,

o
N
0

e R2 R 2 6 R

o Re 2 3H (Re 2K (Re\* . ]
8%e 7 52 {'N (a) Ps+ 75 ?) Pet 3 (ﬁ‘) P
P2 =1-3 sin2 o)
P, = 3sin¢ -5 sinS ¢
P, =3 - 30 sin2¢ + 35 sin44>
P5 = sin ¢ cos ¢
P, = cos¢ (1 -5 sin® %)
P, = sin dcosd (-3+ 7 sin’ $)
u = 1.407698 x 1018 cu £t/sec?
Re = 20,925,631 ft
J = 1623.41 x 1070
H =6.04x100
K =6,37x10°
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These equations are mechanized in CQGRYV, the results transformed to
body axes and integrated in XINTF,

11, Aerodynamic Forces and Moments

Aerodynamic forces and moments are computed in MAER®, This
subroutine is presently a skeleton program which computes o, 8, ¢, M
as arguments for tables which will provide aerodynamic coefficients as
functions of these quantities, Since the particular form of the coefficients
seems as variable as the number of artists engaged in their production,
table storage and calling statements for DISCT are left for the individual
problem, Present plans include the following coefficients:

Cys Cm, Cn (roll, pitch, yaw moments)

CX’ CY’ CZ (body axes force coefficients)

The arguments will be:

Ve + W
-1 \/W-W)2+(v-v)2 Seq = —'RT—&
o = tan w L4 R
T (u-u) ’
w u

R
Cap= —
T VR

Q
©
1

= v V/VZ +w2
T R/ R R

OiaTS_18O

These are the so-called aerodynamic roll angle and angle of attack and
must be mechanized either from 0 to 360° or 0 to £180°, They are not
sufficient, however, to initiate body attitude. For this purpose, and

for purposes of evaluating abort from booster trajectories, we compute
the more usual values of ¢, B, ¢. The roll angle, ¢, is arbitrarily defined
with reference to the ZV velocity axis. We transform ZVu to body axes,

.
.
. @
.



The roll angle is defined as the complement of the angle between the

VB - ZB projection of ZVu and Y g taken positive about Xg We have
Co = ZV;IYB - T3
[ZVUYB + ZVUBZ :I
S = ZEUZB

2 971/2
[ZVUYB + ZVUBZ J

We may then solve the transformation between body and relative wind
axes as follows:

-Sdé Vi + Co W

Sa = 5 5 1/2
[uw + (-S¢ v, + Co ww) ]
o < -Sé VW+ Co W
u
w
Ca= Sa/Ta

Pl e MINDEE08G-F-2
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v. Cdé+w S¢
w w

\4
w

SB =

CB= uW/ (VW Ca)

where

s <

It 1]
o

\ =

Sy

<

+

s

<

I

<

i

<
s

. URs VR, WR® components of wind in body axes.

Of these functions, only the tangent is likely to go to infinity and cause
overflow problems. The signs of all are uniquely determined and, hence,
the quadrant may be determined without ambiguity.
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APPENDIX DD
PROPULSION ANALYSIS

The reference configuration requires propulsion for spin-up, sepa-
ration of the CIR-RTG/RB from the launch vehicle, deorbit and despin
prior to initial reentry. In all cases, performance requirements were
compared with existing rocket motors to minimize the necessity for
new rocket programs.

A. SEPARATION

The particular mode of operation selected for separation of the
CIR-RTG/RB from the launch vehicle makes it desirable, if not manda-
tory, that the ejection velocity be achieved by the time the CIR-RTG/RB
leaves the launch rails which are 2. 31 feet in length. To achieve this
ejection velocity without excessive accelerations (hence extremely
short burning durations), an ejection velocity of 20 fps was assumed.

On this basis, a rocket burning duration of about 0. 23 second is re-
quired. The average mass to be accelerated in 0. 231 second is approxi-
mately 23.9 slugs (770 pounds); therefore, the thrust required is 2070
pounds.

In summary, the separation rocket motor must provide:

(1) Thrust 2070 pounds
(2) Duration 0.231 second
(3) Total Impulse 478 lb-sec

An existing rocket motor, the MARC 17D1 manufactured by Atlantic
Research, meets the burning time requirements with a 0. 2317-second
duration, but generates approximately 2. 5 times the required thrust
level The proven design concept, which utilizes a number of propellant

"sticks' with circular perforations, is recommended for the reference
vehicle separation motor. A new motor has been designed which is a
scaled version of the MARC 17D1. The number of propellant sticks
has been reduced to 10 and the length of the sticks has been reduced
proportionately to yield the desired performance. The design details
are presented later in this appendix. Table DD-1 lists the major
parameters for the new unit, The configuration is shown on the inboard
profile (Fig. III-1).
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TABLE DD-1

Rocket Parameters

Total impulse (lb-sec)
Thrust (1b)

Duration (sec)

Specific impulse (sec)
Number of propellant grains
Propellant grain OD (in.)
Propellant grain ID (in.)
Propellant grain length (in.)
Chamber volume (in.)
Chamber diameter (in.)
Chamber length (in.)
Overall rocket length (8 in.)
Nozzle throat diameter (in. )*
Nozzle exit diameter (in. )*
Nozzle expansion ratio
Number of nozzles
Propellant weight (1b)

Gross weight (1b)

Mass fraction

Propeliant loading density (%)

Cross-sectional loading (%)

*Per nozzle

Atlantic Research New
MARC 17D1 Development

1155 476
4823 2070
0.2317 0.2317
238. 8 238. 8
19 10
1.102 1.102
0. 448 0. 448
5.25 4,13
219 90
6 4.5
6 4.73
9.7 7to0 7.5
0.783 0.468
1.76 1.016
5.1 5.1
3 3
4,83 2.
12. 85 7.
0.376 0. 28
43.5 43.5
64 64



B. SPIN-DESPIN

Since the reference configuration utilizes four separate rockets for
deorbit impulse, the RB must be spin stabilized sufficiently to over-
come destabilizing moments introduced by thrust misalignments,
center of gravity displacement error, etc. A spin rate of 60 rpm has
been used to compensate for any combination of these destabilizing
conditions.

Atlantic Research also provides a rocket motor, two of which will
generate the necessary spin rate. The angular acceleration is 1. 872

rev/secz, where the moment arm (d) = 23 inches and single rocket
thrust (f) = 119 pounds. The spin rate at the end of rocket burning is
62.5 rpm. In 0.23 second, the RB leaves the separation track and the
spin rate is 27 rpm--43% of its final value. The final spin rate of 62.5
rpm is achieved 0. 325 second after the RB leaves the separation tracks,
The same basic rocket will be used to despin the RB after delivery of
the deorbit impulse.

Design characteristics of this rocket are given in Table DD-2, and
the rocket is shown in Fig. III-1. The rocket designation is MARC 5A1.
C. DEORBIT

The AV required to assure reentry will vary between 1200 and 1500
fps, depending upon the retro firing angle and accuracy requirements.

A rocket manufactured by Thiokol Chemical Company (SARV RETRO
MK I) will satisfy the minimum AV requirement of 1200 fps.

AV = gl_ In "pL TR
s WPL + WR - WP
where
WPL = weight retroed less retrorocket weight
IS = propellant specific impulse
WR = retrorocket weight
WP = retrorocket propellant weight

571 + 4 (38.56)
571 + 4 (38.56) - 4 (26. 3)

AV =32.2x 253 1n 0.94 = 1200 fps

S SARmi—a=m n o

MN1~%058+
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TABLE DD-2
Rocket Motor Design Characteristics

veens Function Separation Spin-Despin Deorbit
’ ) Rocket designation MARC 5A1 SARV MK I SARV MK IV .::::.
Manufacturer Atlantic Research | Atlantic Research -- Thiokol -- Thiokol sevees
Performance requirement 20 fps 60 rpm 60 rpm 1200 fps 1500 fps 1500 fps '"“.
Average thrust (vac) (1b) 2070 119 275 755 3300 820 ot
Duration (sec) 0.231 0.556 0.23 9 10 10. 9 ety
Total umpulse {(vac) (lb-sec) 476 66 66 6660 33,000 8900 e
Specific impulse {vac) (sec) 238.8 238 238 253 260 255 K ":
N Chamber pressure (psi) 2380 1150 1150 1175 1000 700 ":
é Loaded weight {(1b) 7.2 1.45 1. 60 38.56 153 (est) 55.2 .:::
S Weight expended (1b) 5.2 1. 15 1. 30 12. 09 36 (est) 20.7 oo or
g Mass fraction 0.28 0. 190 0.175 0. 676 0. 83 0. 636 Jro
corl Loading density (%) 0.23 84.5 84.5 84.8 85 80 sees
i Throat diameter (1n.) 0.468 0.30 0.455 0.716 1.10 0.97 7 rans
)Iq Exit cone diameter (in.) 1.016 1.70 2.58 3.29 6.0 4.40 see
[\ Expansion ratio 5.1 32.0 32 21.2 30 20. 6
Number of nozzles 3 1 1 1 2 1
Motor diameter (1in. ) 4.5 2 2.6 (est) 10 16.5 12
Motor length (in.) 7.5 8.3 5.5 {est) 12 Sphere 12.176
Temperature limits (°F) +20 to 125 -35 to +160 -35 to 160 40 to 110 40 to 110 40 to 110
Number required 1 4 4 4 1 4
Status Requirement Production Requirement| PFRT Requirement | Production
for CRONUS for CRONUS for CRONUS
Remarks Recommended Selected Selected Alternative Must be
for reference for reference for reference| approach modified
configuration configuration configuration | to MK I
(scale version
of ARC's
MARC 17D1)



The factor 0.94 accounts for the rocket cant angle and nozzle skew.
The characteristics of this rocket are given in Table DD-2,

Design and performance characteristics of a rocket developed to
provide a 1500-fps AV to the RB are discussed in Chapter IX. This
new rocket at 1500 fps would be equivalent in weight to and slightly
larger than the SARV MK I at 1200 fps. The characteristics of a suit-
ably modified, off-the-shelf rocket motor (Thiokol SARV RETRO MK IV)
which will generate a 1500-fps AV and is being manufactured in large
numbers at this time are also discussed, for comparison, in Chapter
IX. The characteristics of both these 1500-fps rocket motors also are
listed in Table DD-2,

D. SCALE DESIGN OF MARC 17D1
(Atlantic Research Motor)

Separation of the airborne system from the spacecraft requires that
the propulsion function be completed in a short period of time (about
0.23 second). The Atlantic Research MARC 17D1 rocket motor offers
a proven design concept which will provide the 2000 pounds of thrust
for this brief duration. While the current method of bonding the pro-
pellant ''sticks'' or rods to a head end spider truss may make it difficult
for the otherwise unsupported propellant to withstand the longitudinal
loads during the boost period (the separation rocket is mounted perpen-
dicular to the launch vehicle centerline), it is believed that additional
propellant support can be provided without interfering with the basic
rocket design approach.

Calculations performed to estimate the characteristics of a scaled-
down version of the MARC 17D1, suitable for the RB-CIR-to-spacecraft
separation function are provided herein.

1. Grain Characteristics

The total surface area for 19 propellant "sticks” was calculated to
be 345.34 sq in. Since the diameters of the "sticks'' are maintained,
the total impulse per unit area was determined as 3. 35 lb-sec/sq in.
We assume that 10 ''sticks'' of propellant will be used in the new rocket
design; therefore, since the new motor must provide 478 lb-sec of total
égg%) 143 sq in. or 14,3
sq in. per '"'stick.,' The length of the new sticks will be proportional
to the current motor ''sticks' in the ratio of stick surface area or

impulse, the total "stick' area required is (

_ 14.3 sqg in.
L. 18.176 sq in.

X X 5.251in. =4.13 in.
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2. Motor Dimensions

The existing motor has a total propellant enclosed volume of

Vo = 7rr21 (19 sticks) = 95 cu in.

P

The total chamber volume is approximately

v, - 7(3)2 (7.75) = 219 cu in.

Thus, the volumetric loading density is approximately 43. 5%. The

new rocket propellant volume is 39.4 cu in. By maintaining the same
volumetric loading density, the new rocket chamber volume must be
90.0 cu in, The length-to-diameter ratio is determined by maintaining
the same cross-sectional loading. The current rocket's is

19 x 7(0. 551)2

7(3) =0.64

The chamber diameter of the new rocket will be

2
_ 5 J1000.551% | oo s
DC—Z 5 62 =4.36 in. (4.5 in. OD)

The length of the chamber, based on a volume of 90 cu in. is

\ 90

= = 6.0 in.
2 m(2. 18)2

L =
C 7R
c

The length of the cylindrical portion of the chamber is approximately
4,73 inches. The overall length of the rocket will be 7 to 7.5 inches,

3. Nozzle Parameters

Since the ratio of propellant grain surface area (AS) to the nozzle
throat area (At) must be constant for a given propellant and chamber

pressure, the nozzle total throat area required is

_ _ 143 sq in. _ .
A, = AS/KN " 300 0.476 sq in.

The total exit area (AE) for the same nozzle expansion ratio (€) is

AE =At€ =0.476 x 5.1 = 2. 43 sq in.

il
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The three-nozzle system is retained to minimize nozzle length., Each
nozzle will have throat and exit diameters of 0.468 inch and 1. 016 inches,
respectively.

4. Motor Weight Estimate

The chamber is by far the heaviest inert component of the rocket.
The chamber weight has been scaled with respect to surface area and
chamber radius. Using a cylindrical case and 2:1 elliptical end domes,
the total surface area of each rocket was calculated to be

2
(R /2)
S = 7DL +<21rR2+ c Inite
C C e

existing motor 1-e
= 176. 5 sq in.
2 (1 12)2 1t e
SN =m(4.5)(4.73) + (27(2, 25)° + 7mi= In
e 1-e
new motor
= 100. 0 sq in.

The wall thickness will be reduced by 20% based on the closest higher
standard sheet thickness of steel to the calculated thickness required.

0.100 _
176. 5 x 0.8 = 0.453 and the chamber

weight for the new motor will be approximately 2. 35 1b (0.453 x 5. 18 1b).

The surface area ratio is then

The propellant weight is

W - new x new (W >
Pnew rocket Nexist X Lexist Pexist
_10x 4.13
" 19 x 5.25 (4.83)

2.01b

where N is the number of propellant ''sticks' and L is the length of the
propellant ''stick.' The estimated gross weight is:

Chamber -2.35
Nozzle inserts -0, 30
Head closure and igniter -1.95
Nozzle closure -0. 40
Propellant -2.0
7.00 1b

The mass fraction is 0. 28.
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APPENDIX EE
MICROMETEOROID PENETRATION PROBABILITY

A quick computation has been performed to estimate the probability
that a portion of CRONUS will be penetrated by a micrometeoroid. As
usual in this type of analysis, it is assumed that the probability of pene-
tration is a function of the type of meteoroid bumper and the product of
exposed area times time., This implies that we can express:

ts = f(P, AT)
where

ts = effective thickness of aluminum (inches)

P = probability of no penetration

= 1 - probability of at least one penetration

A

"

exposed surface area (sq ft)

T

i

time in orbit (days).

This function is illustrated in Fig. EE-1, Pertinent assumptions
made in generating Fig. EE-1 are:

(1) Meteoroid flux. The flux model as supplied by NASA Head-
quarters for Contract NASw-1053 was used, In particular,

the flux equations, in the vicinity of the earth, are:

Cometary—-logloNc = -1.34 logIOMC - 10.27
Asteroidal——logloNA =-1.0 1°g10M - 10.3

where

Z
2
"

s flux of cometary, asteroidal particles (no. /
C’ A
sq ft day)

MC’ MA = mass of cometary, asteroidal particles (gm)
No earth shielding is assumed.

(2) Penetration equation. The Langley penetration model was
used, the equation of which is:

1/3

t = K(MV)
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qesees > $ I e--550, 000 day sq fi (30 sq ft = 50 years)
e E L Houston micrometeoroid model, cometary

" particles, no earth shielding

| Langley penetration formula

V = 30 km/sec 79 1/3
| For V = 72 km/sec, multiply required thickness by ('5—6)
For bumpers, divide thickness by bumper factor ~3
0,001 3 1 o111l 1 L4 il 1 L1l | 11 11114t i 1ot
10 1074 1073 1072 0.1 1.
Probability of at Least One Penetration
Fig. EE-1. Micrometeoroid Penetration Probability: Low Earth Orbit
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where

t = thickness of thin sheet that will just be penetrated
(inches)

V = particle velocity (km/sec)
M = particle mass (gm)
K = target material constant.
For aluminum single skin construction, K = 0,154,
(3) Particle velocity. A velocity of 30 km/sec is used in Fig,

EE-1., Particles may travel as fast as 72 km/sec in the near
vicinity of the earth. For this velocity or any other velocity,

V>1/3.

the required thickness can be scaled by (%

It is important to mention that there is considerable uncertainty in
the actual meteoroidal flux, There is even more uncertainty in the
actual effects of meteoroids on thin, metal skins. Consequently, pene-
tration probability estimates can easily vary by one order of magnitude,
depending upon the explicit assumptions.

Using these equations, it can be shown that, for short recall periods,
no micrometeoroid protection is needed for any component, since the
presently provided structure is sufficient. For long term missions (five
years), the retro motors must be provided with some shielding, since
a puncture of the motor may cause an explosion at ignition. The heat
shield, if it is an ablator, would also have to be protected if reentry
after five years is desired. Provided the beryllium coating survives
the continuous bombardment by very fine particles, no protection seems
needed for the power generation subsystems, since the probability of
a sizable particle impacting the RTG/RB is rather low.
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APPENDIX FF
SGLS DESCRIPTION

The SGLS configuration selected for the CIR is shown in Fig, FF-1,
Its functions include range and range rate tracking, angle tracking,
ground-to-vehicle command, and PCM and FM/ FM telemetry., Per-
formance curves for both the spacecraft-to-ground and ground-to-
spacecraft links are shown in Figs, FF-2 and FF-3, on which threshold
signal power required is plotted as a function of communications range,
The horizontal lines indicate signal power required for the combination
of services desired and their intersection with the threshold signal
power gives the maximum functional range available, Therefore, the
two-watt transmitter will provide 64K bit PCM, 20-kc telemetry, rang-
ing, range rate and 1K baud command to synchronous altitudes.

The vehicle flight unit for the functional configuration selected is
shown in Fig, FF-4, Its physical characteristics are given in Table
FF-1, A small programmer has been added to this unit to effect the
time program, SGLS vehicle equipment uses a coherent phase-lock
receiver with a 205/8 receiver-to-transmitter drive ratio, The re-
ceiver is capable of receiving any fixed frequency signal in the 1762-
to 1842-range through selection of the VCO frequency, This receiving
band covers the entire allocation by translation into a 2200- to 2300-mc
transmitting band, The signal conditioner provides the reconstructed,
ternary bit stream and bit synchronization signals to be fed to the ve-
hicle command decoder and programmer. Squelch information is avail-
able when the signal-to-noise ratio drops to a level where sync and
command data cannot be maintained at a low error rate, The squelch
signal is used to reset the digital process after signal dropout, The
decoder to be used for SGLS demonstration can accept signals from one
of four different types of inputs (Fig. FF-5), The data lines consist of
serial bit streams which the decoder transforms into 39 discrete com-
mands, It is planned that this decoder interface directly with the pro-
grammer for time sequencing of the operation during ascent., The de-
coder authenticates the data by performing the following checks:

(1) Address confirmation
(2) Parity verification
(3) Message length check,
This process provides some degree of communications security against

random noise or tampering, but will not prevent interference with the
system through repetition of recorded messages,
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Fig. FF-1. SGLS Vehicle Equipment Configuration
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Fig. FF-2. Spacecraft-to-Ground Link Performance,
Standard and Demonstration Ground Station
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Fig. FF-3. Ground-to-Spacecraft Link Performance, Standard and
Demonstration Ground Station
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TABLE FF-1

Vehicle Equipment

Item
Multiplexer

Receiver

Medium Power Transmitter (2 watts)

Power Converter (communication)
Power Converter (transmitter)
Power Converter (DTU)

Baseband Assembly Unit

256 Inputs

Signal Conditioner

Command Decoder

Programmer

Dimensions: 7.25 by 5.0 by 27. 36 inches

Weight
(1b)

2.

3.

32.

0

4

.6

.45

0

Power Volurgle
(watts) (in. 7)
-- 122
1. 44 109
24.78 59
1.79 41
3.7 59
0.2 72.5
0.2 72.5

11.0 219
0.5 63
2.5 44
9.0 130
68. 1 992
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The vehicle transmitter selected for the CTR will be the two-watt,
medium power, version., The transmitter is preset to work on any one
of 10 channels in the 2200- to 2300-mc range, and is capable of being
driven from either a coherent source provided by the receiver or an
internal crystal oscillator in accordance with a signal present logic
voltage generated in the receiver, The coherent drive provides the range/
range rate tracking link,

The multiplexer is a four-terminal pair network with terminals for
the antenna, receiver and two transmitters, The unit consists of two
bandpass filter networks, a low-pass filter, a four-part ferrite port
circulator, a three-decibel hybrid network and associated resistive
networks, The hybrid network permits combining two transmitters
to a single input to the antennas, with isolation between the antennas,
The ferrite circulator provides receiver-transmitter isolation, while
the bandpass filter gives a narrow 30-mc pass band centered at the
transmitter frequency, which is tunable over the frequency range of
2200 to 2300 mc, The receiver channel contains a bandpass filter with
a 20-mc pass band tunable over a frequency range of 1750 to 1850 mec,

The digital telemetry unit processes analog, digital or discrete in-
put signals into a time multiplexed PCM format, Analog signals are
quantized to either four or eight bits, depending upon requirements,
Digital words and discretes bypass analog-to-digital conversion, and
are directly combined with its output together with synchronization and
identification words. The digital words are integral multiples of four
bits. The format consists of a 1024-bit main frame, with 256 words
available, A programmer and clock provide time sequencing and syn-
chronization which are available to other units of vehicle equipment,
The baseband assembly unit generates the down-link subcarriers,
which are modulated with their respective telemetry signals, These
modulated subcarriers are summed with the ranging signal to form
the baseband structure applied to the modulator of the transmitters,

Three power converters are used for the SGLS system:
(1) Transmitter converter
(2) Communications converter
(3) Digital telemetry unit (DTU) converter,
The converters are separated into functional units because of differences
in tolerances required. Pulse width-controlled switching regulators are
used with high-power handling transistors and diodes mounted on sepa-

rate heat sinks, Environmental specifications for SGLS are given in
Table FF-2,
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Shock:
Vibration:

Sine wave:

TABLE FF-2

SGLS Environmental Specifications

100 g nonoperating, 30 g operating

5 g from 5 to 2000 cps

Random: 0.16 g2/0ps from 300 to 1200 cps
Acceleration: 25 g
Temperature: -30° to 165° F
Humidity: 90%
Pressure: 1077 torr
RF interference: MIL.-1-26600
Radiation resistance 10 rad gamma
integrated dose: 101%-1 Mev electrons/sq cm

Reliability:

Minimum acceptance
MTBF = 6750 hr (9 mo)
Goal =18 mo
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APPENDIX GG

HYDROSTATIC GAS BEARING ANALYSIS
A. OPERATION

In operation the hydrostatic gas bearing surfaces are separated by
a film of gas; there is no metal-to-metal contact between bearing sur-
faces, When the operating supply pressure is discontinued, the bearing
surfaces come into contact in accordance with the direction of the ap-
plied load. A balanced spring system is incorporated to cause the com-
pliance mechanism to automatically center when pneumatic operating
pressure is supplied to the bearings, and there is no external force
acting on the system other than gravity,

Figures GG-1 and GG-2 show typical hydrostatic bearing configura-
tions, The succeeding calculations specify the physical dimensions for
each of the bearings used in the system. The operating gas supply is
fed to the system through a flexible line leading from the launch site
facilities to the bearing internal manifolds shown in Figs, GG-1 and GG-2,
Routing of the gas to each bearing is handled by external, flexible lines,

In a typical hydrostatic bearing, the gas is admitted under pressure
to the bearing clearance space, and control of admission is a critical
design parameter, The flow control device, or restrictor (usually an
orifice) and the transition space or recess are the most important items
in this control. The transition space is used to introduce the gas to the
clearance with a minimum of shock and pressure drop, Figure GG-3
shows a schematic of a typical bearing feeder section, System pres-
surization gas is introduced into the supply manifold, flows through the
restrictor (orifice) and into the transition space (recess). From this
point it flows through the bearing film to the exit region of ambient
pressure, When eccentric bearing loading occurs, or the load value
changes, the bearing clearance tends to close down in the direction of
the applied load. This causes the restriction of gas flow to vary across
the bearing in a direction which will resist the load displacement or
change. The bearing is thus self-compensating.

B. FEASIBILITY ANALYSIS (REF. GG-1)*

1. Primary Cylindrical Bearings

Assume: Maximum suspended load on bearing system is 500 pounds
Maximum eccentricity loading due to three-inch excursion
Maximum load on single bearing

*Ref. GG-1. Rieger, N, F, and Peterson, M. B., "Hydrostatic Gas
Bearings, " Machine Design, March 31, 1966, pp 106 to 115,
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Fig. GG-1. Cylindrical Bearing
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EMp =0=12x 500 - 18 R
1 2 Ref. Fig. GG-3
12 x 500 _ s ’ )
R, = S = 333 1b

Assume that one-half the total pressure drop occurs across the re-
strictor and one-half across the bearing, and that the average pressure
in the bearing is one-half the transition pressure

P =P +
where

P_ = supply pressure (psi)

Pa = ambient pressure = 14,7 psi

W = bearing load = 333 1b

A = projected bearing area normal to load = L x D
= 7 x 2,5 (from layouts)

P =14.7+$—%3—23:L5-=14,7+ 76. 1= 91 psi

This indicates that the supply pressure required (<100 psig) is con-
sistent with available standard equipment, components and technology,

Assume restrictor coefficient AS = 0,42 (median value in Fig, 11 of
Ref. GG-1)

L. 1
D = ——2. 5 2.8
L
2 _ 3,9 _
D 2.5 1.4
_P.§ - ______91 - 6 2
P 14,7 *
a
Q! = dimensionless flow

From Fig, 11la of Ref, GG-1,
Q' = 0,32

(oSl

t20d0b Fi g
¢ 854 .. 3o

. (LX) )
.
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gas flow through bearing

7P 2 C3
= —5____
6u RT
using air at 120° F
where
C = film thickness (bearing clearance) = 0,001 in,
u = gas viscosity = 2,8 x 107° lb-sec/sq in,
= gas constant = 2,472 x 10° lb'?'/sec2 °R
= gas temperature = 580° R
RT = 1,434 x 108 1b2/sec2
2 -3,3
Q 7(91)” (1 x 10 °) 0.32
6(2.8 x 107%) 2,472 x 10° (580)
2 -9
7x 82,81 x 107 x 10 ~ x 0,32
16.8 x 1077 x 1,434 x 108
= 3,46 x 1070 Ib-sec/in.
(3.46 x 10°%) 386 in. /sec’ = 1337 x 10°°
Q = 0,001337 1b/sec

For double plane admission

Q‘cot

Total gas flow for primary bearing

= 2 x 0,001337 = 0,002674 1b/sec/bearing

2 x 0,002674 = 0,005348 1b/sec

2, Secondary Cylindrical Bearings

Assume: Maximum load = 400 pounds
No eccentric loading
. W = 200 pounds/bearing

EEONMBE -
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b, AW
Py= P+
A = LD=4x2,5=10 sq in,
p = 14,7+ 2290 _ 44 7480 94,7 psi
S 10
Assume:
PS=91psi
4w _ _4(200)  _ .
A TP _-p, Tel-1a7 10.0sain

This indicates an increase to 4, 2-inch calculated bearing length is re-
quired, which is within reason,

L _ 4,2 _

D - —'—-2. 5 = 1,68
Assume:

Ag = 0.42 (the median value in Fig, 11 of Ref. GG-1)

! =
Qs 0.32
mp? c?

Since Q = “6u BT Q' and all parameters may be made equal between

bearings by the sizing and the number of orifices between the supply
manifold and the transition space, the flow through each journal bearing
may be made essentially equal, Therefore, the total Q through secondary
journal bearings is 0, 005348 1b/sec. By sizing the system for equal flows,
the line sizes may be held constant,

3, Spherical Bearing; Thrust Type (Fig, GG-2)

Assume: Bearing load = 300 pounds

From design layouts

R, = 2.25 inch
Ry = 3.375 inch
A = r(Roz - Rf ) = 1(3.375% - 2.25%)

19, 85 sq in.

P

s D1Z0503F 2
T .c1356 5, 58



P_ = Pa + -A%—V (applies for thrust-type bearing)
= 14,7+ 2800) . 14 74 60.5= 75,2 psi
19,85
Assume Ps = 91 psi
4W - _4(300)

A = = 15,7 sq in,

P.-P_ 91 -14,7
s a

R’i is fixed to provide clearance with the fuel block attachment mechanism

to achieve minimum area,
1/2 1/2
R, = (;,A—+ Rlz) - (1—5:—7+ 5, 06) = (5.0 + 5,06)!/2

= 317 inches

This indicates leeway in design to parameters to achieve optimum size
and performance considering the proposed configuration,

R
“0 3,17 _
R, ~2.25 %
W! = dimensionless bearing load
- W
A (PS - Pa)
where
Ac = calculated bearing area
- 300 -
W=ts7pe1-1am - 920
ES— = __91_ - 6 2
P 14,7
a
Ag = restrictor coefficient = 1,8 (from Fig, 7 of Ref. GG-1),
Q'=1,2

m
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Assume:

C = bearing clearance = 0,001

sz 03
= e 1
Q 6u RT Q

2 -33
_m9,1x10)" (1 x10 °) 1.2

6(2.8 x 10°7) 1,434 x 10°
_ 782,81 x10%x1x10 %5 1.2
3 8

16,8 x 10 “ x 1,434 x 10

- 182.81x 1.2 . 15 94 x 107 m-sec/in,

24,1 x 10

12.94 x 1075 x 386 = 0, 00500 1b/sec
Total air flow for system

Q

ot~ 0,00535+ 0,00535+ 0,00500 = 0,0157 1b/sec

This shows that the flow required is within the capability of the existing
facility and with small adjustment to these figures, due to the difference
in gas viscosity and gas constant, may be made to apply to nitrogen.

Both air and nitrogen are available at the launch pad and are suitable
for use.
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APPENDIX HH
REENTRY TRAJECTORIES

In evolving a rational design, reentry environment is probably the
strongest factor involved since overall weight and shape are decidedly
influenced. Environmental factors under consideration include the
highest g load, peak aerodynamic heating rate and total heat absorbed.
It is well known that steep and fast entries result in maximum loads
and heating rates while shallow entries at high speed produce long heat-
ing pulses.

This section extricates those entry conditions that result in design
trajectories for the RB.

1. Ascent Trajectory Implications

In the booster family under study (Titan IIIA, IIIB and IIIC), it
becomes necessary to examine the relative importance as to their con-
tribution to the design. The object is to logically reduce, if possible,
the number of launch vehicles to be studied. To begin with, it is
pointed out in Chapter IV that the Titan IIIC configuration exhibits the
longest liftoff-to-injection range of the three vehicles. This fact alone
must be heavily weighed since, in essence, it has dictated the abort
impulse requirement of 1500 fps. However, in Fig. HH-1 it is observed
that altitude differences between ascent profiles are quite large. Part
of the difference can be directly attributed to the fact that Titan IIIA and
Titan IIIB, as presented here, do not have the same uprated core as the
Titan IIIC. It is expected that, with the same core element, these dif-
ferences would be reduced, but trajectories with the uprated core were
not available during this study. Even though it is anticipated that the
inputs that generated the results of Fig. HH-1 will be improved,it will
be shown subsequently that the Titan IIIA and Titan IIIB ascent profiles,
as shown here, do not significantly alter the design inputs,.

This is demonstrated in Fig. HH-2 which takes the Titan IIIA and
compares the entry conditions as influenced by the abort application
angle, 6§, with Titan IIIC. The major difference in entry occurs below
a velocity of 22, 000 fps when 6 = 180°, Once the vehicle is injected
into the transfer orbit, launch vehicle dependency no longer exists.
Note that for the entire spectrum of 6§ (90°<6<180° as applied at

perigee, Y max of the transfer trajectory, and at the apogee point of

transfer, the case of 6 = 180° at the apogee point is by far the most
critical steep entry. It is further noted that regardless of the appli-
cation angle during the Titan IIIA trajectory, the aforementioned
critical point remains as such. The maximum g load indicated for
this design point is on the order of 25 g, which signifies that the
maximum heating rate will also be experienced for this entry.
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The criterion establishing this abort case rests on the design
philosophy that call-down capability will exist at any point in the pro-
file. For this case, apogee call-down can be initiated, with subsequent
impact being in the Pacific and Arctic Oceans, respectively.

Thus far, no mention has been made of the difference in the local
pitch attitude of the launch vehicles and the significance that this might
make with regard to range control. Figure HH-3 has been prepared to
specifically illustrate this consideration. This figure, first of all,
shows that the local flight path angles for all launch vehicles are within
5° of each other above a flight speed of 10, 000 fps. Secondly, the off-
set angle (@) measured between the velomty vector and booster center-
line is within three degrees for speeds up to 15, 000 fps. For speeds
above 15,000 fps, up to 13° difference is noticeable. However, range
control is not a problem for speeds less than 24, 000 fps (Ref, Appen-
dix LL) and, consequently, the differences that do exist up to this speed
are of no concern, More important is the variation of @ as injection is
approached, Observe that 6 = 180° as Titan IIIC approaches injection,
but that 6 = 173° for Titan IIIB and 165° for Titan IITA at injection,

From Fig, HH-2 it was shown that é's less than 180° at injection provide
a somewhat greater range control and, therefore, the remainder of this
discussion will concentrate on aborts from the Titan IIIC vehicle as a
satisfactory origin for design criteria,

2. Ballistic Entry Trajectory Summary

Using the Titan IIIC ascent trajectory, aborts were performed which
directed their thrust along the launch vehicle' s centerline in the aft
direction (165°< 6§ 180°). The abort pulse magnitude is 1500 fps and
the RB aerodynamic characteristics are:

L/D=0
W/CDA = 22 1b/sq ft
Nose radius = 6.1 ft.

Figure HH-4 presents a summary chart that shows the maximum
load factor, g, encountered for an abort along the boost and transfer
orbit as a function of time into the flight phase. All trajectories are
point-mass and do not include dynamic effects. The figure also
indicates the case of AV = 0, which is nothing more than a separation
from the launch vehicle. This case is shown up to a speed of 25, 000
fps since impact points are acceptable up to this point, and AV appli-
cation does not become necessary.

Actually, the design philosophy chooses to abort with AV = 1500 fps
at all times because of the inherent simplicity in mechanizing the
sequence of events, However, all physically realizable conditions are
covered in the environmental criteria.
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The peak load factor encountered during the ascent phase is 10,7
g and occurs at an abort flight time of 460 seconds, Of more signifi-
cance is the transfer phase, wherein the maximum load factor con-
tinually increases until the apogee point is reached. Abort from this
point results in a 8max of 25.5,and the abort flight time occurs 45.6

minutes after injection. Call-down from a 600 by 600 nautical mile
orbit or an orbit that has decayed because of drag results in peak gs
of 17.3 and 7, respectively.

Figure HH-5 shows the maximum heating rate of 95 Btu/sq ft-sec
and, as expected, the critical abort point is again the apogee point.

In Fig. HH-6 for the ascent phase, a maximum heat load of 4800
Btu/sq ft is experienced when the abort is made at perigee. For a
normal call-down this heat load decreases to 3333 Btu/sqg ft. But in
the event a failure occurs in the CIR system (e.g., insufficient
thrust) the RB may enter an orbit that decays within the half lifetime
of the fuel element; then the RB will experience extremely shallow
entry angles. For this situation, the maximum heat load is 10, 680
Btu/sq ft and becomes the design entry condition,

Table HH-1 summarizes the initial conditions and the resulting
entry conditions for aborts with AV = 1500 fps from a Titan IIIC
trajectory.

The initial angle of attack that the vehicle would have upon enter-
ing the atmosphere is ap- Appendix MM discusses the implications
of RB dynamics as influenced by ap and initial axes rates and demon-

strates the effectiveness of the RB' s inherent stability to control these
offsets and rates.

Figures HH-7 through HH-10 present detail time histories for the
critical design entry trajectories of Ynax’ Smax and Qmax' Addition-

al trajectories (Figs. HH-11 through HH-16) represent cases of abort
at perigee, normal call-down, and abort during the boost phase for
a AV =0 fps.
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Maximum Heating Rate (Btu/sq ft-sec)
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Fig. HH-5. Maximum Abort Heat Rate Encountered in Flight Profile
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The curves for g (acceleration) and
q (dynamic pressure) are nearly
identical except at the peaks.
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APPENDIX II

ABORT AND IMPACT AREA CONTROL

COMMUNICATION FACILITIES AND OPERATIONS

The launch vehicle assumed is Titan IIIC and two typical missions,
one of 32° inclination launched from ETR and one with polar inclina-
tion launched from WTR, are described. The inclination of 32,2°
was used for the ETR analysis since that was the only inclination for
which Titan IIIC trajectory data were available. However, the impact
points shown in the following sections use the 30° orbit inclination.

The results for that orbit were extrapolated from the presented data,
Range facilities utilized include tracking, telemetry and command from
both ships and ground stations., The transtage of the Titan IIIC will con-
tain a Malfunction Detection System mechanized such that it can effect
the separation and spin stabilization of the CIR at any time after fairing
separation, Application of the AV impulse will, however, occur only
upon ground command via the S-band command system, The orbits
assumed are both 600 naut mi circular orbhits with injection directly

into a transfer orbit of 100 naut mi altitude perigee. The critical
phases of each ascent trajectory correspond to engine burning times,
These periods are indicated in the sequence of events given in Table II-1
(timing is approximate),

Continuous range safety determination of the trajectory is required
during this time such that quick reaction to failure may be obtained.,
During coast periods after injection into the transfer orbit the MDS
may initiate abort but the CIR will not require continuous coverage
and, in fact, controlled delay in deorbit becomes desirable to avoid im-
pact on the various land masses over which the vehicle may be pass-
ing. A deorbit impulse from the transfer orbit is, however, mandatory
since with perigee at 100 naut mi its lifetime is about one week and the
descent trajectory difficult to predict.

The transtage will contain C-band tracking, UHF command and
either VHF or S-band telemetry while CIR will contain a C-band
beacon and S-band telemetry and command. The C-band system
aboard the RB will be activated only at separation while the S-band
system operates from launch, It is planned to pulse code modulate
the RB C-band beacon signal to enable tracking facilities to immedi-
ately determine whether an abort separation has occurred. Range
facilities required will include tracking and communications in the
frequency bands mentioned and maximum utilization will be made of
present or planned systems on the ranges, the Apollo Net and the
Satellite Control Facility Net. The single exception is removal of
the CIR command frequency from the range UHF net., This was
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60
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109,
119,
210,

259,

461,

474,

832

3832

3900

4100
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168

125

11
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Altitude
(ft)

22,35

39,252

109, 848

114,229
131,816
249,016

312,431
502,769
515, 580
612,436
3,645,600

3,645,600

3,645,600

'YX X3

sons

TABLE II-1

Nominal Sequence of Events (ETR Launch,
600-Naut Mi Circular Oribit)

Event
Lift-off

_ 2
CH 875 1b/ft

Begin decay of solids (Stage O
cutoff)

Stage I ignition
Separate solids
Jettison fairing (q = 3.23) 1b/ft2

Stage I burnout and separation
Stage II ignition

Stage II burnout and separation
Stage III ignition (Transtage)

Cutoff transtage., Injection into
100/600-naut mi transfer orbit,
Begin coast from perigee,

Apogee of transfer orbit, Transtage
ignition. Circularize orbit to 600
naut mi.

Circularization complete, Begin
attitude maneuver to separate

payload,

Separate payload. Mission complete,
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specified in the interest of economy of equipment aboard the RB and
because it is emphatically a reentry rather than a destruct system,
Range safety requirements are still satisfied in that a destruct signal
to the transtage over the redundant UHF link will cause abort of the
CIR for controlled reentry.

Table II-2 indicates the availability of equipment on both the WTR
and ETR. For the tabulation, SGLS and USBS equipment are considered
equivalent since modification to either to accommodate the other's
uplink frequency and command code are feasible, Compatibility of
the present project with scheduled usage of these equipments must be
investigated. It will be noted that extensive use is made of the Apollo
ships for coverage of the polar launch. This is because continuous
coverage is required for orbit prediction in the initial launch phase
and because command must be provided for deorbit in the South Atlantic.
Figure II-1 shows the coverage, timing and impact areas from selected
abort situations. In each case, at least part of the descent trajectory
of an aborted RB is covered by tracking adequate to establish impact
within close tolerances. Coverage of all possible cases would neces-
sarily be continuous and would, in any case, be difficult in the last
500 naut mi because of ionization,

IMPACT AREAS SELECTION

1, ETR Launch

The ground track for the ETR launch (Fig. II-1) is adequately
covered by the facilities indicated in Table II-2. Both UHF and S-band
command are available, The impact area for an abort at 660 seconds
is indicated by A of Fig. II-1; this is controlled by Antigua. Injection
into the transfer orbit at 832 seconds is covered by an additional range
tracking ship with command capability--the impact area resulting from
controlled abort at this point is shown at B--just short of the African
coastline., The additional range tracking ship will also provide the
first data for orbit prediction which is relayed via radio-link to
Ascension. From this point to Ascension, coverage is not required
since the impact point would cross the land mass of Africa and be-
cause the vehicle will have successfully achieved coast. If automatic
separation of the CIR, due to booster system malfunction, occurs
between 660 and 832 seconds (completion of the transfer orbit injection
phase), the separation is detected by Ascension and deorbit is com-
manded by that station to coincide with impact areas at C. Continued
coverage of the coast phase is given by Pretoria (tracking time of 11
minutes), the Apollo Indian Ocean Ship and Carnavon. Deorbit execu-
tion in this area must, however, be carefully controlled because of
possible impact in Indonesia, As it nears apogee, it will come within
range of Carnavon 11 minutes before the circularization maneuver and
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TABLE II-2
Equipment Availability

S-band
C-band S-band UHF Command
Station Tracking Tracking Command USBS or SGLS
ETR (32° inclination)
1. Cape Kennedy X X X X
2. Grand Bahama X L X
3. Bermuda X X X
4, Grand Turk X L X L
9. Antigua X X X X
6. USNS Twin Falls X X X X
(TAGM 11)
7. Ascension X X X X
8. Pretoria X
9. Apollo Indian X X X X
Ocean Ship
10, Carnavon X X X X
11. Guam (USBS) X X X
12, Kwajalein X X X X
13, Hawaii X X X X
14. Pt. Arguello X X X X
(Vandenberg)
WTR (Polar Inclination)
1. Point Arguello X X X X
2, Point Mugu X X X
3. San Nicholas X X X X
4, Range Tracker X X
(WTR Ship)
5. Watertown X X X X
(Apollo Ship 4)
6. Huntsville X X X X
(Apollo Ship 5)
7. Johnstown X X X X
(Apollo Ship 2)
8. Mahe X X X X
9. Anchorage X X X X
10. Hawaii X X X X

X = availability; L. = limited availability
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will remain in range for five minutes after the maneuver. Carnavon
may control abort and deorbit after the circularization maneuver with
impact areas at D if initiation is conducted before circularization and
E for post-circularization abort. Additional coverage for the latter
case is provided by Guam. The proximity of D to the Hawaiian chain
indicates the limit of the inhibited deorbit occasioned by the Indonesian
archipelago and the island chains to the northeast. The vehicle has
now achieved a 600-naut mi circular orbit and the transtage conducts
an attitude maneuver and separates from its payload. Thereafter, it
is not planned to attempt recovery of the Sr-90 fueled RTG. For the
plutonium system, recovery may be accomplished from a stable
vehicle for an indefinite period with nearly continuous tracking and
command coverage from stations of the Apollo Net.

Several points may be made in favor of an ETR launch for develop-
ment purposes, The proximity of the ground track to Kwajalein and
Wake Island permits a test operation in which deorbit is initiated by
the Indian Ocean ship and the descent trajectory is covered by the
Press radar at Kwajalein, with impact location provided by installa-
tions at Eniwetok and Wake. Almost the full ascent trajectory is
executed and complete test facilities are available in the impact area (F)
for recovery if this is planned. In addition, the orbit passes over only
Africa and is therefore optimum from the safety viewpoint,

2, WTR Launch

A similar treatment is given to a WTR launch which results in a
polar orbit. It is evident that three tracking ships might be required
for launch operations, The first two are required to augment Vanden-
berg during the ascent phase, while the third is essentially equivalent
to Ascension. This last ship is located further downrange (45° S,

126. 5 W) than Ascension because the Antarctic Ice Cap extends a
greater distance than South Africa. For all abort conditions below
injection speed, the retro pulse must be applied immediately after the
abort signal is generated. It may be possible to alleviate this condition
somewhat by locating the third tracking ship a little further downrange
(50° to 55° S latitude). This will result in a minimum speed of 26, 140
fps for delayed aborts but with impact points C and B approaching the
coast of Madagascar., All impact points have been designated identically
to their ETR counterparts on Fig. II-2.

From Fig. II-2, it is also shown that the tracking station located on
the Seychelle Islands will monitor pre-injection and post-injection into
the nominal 600-naut mi circular orbit. For an abort occurring prior
to the circularization maneuver, the corresponding impact point
(Point D), will be in the Arctic Ocean 74° N lat, 37° E long). Abort
just after the circularization maneuver would result in an impact on
Alaska, requiring a four-minute delay in applying the retro pulse to
move impact to Point E (55° N lat, 146.5° W long).
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IMPACT AREA DISPERSION CONTOURS

Abort pulse requirements for this analysis were assumed sufficient
to produce a 1500-fps velocity differential; hence, controlled intact
reentry of the RTG/RB. Appendix P presents the analysis techniques
used to generate impact dispersions and their corresponding prob-
abilities. Results of the dispersion analysis are summarized in this
section. Dispersion patterns presented herein only represent a
proper functioning of the CIR/RB within its tolerances and in no way
reflect malfunctions in the abort system (e, g., failure of the deorbit
retrorockets to operate).

Dispersion contours have been determined for each of the afore-
mentioned impact points (A, B, C, D and E) by the analytic techniques
reported in Appendix P. Additional contours have been computed for
the various boost time points noted in Fig, II-2, for aborts from the
transfer trajectory and, finally, for a normal call-down situation from
the 600-naut mi circular oribit.

State vector covariance matrices and tracking covariance matrices
associated with these points are given in Appendix P and are not repeated
here. The 30A V cutoff error is 1% of AV magnitude. A 30 coning error
of five degrees was assumed. These errors, taken with the state errors,
were used to produce impact confidence ellipses by statistically propa-
gating the errors.

1. Boost Phase

Figures II-3 through II-8 present the impact dispersions for aborts
occurring at 160, 260, 360, 460, 660 and 832 seconds (injection). Each
figure, except Fig. 1I-8, shows comparative impact zones with the
application of AV= 1500 fps and with AV = 0 fps, The impact zone is
bounded by an ellipse which denotes that the probability that impact
will occur within the zone is 99%. Observe that the crossrange error
is one to two orders of magnitude less than the downrange dispersion.
An interesting observation is the increase in downrange dispersion
from = 40 maut mi at 160 seconds to + 400 naut mi at 460 or 660
seconds, decreasing to £ 300 naut mi at injection. This expansion and
contraction is attributed to the 3¢ dispersion of the launch vehicle dur-
ing ascent, and reflects the influence of the guidance system to reduce
accrued errors prior to injection. All crossrange errors are on the
order of £ 20 naut mi.

Noteworthy is Fig, II-8, which depicts the impact zone for an abort
at the injection point, As predicted in Appendix LI., the maximum
downrange dispersion is limited to £ 330 naut mi but to a greater
confidence level (99% rather than 95%). Impact occurs before the
western extremity of Africa, with sufficient allowance for dispersions;
thus confirming the abort pulse requirement of 1500 fps.*

%1500 fps is sufficiently high. A lower AV might also suffice.

(el Pt et

CMMND-2050-F-2
. b 386



Crossrange
ETR ETR

Latitude = 27.55° N Latitude = 27.19° N
Longitude = 76.97° W Longitude = 75.77° W

W
o
J

N
(=]
|

J i -

1§ T -

Downrange

o
o
1

Confidence level 99%

Crossrange (naut mi)
o
%I

'
o
[

I T | ] L
100 150 200 250 300

_‘/

Fig. 11-3. |Impact Dispersion Boundaries (3¢): Five-Segment Titan 111C;
Launch Azimuth 106°; Abort Time = 160 Seconds

0 Crossrange
_ 40 ETR ETR
£ Latitude = 23,87 N Latitude = 24.88° N
,‘5 20 Longltude =66.50°W Longitude = 69.00°W
g
% o Gttt -
g : 2 Downrange
@ 20 AV =0
o — —— AV =1500 fps, § = 180°
@)
40“|/L1 I ] | I 1
500 600 700 800 900 1000
Fig. 11-4. Impact Dispersion Boundaries (3¢): Five-Segment Titan |IIC;
Launch Azimuth 106°; Abort Time = 260 Seconds
Crossrange
40 - ETR ETR

Latitude = 21.1° N

Latitude = 22.45° N
Longitude = 60,1° W

Longitude = 63.13° W

g
4 20+
3 o~
£ :
g 07 2 et
g L B Downrange
Sy
@ 20 -
8 Confidence level 99%
@]
40 J"]/‘L T T T T T 1
900 1000 1100 1200 1300 1400
Fig. 11-5. Impact Dispersion Boundaries (30): Five-Segment Titan 11IC;

Launch Azimuth 106°; Abort Time = 360 Seconds

OB it~

MND-2050-F-2 ,
387

sseoee
weeene
..
.e

LYY Y}
.
PR XY



.
.
.
.
L]
.
.
see

.
.
osse
socve
.

eecees
[T XY
. »

.
sesees

=
p%
:U “es

secsse
LYY )

ETR Crossrange

40

|

Latitude = 11.48° N

Latitude = 15.90° N
= Longitude = 42,25° W

Longitude = 50.10° W

Crossrange (naut mi)

=
g
5 20
3
£
g 0- R s S S -
5 . Lol Downrange
o 5. .
@ 20
8 Confidence level 99%
40‘—]/L| T I 1 I I |
1600 1800 2000 2200 2400 2600 2800
Fig. 11-6. Impact Dispersion Boundaries (3¢): Five-Segment Titan I1IC;
Launch Azimuth 106°; Abort Time = 460 Seconds
ETR ETR
Latitude = 6.82° N Latitude = 0.55° S —_— Crossrange
401 Longitude = 35.35° W Longitude = 24.50° W
i ] ] | -
U i T T —
Downrange
40— /Ll T | T T 1
2000 2500 3000 3500 4000 4500
Fig. 11-7. Impact Dispersion Boundaries (30): Five-Segment Titan |1IC;
Launch Azimuth 106°; Abort Time = 660 Seconds
— —— Confidence level 95%
Confidence level 99% ETR
40 Latitude = 19.8° S
.’g | Longitude = 6.92° E |
8 20 | |
@
& | l
%’DO‘/L'r%% 1+ ——
g I | Downrange
£
§ 20 | |
S African coastlines
40 “|/| T I | I |
5500 6000 6500 7000 7500
Fig. 11-8. Impact Dispersion Boundaries (3¢): Five-Segment litan I1IC;

Launch Azimuth 106°; Abort Time = Perigee-Transfer Orbit

el

‘MND-2050-F-2
388

secee
LY XY
.o
.
eese
(X Xrxd
* o
.
Seseos
.

.
teceese
(YR YY)
LXYYYY)
vesses
.

.

seee



sseevs

.

.
seces
ssese
evse

.
.
seee

2. Transfer Orbit Phase

For this phase, although the guidance system may sense the injec-
tion errors and steer to a biased injection condition in an effort to com-
pensate for these errors, injection differences are still treated as
random errors. In other words, although a correlation may exist, in-
jection errors are still considered random in nature. This approach
will result in conservative estimates of the impact dispersions.

Figure II-9 presents the dispersions for abort pulses delayed 7.6
and 15. 2 minutes after injection. These times correspond to 30° and
60° arc (Points B and C on Fig. II-2) travel in the transfer orbit, Two
cases are shown, one for an RB spin-stabilized immediately after in-
jection; and the other for an RB aligned with the velocity vector at the
time of the abort pulse. Figure II-9 verifies that, for a vehicle spin-
stabilized immediately after injection, the range to impact will be
shorter because of the "automatic" drift of the AV vector to a more
optimum application angle. However, the trend reverses itself as the
coast continues beyond 30° because of two reasons. First, and most
prominent, the altitude begins to increase rapidly and the abort pulse
tends to deflect the flight path only rather than decreasing the orbital
energy level. Figure II-9 indicates that delayed aborts, with spin
stabilization, appear feasible only up to a coasting arc length of 60
degrees (15 minutes).

For spin-stabilized vehicles, the downrange dispersions grow from
#450 to +800 naut mi but remain the same (£450 naut mi) for retro
pulses aligned with the velocity vector. Aborts for this latter case,
up to the point of injection, result in impacts less than *400 naut mi.

Figure 1I-10 shows the impact dispersion corresponding to an abort
executed just prior to injection into the circular 600-naut mi mission
orbit (Point D in Fig., II-2). The 30 downrange dispersion is 380
naut mi and the crossrange is 25 naut mi.,

Figure II-10 also shows the impact dispersion for an abort occurring
immediately after the circularization maneuver. Downrange dispersion
is #575 naut mi, and the crossrange dispersion is *15 naut mi. This
particular case can also be interpreted as the calldown accuracy for a
normal deorbit situation.

For all practical purposes, the dispersions presented in Figs. II-3
through II-10 can be applied to the WTR launch profile as well. For
convenience, the dispersions are numerically recorded in Table II-3,
and the vehicle position and velocity errors are given by Table II-4.
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TABLE II-3

Three Sigma Dispersions in Impact Position

Deorbit

Velocity, Phase
AV Time
(fps) (sec)

0 160

0 260

0 360

0 460

0 660

1500 160

1500 260

1500 360

1500 460

1500 660

Injection
1500 832

Liaunch Phase

Downrange
Dispersion,

ARD

(naut mi)

16
78
119
454
504
18
32
94
239
225

384

(0- and 1500-fps deorbit velocity)

Crossrange
Dispersion,

ARC

{(naut mi)

4
8
12
18
21
8
7
14
17
19

31

Transfer Orbit and 600-Nautical Mile Circular Orbit

Reentry
Time,

Range
Angle
(deg)
30
30 (spin stabilized)
60
60 (spin stabilized)
90
120
150
180

Circular orbit *

Downrange
Dispersion,
ARD

(naut mi)

314
208
237
1060
218
217
285
526
50

Crossrange
Dispersion,

AR

C

(naut mi)

34
34
34
31
36
37
39
38
19

* Assumes essentially no initial position or velocity error.
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TABLE II-4

Three Sigma Dispersions for Launch, Transfer Orbit and Circular Orbit

Boost Time
or
Range Angle

160 sec
260 sec
360 sec
460 sec
660 sec
Injection
30 deg
60 deg
90 deg
120 deg
150 deg
180 deg
Circular
orbit

30
X

(£t x 109

37
106
221
351
732
1060
1080
1110
1180
1320
1830
3750
0.2

30
y

(ft x 103)

14
29
47
67
78
88
12
16
18
17
12
10
0.2

3o
Z

(£t x 10°)

23
19
17

COOOCOOO~NMDN

30.
b4
(fps)

400
1100
1300
1400
700
10
12
12
13
13
14
14

1

30}-’
(fps)

100
200
200
200
200
200
200
200
200
200
200
200
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APPENDIX JJ
REENTRY HEATING ANALYSES

The aerodynamic reentry heating analyses consist of the heating
distribution over the conical afterbody (radiator) as a function of angle
of attack, three typical reentry trajectories, and a discussion of results
from the heat transfer analysis of the radiator for each trajectory,

AERODYNAMIC HEATING DISTRIBUTION

The aerodynamic heating distribution over the conical afterbody of
the RTG/RB was obtained from Ref, JJ-1 for an angle of attack (o) range
of 0 to 40 degrees. At higher angles of attack (70°< @ <140°) these dis~
tributions were calculated by considering this conical afterbody as a
yawed cylinder and correcting this distribution factor for the change in
characteristic radius., Reference JJ-2 was used to obtain these results,
Figure JJ-1 presents the heating distribution over the conical afterbody
as a function of surface distance (s/s') and angle of attack (0°< o <140°),
This nondimensional surface distance was defined as the ratio of local
surface distance measured from the stagnation point on the blunt nose
at zero angle of attack to the distance from this stagnation point to the
shoulder of the blunt nose, These curves were averaged over the com-
plete radiator at a constant angle of attack and the results are shown in
Fig, JJ-2. Between 40° and 70°, this curve was faired with the existing
data, The curve was then averaged over the angle of attack range to
determine the heating distribution over the radiator if the RTG/RB is
oscillating during reentry, Figure JJ-3 presents these results as a
function of the peak angle' of oscillation or attack (ap) during reentry,

This curve will be used in the next section to determine the amount of
heat available as a function of ap and trajectory.

REENTRY TRAJECTORIES

Histories of various trajectory parameters are shown in Figs, JJ-4
through JJ-6 for three typical reentry trajectories, Orbital velocity
(25, 690 fps) was used initially at 400, 000 feet, with initial flight path
angles of -0,1, -2 and -8 degrees, respectively. These are constant
ballistic coefficient (W/ CDA = 25 1b/sq ft) trajectories, The total cold

wall stagnation heat (q ) for each trajectory was:
s
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5":'.: q = average local heating rate at s/s'
:": c'ls = stagnation heating rate on blunt nose at o = 0°
oosese a=0°
a = angle of attack
R s = local surface distance measured from stagnation point at o = 0°
s' = 1.95 feet
.o -:c: 1 . 0_
verens ‘T? Radiator o
-OOOC. 3 0. 8_
0
= ‘g
: <
[
[ o ]

N ey 0. 6 :3 A s
wWo @ = nalytical
©owm ~ [}
ho o @

=
ki &
! 0.4
Q .
~ i
o
a0
®
g 0.2
% T ’ ! 40° Experimental (Ref NASA TM X-1149)
| 10°
0 : 1 1 1 1 /I— o° |
1
0 1.2 1.6 2.0 2.4 2.8 3.2
s/s'
Fig. JJ-1. Average Heating Distribution over the Radiator Portion of CRONUS

RB for Various Angles of Attack
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q = average local heating rate over complete radiator
q

s = stagnation heating rate on blunt nose at o = 0°
a=0°
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Fig. JJ-2. Average Heating Distribution over the Complete Radiator

of CRONUS RB at Constant Angles of Attack
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.

4 = average local heating over complete radiator at o\
20 0.8 qs = stagnation heating rate on blunt nose at o = 0°
L a=0°
T a = angle of attack
1l
.U'm 0 . 6+
5
SN
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+
s 0.4f
ap
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g
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o
a0
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Fig. JJ-3. Average Heating Distribution over the Complete Radiator of
CRONUS RB as a Function of Peak Angle of Attack or Oscillation
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- o = .§J_6 =
YE = -0,1 qs 28,100 5 10, 680 Btu/sq ft
Based on
'}’E = -2,0° qs = 5860 Btu/sq ft W/CDA = 22 1b/ft
R’N =6 ft
'}’E = -8 qS = 3310 Btu/sq ft

These three quantities are now used in conjunction with the curve in
Fig., JJ-3 to generate the three curves in Fig. JJ-7, The latter figure
presents the total heat available to the complete radiator as a function
of peak angle of oscillation for each of these three trajectories. This
figure will be used to determine if the heating factors used in the heat
transfer analysis were reasonable,

The heating distribution for the radiator in the heat transfer analysis
(Appendix C) was averaged over the trajectory heating time for each
node, Figure JJ-8 presents the results of this calculation, These
curves were then integrated to determine the average heating factors
used in the heat transfer analysis of the radiator for the three trajec-
tories, The factors were:

7. -0.1°, {4/4 )avg= 0. 253
E ( Sg= (e

'}’E -2°, <q/qsa= Oo)avg= 0, 234
Y. = -8° (4/q avg= 0,217
E < Sy = 0°>

Multiplying the factors by the total cold wall stagnation heat (calculated
previously), the total heat seen by the radiator (q ) during the trajec-
tories of the RTG/RB was:

= - o A = =
Yg = -0.1° 4, = 10,680 x 0,253 = 2700 Btu/sq ft
YE = -2°, qrad = 1370 Btu/sq ft
‘}’E = -8°, Apog = 718 Btu/sq ft

Using these quantities and Fig. JJ-7, the peak angles of oscillation
were:

ozp = 87° for ‘}’E =-0,1°

okl
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Based on:
W/CDA = 22 1b/sq ft

VV/CDA R. =3.61b/cu ft

N
= flight path angle at 400, 000 ft

3420

32 "E

2

-10,4°

Total Heat to the Radiator, q . (Btu/sq ft x 10

1 1

| i | | i
0 20 40 60 80 100 120 140

Peak Angle of Oscillation or Attack, ap (deg)

Fig. JJ-7. Taqtal Heat Available to the Radiator of the CRONUS RB as a Function
of Reentry Trajectory and Peak Angle of Oscillation or Attack
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g = local heating rate

) = average heating ratio

avg around radiator at s/s!

s = stagnation heating rate on
a = 0° blunt nose at o = 0°

a = angle of attack
s

= local surface distance
measured from stagnation
point at o = 0°

s' 1.95 feet

YE = flight path angle at 400, 000 ft

Average Heating Ratio, q/qs

0,301
0.25-
YE
Iy o
5 -0.1
Q
S
L o0.20- 2. 0°
-8,0°
0,15r
0,10F
[
()
0,05+ st
]
Q
ﬁ t@——————— Radiator —————=
0 | | | 1 ] 1 |
0 0.4 0.8 1.2 1.6 2.0 2.4 2.8

s/s'

Fig. JJ-8. Average Heating Distribution over the Radiator for Three
Reentry Trajectories used in Heat Transfer Analysis
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ap = 79° for '}’E = -2°
ozp = 72° for YE = -8°

The results state that for the heating distribution used in the heat trans-
fer analysis of the radiator, the RTG/RB can have these average angles
of oscillation without damaging the integrity of the radiator,

Using the information in Appendix MM in conjunction with the results
from the heat transfer ana}ysis presented in Fig, JJ-7, the radiator will
not be damaged under all normal reentry trajectories, orbital decay and
abort, The word normal is used here without respect to the angular
rates that the RTG/RB could experience during the ascent trajectory and
operation in space. For these reentry conditions, we have a safety fac-
tor of nine for decaying orbits, and a safety factor of about 14 for normal
(-2°) entry angles insofar as the radiator heat absorption is concerned,

It can be concluded, from the results in this appendix, Appendix MM

and Appendix C (heat transfer analysis), that the RTG/RB's radiator
will not be damaged for all normal and most abnormal reentry conditions,
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APPENDIX KK
SEPARATION AND DEORBIT STABILIZATION

The reference RB must be capable of separation from its booster
or space vehicle carrier and deorbit under controlled conditions. To
achieve this capability most simply and reliably, spin stabilization to
an attitude reference provided by the carrier is utilized. The CIR-
RTG/RB is propelled down a track by the separation rocket and simul-
taneously spun up to 30 rpm by the spin rockets. At this point (~0. 24
second) separation is achieved but the spin rockets continue to burn to
about 0. 5 second to bring the spin velocity up to 60 rpm or higher for
stabilization of the deorbit thrust vector. Deorbit thrust may be applied
at this point or within a reasonable number of orbits thereafter in
accordance with a time program established by ground command. To
establish specifications for the various components required in this
sequence of events, the problem is separated into three phases:

(1) Specification of spin velocity required to stabilize the
deorbit thrust vector

(2) Specification of separation parameters (tip-off rates
and linear velocity required to assure vehicle separation)

(3) Mechanical specification of track device required to provide
constraints during initial spin.

The first two of these problems have been solved utilizing the six~
degree-of-freedom stability program (Appendix CC) to define the tra-
jectories resulting from thrust misalignments and asymmetry. The
third problem is primarily mechanical and is pertinent to the motion
only in its contribution to tip-off rates.

Constraints imposed on the configuration by spin stabilization are
far reaching. Careful balance of the moments of inertia is necessary
and, in particular, the roll moment of inertia should be maximum
consistent with the aerodynamic requirements. This is achieved in
part by peripheral location of the thrustors. In addition, the most
effective minimization of the thrust misalignment effects will be at the
largest possible spin rates (maximum number of revolutions during
the thrust application). The full six-degree-of-freedom equations
of motion are developed in Appendix CC., However, a glance at the
simplified form of the moment equations may aid in understanding the
motion to be expected.

L = IXXp - Iyyrq + Izzqr

e =, = o S
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where
L, M, N = moments about body axes

<’ Iyy’ IZz = moments of inertia

P, 4, r = body angular rates about XB’ YB, ZB'
Given an initial spin rate, p, and finite moments of inertia about all

three axes, it is evident that application of torque about YB or ZB will

cause precession about the orthogonal axis which is in turn reflected
back. This gives rise to an angular coning motion in which angular
momentum is exchanged between Y and Z in a fashion determined by

the values of the inertias and the unbalanced torque. It is the objective
of spin stabilization to minimize the amplitude of the coning motion

and to average out the error in the thrust application angle over thrustor
burning time with least waste of deorbit energy. The precessional rates
will become the residual rates after burning but may be minimized by
despin devices. The frequency of the precessional motion is determined
by the inertia ratios:

(Ixx - Izz) /Iyy

and

(Iyy ) IXx)/Izz

vy N Izz'
this requirement is of lesser importance than a large IXx and maximum

Hence, a rotationally symmetric cone demands I However,

frequency of the coning motion. The results presented in the following

represent a configuration in which I__ # Izz‘ It is to be expected that

the frequency of the precessional motion will increase with decreasing
inertia and the spin rate will increase for the same reason. An
approximate analysis of these effects may be found in Ref. KK-1% which
contains parametric studies of an Apollo shaped capsule similar in
shape to the RB. The problem is approached here numerically since
more exact solution seems required because of the critical safety
considerations.

*Ref. KK-1. Errors Associated with Spinning-Up and Thrusting
Symmetric Rigid Bodies, ' JPL Technical Report
No. 32-644.
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The spin velocity required to stabilize deorbit thrust is dependent
on results of thrust application under the following error conditions:

Thrust misalignment + 0.1 degree
Thrust level error + 2%

Center of gravity location error + 0.1 inch
Initial angular error + 5 degrees

The first three of these errors have a common effect in resultant
torques about the body axis, and by far the most serious of these is
the thrust level error which is the result of difference in thrust between
two opposing deorbit engines. The RB configuration may be well
balanced, but a comparatively large percentage of its mass is composed
of expendable propellant at a large radius. This fact demands analysis
including time varying moments of inertia, mass and center of gravity
location. The critical trajectory parameter is the flight path angle
error (67) found after application of deorbit thrust. Residual rates are
also of importance since the vehicle must be despun to permit aero-
dynamic stabilization upon reentry; i.e., restoring torque available
from aero moments is required to overcome residual rates prior to
peak heating. This last requirement stems from the relatively low
capability of the beryllium skin to protect the RB from thermal heating
at high angles of attack or in a tumbling reentry mode, as well as the
increase in the potential impact area caused by spinning reentry bodies.
In analysis of these effects, inertial attitude angles are of little value
and, for this reason, roll angle about the body axis (¢) referred to the
horizontal is used as one angular coordinate. The total angle of attack
@y (angle between the Xp 2xis and the velocity vector) may then be

uniquely determined. The motion of XB is essentially coning about the

velocity with a reentrant spiral path (Fig. KK-1). With non-zero initial
rates about all three axes, XB will generally deviate from the velocity

to some angular amplitude as a function of spin rate, and then converge
slowly to a minimum amplitude established by initial deviation and mass
flow rate effects. The spiral is asymmetric about the velocity vector
since flight path angle is slowly changing.

Spin velocity requirements may be established with the aid of Fig,.
KK-2, which indicates the maximum angular deviation of body axes
with respect to the velocity vector as a function of spin rate and the
resultant 67 at completion of the deorbit thrust. Residual rates about
body axes are also given. The data shown are for the thrust level error
case which produces an unbalanced torque as a function of the thrust/
time curve of maximum amplitude at about 77 ft-1b. Evidently, spin
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rates of two to three rps will provide minimal errors in §¥ and residual
rates less than 1 rad/sec. It may be noted that a limitation is placed on
the usable rate by component performance. At high spin rates, centrifu-
gal forces become excessive and may require structural beefup, with
attendant weight penalties. Rocket motors may fail to burn evenly and
jet damping moments may become appreciable factors in the motion;

the last effect may be favorable,

The time history of the physical parameters for a spin rate of 25
rad/sec is shown in Fig. KK-3. It will be noted that as mass (and
hence inertia) decrease, the vehicle spin velocity increases by an
appreciable factor and a cross moment of inertia is developed as a
result of unequal mass flow rate in opposing rocket motors. The body
rates in Y]3 and ZB oscillate as previously explained at frequencies

increasing with decreasing inertia.

Another trajectory parameter of interest is the inertial thrust appli-
cation angle. The actual trajectory of the vehicle is a spiral in space
and hence the AV resultant obtained is an oscillating quantity (Fig. KK-4).
The steady-state value is a function of initial conditions and only the
amplitude of the oscillation is of interest in perturbation analyses of
impact sensitivity. An uncertainty in this parameter of about one degree
results from application of thrust level unbalance of + 2% for a spin
rate of 12.56 rad/sec. This, together with the data of Fig. KK-2, leads
to selection of minimum spin rates of the order of 12 rad/sec for the
CIR, if the simultaneous occurrence of a +2% and a -2% thrust error in
opposite motors is considered a reasonable event. However, since
present indications are that a 3o value at the thrust difference is about
2%, the selected 6.3 rad/sec spin rate is adequate for the current per-
formance limits,

The time required for the selected RB configuration to aerodynami-
cally stabilize itself at reentry increases with increasing spin rate. It
is for this reason that the RB is despun after the deorbit impulse has
been delivered., Therefore, magnitude of the residual spin rate can
affect design. The magnitude of this residual spin rate is dependent
upon the net magnitude and direction of the multiple thrust vector mis-
alignments.

Multiple, fixed-nozzle rockets tend to generate roll moments about
the vehicle velocity vector due to misalignment of the rocket thrust
vectors. The induced roll can either add to or subtract from the spin
rate of the RB during burning of the deorbit rockets so that there will
be a residual spin rate following completion of the despin function.

When operational conditions warrant the expense, solid propellant
rockets of the size required for the deorbit system can be balanced and
aligned (nozzle thrust axis to rocket principal axis) to an accuracy

O
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of 0. 003 radian or better. The third stage of Vanguard was so balanced,
Data on eight Scout vehicle flights (Ref. KK-1) show third stage mis-
alignments on the average of about 0. 001 radian (0. 06°) with only one

of the normal flight records exceeding 0. 002 radian (0. 10°). These
Scout misalignments include the rocket itself, installation inaccuracies,
vehicle center of mass variations, vehicle bending, etc. Recent data

on the Surveyor indicate installed misalignment of the Surveyor descent
deceleration solid motor as 0. 0002 radian (0. 015°) before firing and
0.0006 radian (0. 045°) after firing. Preliminary analysis of telemetered
data on Surveyor I tends to substantiate these small misalignments. In
the face of this evidence, an effective misalignment of any one deorbit
rocket is assumed to be less than 0. 10 degrees (30). On this basis,

the maximum residual roll rate generated by the total effect of all four
deorbit rocket misalignments should be less than

AW = FTIRGG (at) _32801bx 2 ft x 02.‘ 1 deg x 10 sec x 60 sec _ 31 rpm
Mp 11 35 slugs ft“ x 57.3 deg/rad x 2 w#min
where:
AW = residual spin rate
T = total deorbit rocket thrust
R = moment arm (roll)
8 = misalignment error (all errors produce a roll rate in the
same direction for this example)
At = deorbit rocket burning time
I = average roll moment of inertia of RB during deorbit

rocket burn period

The probability that all four rockets will be at their 3o value and
aligned additively in either the positive or negative roll direction is
extremely remote. Design conditions should account for less than
10 rpm residual roll rate.
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APPENDIX LL
VELOCITY IMPULSE REQUIREMENTS

To arrive at a selection of velocity impulse (AV) for the RTG/RB,
the three phases of flight (ascent, transfer orbit and orbit) must be
investigated with the following objectives in mind. First, the range
from deorbit to atmospheric entry and impact should be such that
small errors in AV will not produce drastic changes in impact range.
Secondly, the magnitude of AV should be sufficiently large for adequate
impact range control in an ascent abort situation. Finally, the selected
AV pulse must not be oversized because of design economics. A ve-
locity impulse of 1500 fps was selected because it satisfies these
considerations and because it can be suitably obtained by existing,
proven rocket engines.

This velocity increment is conservative in that a lower velocity
increment (e. g., 1200 fps) would also satisfy the basic mission require-
ments. The optimum AV selection, which would balance the excess ve-
locity increment against the added safety, smaller depressions and
greater operational flexibilities, will be conducted in the subsequent
phase of study. The reason for the final choice of 1500 fps is that the
worst cases of entry conditions, misalignment, weight, etc., will have
been examined in the feasibility portions of the study.

The approach used to arrive at this AV choice first investigates the
deorbit or calldown case with the perigee-apogee conditions of the
elliptical transfer orbit. Since these flight conditions represent the
extreme energy levels encountered, it can be reasoned that, during the
transfer itself, quite acceptable entry control will be available. Next,
the ascent abort case is studied and the respective requirements com-
pared.

DE-ORBIT AV REQUIREMENTS

After an overspeed injection at 100 nautical miles, the vehicle will
coast to an altitude of 600 nautical miles where a circularization ma-
neuver is performed. Once in this circular orbit an option exists to
either leave the RB in orbit or retrieve the power unit. In the latter
case, the design must concern itself with providing positive entry after
the AV is applied. To ensure this absolute entry without oversizing
the AV magnitude, consideration must be given to such items as skip-
out conditions, AV application angle, AV magnitude, impact range
sensitivity and severe entry conditions.
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A skipout boundary is defined as that combination of velocity (V),
flight path angle ( v ), lift-to-drag ratio (L./D) and ballistic coefficient
(W/CDA) which just allows a vehicle to reenter the earth's atmosphere

and impact in a single pass. In Ref. LL-1% Chapman shows skipout
boundaries for various entry velocities with L./D versus a perigee
parameter Fp' This parameter is a function of entry altitude, ballistic

coefficient and entry path angle. These data have been interpreted for
this design mission where it is anticipated that entry velocities will be
between 24, 000 and 27, 000 fps, entry path angles will be between -2°
and -12° and, ballistic coefficients will be on the order of 10 to 50 1b/
sq ft. The results are shown in Fig. LL-1 for an L/D of zero, which
represents the aerodynamics of the selected ballistic shape. More
specifically, for a 600 by 600 nautical mile orbit calldown, it is ex-
pected that the entry velocity will be between 26, 000 and 26, 500 fps.
Figure LIL-1 indicates that the minimum acceptable ¥ must be greater
than (negative sense) -0. 75° to -1, 3° if impact is to be certain within
one pass. Although Fig. LL-1 is based on Chapman' s analytic analysis,
the results are quite valid for preliminary design purposes.

The skipout boundary just mentioned is reflected in Fig. LL-2 which
shows the 600 by 600 nautical mile deorbit requirements. It is im-

mediately apparent that the minimum AV requirement is 1000 fps. How-

ever, the manner in which it is applied (i. e., the application angle and
AV magnitude) can produce serious impact dispersions. Figure LL-2
shows the impulse requirement and resulting impact range for two de-
orbit techniques, the first of which applies the AV at the optimum ap-
plication angle that minimizes the magnitude of the pulse. The second
technique, of interest to the present design, applies the pulse opposite
to the velocity direction. Only small differences exist between the two
methods in the 1000 to 1500 fps AV regime. Included in the subject
figure are sensitivity coefficients of range-to-impulse error and range-
to-application angle error (3R/8AV, 8R/96 ). To arrive at a practical
AV requirement, a preliminary goal in the restriction of dispersions
must be assumed. Before setting the goal for this design, it should be
mentioned first that downrange dispersions are normally an order of
magnitude greater than crossrange dispersions. This fact allows
consideration of one random variable (downrange error), rather than
two, as the criterion for establishing the dispersion restriction. To
this end, it is highly desirable and very reasonable to request a down-
range dispersion control of +£300 nautical miles with a 95% confidence
of achieving this control. This confidence level is tantamount to a 2¢
dispersion for one random variable,

*Ref. LL-1. Chapman, D. R., "Analysis of the Corridor and Guidance
Requirements for Supercircular Reentry into Planetary Atmospheres, "
NASA TR-55, 1959
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Fig. LL-2. Deorbit Requirements for a 600-Nautical Mile Circular Orbit

MND-2050-F-2
. .e L] 41;8‘

.
.
.



The effect of this dispersion goal on deorbit requirements depends
on the expected system and state vector uncertainties. For the com-
templated design, it is estimated that the 20 variance in AV application
will be 10 fps. The 20 variance in application angle, 6, is 3.4°. Ad-
ditional errors will be realized because of the uncertainty in the vehicle
state vector as deduced from tracking data and are computed to be 2 fps
in velocity and 0. 6° in attitude. This can be summarized as:

ZO'AV =12 fps and 206 = 4°

Although it is improbable that these maximum errors will be ex-
perienced simultaneously, the following analysis assumes tne additive
(conservative) approach rather than RMS approach, With the data given
in Fig., LL-2, the dispersion restriction requirement can now be com-
puted and is so indicated in the figure. A minimum AV of 1100 fps must
be selected to realize the 95% confidence in limiting impact dispersions
to + 300 nautical miles.

TRANSFER ORBIT REQUIREMENTS

The minimum AV of 1100 fps required for the calldown or normal
deorbit situation must now be compared to the minimum transfer orbit
requirement. Because of the speed and sensitivity of 6 upon impact
points, the perigee of the transfer orbit becomes the crucial point of
study. Figure LL-3 depicts the variation of range control with é for
various AV's, Note the high sensitivity of impact range to errors in

thrust application angle (3%) and how the AV = 1000 fps level is auto-

matically eliminated except for §< 130°,

Figure LL-4 presents the same data except in a different fashion in
order to show the sensitivity of range-to-thrust magnitude errors
(6R/8AV)., Table LL-1 has been prepared to provide an insight to the
minimum acceptable AV and uses the injection variances of 20‘AV = 20 fps

and 205 = 4° again in an additive manner.

It is obvious that if a thrust application angle of 130° is used, the
minimum requirement would be a little greater than 1000 fps. However,
in considering some of the design problems associated at this point in
flight (injection)--namely the mounting of the CIR-RTG/RB, catapult
and spinup mechanisms--and the desire to maintain absolute simplicity,
a pulse application angle of 180° would both simplify the design and
remove launch vehicle roll induced errors. With this tactic, an abort
impulse of approximately 1500 fps is necessary. The need to examine
the apogee case can be eliminated since this particular flight point would
require less than 1000 fps in light of the 600 by 600 nautical miles de-
orbit requirements.
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TABLE L1.-1
Dispersions: Perigee Abort (100 by 600 nautical miles)
AV 5 29 R
(fps) (deg) (naut mi)
1000 180 1200
150 760
130 340
1500 180 298
150 140
130 80
2000 180 200
150 84
130 42

ASCENT ABORT REQUIREMENTS

Thus far it has been shown that an impulse level of 1500 fps would
adequately allow a successful abort or deorbit from the injection point
and any other point in subsequent flight. Furthermore, downrange
impact dispersions can be limited to +300 nautical miles to a high
probability. However, the impulse derived thus far must be checked
as to the overall range control requirements. This requirement actually
stems from the ascent or boost phase of flight since the locus of instan-
taneous impact points will intersect land masses before injection. For
example, an ETR launch will fly over the southern tip of Africa and a
polar launch from WTR will fly over Antarctica. It is extremely de-
sirable to have a design that is capable of limiting the impact point to
location offshore from these land masses. The most stringent range
control requirement will be realized for that launch vehicle whose boost
trajectory exhibits the longest downrange-to-injection trait. For the
launch vehicles considered, the Titan IIIC configuration has the longest

range, approximately 2000 nautical miles from liftoff to injection (Fig.
LL-5).

On examining the Eastern and Western Test Ranges it is noticed
that the same downrange arc angle to the first land encounter exists
for both ranges. This is depicted in Fig. LL-6 which shows the in-
stantaneous impact points for a Titan IIIC launch. The figure also in-
dicates that it is unnecessary to apply an abort pulse for ascent speeds
less than 25,000 fps. Therefore, the most critical phase of boost is
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the approach to injection where impacts cannot be contained to accept~
able repository areas. The question that must be answered is whether
the previously derived abort pulse of 1500 fps is sufficient for the ex-
ercise of range control in this area. With this intent, the instantaneous
impact points are also shown for the case where the abort impulse

1500 fps is applied in a retrograde direction (8 = 180°). As can be seen,
the magnitude of the pulse is adequate, even in the presence of the
maximum expected dispersion. There remains only to conduct a more
detailed dispersion analysis to validate these findings. The results of
the dispersion analysis are reported in Appendix II and confirm the
findings to a even greater degree of confidence.

Nominal entry conditions resulting from a retrograde application of
1500 fps are summarized in Table LI.-2.

TABLE LL-2
Entry Conditions at 400, 000 Feet

Entry Entry
AV 5 Velocity Path Angle
(fps) (deg) Deorbit Condition (fps) (deg)
1500 180 Perigee 25,150 -1,77
Transfer orbit
Apogee 25,345 -10.44
600 by 600 nautical miles 26,044 -6.73
orbit

The most severe entry conditions are experienced when the retro-
pulse is applied at apogee of the transfer orbit. It is shown in Appendix
JJ that although entry is quite steep it does not pose formidable design
problems for the configuration selected.

KINEMATIC REQUIREMENTS

The minimum AV requirement for the RB to just skin the atmosphere
(400,000 ft) is shown in Fig. LL-7 as a function of the application angle
and the explicit orbital conditions. It is of considerable interest to see
that the 1500-fps velocity increment, selected on the basis of range and
range sensitivity, will also permit a considerable variation in the appli-
cation angle if we are only concerned with deorbiting the system, and
not with the exact location of impact. For example, we can survive a
60° error in the application angle, starting from a 600-nautical mile
circular orbit. Therefore, we can have a high confidence in deorbiting
the RTG/RB, even if there are severe errors in the initial attitude of
the airborne system.
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APPENDIX MM
DYNAMIC REENTRY ANALYSIS

An analog simulation was conducted to determine the dynamic, six-
degree-of-freedom, reentry characteristics of the RTG/RB, This study
was conducted in order to: (1) assess some of the (minor) differences
between the standard, ballistic trajectories analysis and the real world;
(2) investigate the aerodynamic stability of the configuration; and (3)
determine the rate at which the configuration turns toward the stable
attitude, as a function of the initial roll and pitch rates, and initial atti-
tude.

Although ballistic trajectories have been acceptable for safety anal-
ysis (which, after all, is the main motivation of these reentry trajec-
tories), we were interested in this type of trajectory simulation in order
to gain an understanding of malfunctioning reentries,

These investigations were conducted for orbital entry conditions,
Primary emphasis was placed upon malfunction conditions such as entry
at very shallow entry angles (i.e., a decaying orbit), This orbital en-
try condition results in the lowest maximum dynamic pressures, Con-
sequently, if a vehicle can survive a set of initial conditions for shallow
entry, it will stabilize quicker for steeper entry angles, This theoret-
ical result (Ref. MM-1%) has been verified in this study.

The aerodynamic characteristics of the referenced vehicle used in
this analysis are presented in Appendix Y., The vehicle center of grav-
ity was assumed to be at %{- = 0,42 (19, 3 inches aft of the heat shield),
The actual center of gravity location is at%(- = 0.39 (18 inches aft).

This center of gravity location increases the stability of the system.
To conserve running time and increase accuracy, the atmospheric entry
conditions for the analog were assumed to be at 300,000 feet (as com-
pared to 400, 000 feet for the digital programs), The velocity and flight
path angle correspond to the digital results, based upon -0,1°, -2° and
-8° entry angles, A total of 41 different reentry trajectories were run,
Of course, not all results are exposed in the report, Only a few of the
trajectories and some parametric cross plots are presented.

*Ref, MM-1. Tobak and Peterson, '""Theory of Tumbling Bodies Enter-

ing Planetary AtmosPheres with Application to Probe Vehicles and the
Australian Tektites, ' NASA TR R-203, 1964,
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The reentry trajectory for a normal (-2°) entry condition is shown
in Fig. MM-1. The initial pitch and roll rates were 6° /sec, and the
initial attitude was vertical with a 90° initial angle of attack. To clearly
present the results, the envelopes of the maximum and minimum angles
of attack are presented rather than the highly oscillatory n versus t
history.

The reentry trajectory for a steep (-8°) reentry is shown in Fig.
MM-2 for the same initial conditions as above, and a shallow entry
(-0.1°) is shown in Fig. MNi-3. These results are quite interesting,
as they show that the initial roll rate causes the reentry body to cone.
This causes the minimum angle of attack to remain at about 10°. The
maximum excursion, however, is clearly damped by the action of the
increasing dynamic pressure acting on CM'

It is interesting to see that the dynamic effects in the shallow entry
had the tendency to increase the maximum dynamic pressure above the
same value for the ballistic (n=0) trajectory. It is suspected that this
effect is due to the lower drag coefficient at angles of attack than at
a = 0, as well as to the oscillatory in the trajectory arising from an
effective (but almost random) L/D ratio due to a finite n. This latter
condition is most likely a contributor, since there was some scatter
in the results of trajectory with almost identical initial conditions.

It is clear from these trajectories that a steep entry increases the
effective damping of the initial rates. A parametric study was con-
ducted for the shallow entry angle to determine the effect of initial pitch
rate on the maximum angle of attack in the high aerodynamic heating
region. The results of this are shown in Fig. MM-4. The contour is
a function of the initial orientation. However, this dependency is quickly
eliminated as the initial rates become large. The maximum pitch rate
at which the reentry body will stop tumbling is approximately 600 deg/
sec (Fig., MM-4). When the center of gravity of the vehicle is moved
to the actual location (as compared to reference aerodynamic coeffi-
cients), the maximum allowable initial pitch rate is calculated to be
about 1200 deg/sec. For steeper entry angles, higher maximum pitch
rates can be tolerated.

A similar parametric study was made to determine the effect of
initial roll rate on the maximum angle of attack in the high heating
regime (Fig. MM-5). One rather strange feature of these reentry tra-
jectories was the tendency of the reentry body to act like a lifting body
at high (600 deg/sec) spin rates. The net effect of the oscillatory
motion is to increase downrange at impact, to decrease the maxi-
mum dynamic pressure and, apparently, to decrease the maximum
angle of attack., It is not as yet known whether the results at high spin
rates are the result of peculiarities in the analog equipment. In any
case, these results confirm the decision to despin the RTG/RB prior
to reentry.
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APPENDIX NN

TERMINAL VELOCITIES

Terminal velocities at sea level for the several RB's possible are
presented in this section. Bodies considered were:

(1) Thermoelectric generator reentry body without the deorbit
package (RTG/RB).

(2) Thermoelectric generator reentry body with the deorbit
package (CIR-RTG/RB).

(3) Heat source, including 36 fuel capsules
(4) Fuel capsule,

Terminal velocities were determined for the normal sea level atmos-
pheric conditions (the air density, p_, = 2.38 x 10”° slugs/cu ft) with

the various bodies in different attitudes (end-on, side-on and tumbling).
Since some of the reentry shapes (numbers two, three and four) have
never been tested (in free flight and tunnels), it was necessary to esti-
mate the drag coefficients by comparing the reentry bodies to conven-
tional (or tested) shapes.

Terminal Velo.city is the condition when the weight and the drag are
equal in magnitude but opposite in direction. Therefore, the following
expression was used:

-p-c._ L 2 -
W=D=Cph5 A Vr (NN-1)
or
2 2 W
V.. =2 —=
T p CDA

Inserting the air density at sea level and taking the square root of both
sides of Eq (NN-1), the terminal velocity at sea level is:

- 1/2 i
(VT)Sl— 29 (W/CDAref) (NN-2)
where
= weight of body at impact (1b)
D = drag force (lb)
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CD = drag coefficient at terminal velocity

o = air density at prescribed altitude (slugs/cu ft)
Aref = aerodynamic reference area (sq ft)

V. = terminal velocity (fps)

and the subscript
sl = sea level conditions

The drag coefficients for the RTG/RB were obtained from Ref. NN-1.
For the end-on orientation (blunt end first), the drag coefficient was 1. 1.
In the tumbling attitude, its average coefficient was 0.77. The CIR-
RTG/RB's drag coefficient for the end-on case was assumed to be 0. 5.
An average coefficient of 0. 6 was assumed for the CIR-RTG/RB in the
tumbling reentry mode. Terminal velocities for the RTG/RB and CIR-
RTG/RB at sea level are presented in Table NN-1 for the end-on and
tumbling attitudes.

The subsonic drag coefficients for the heat source and the fuel cap-
sule were estimated by assuming both configurations to be right circular
cylinders. These coefficients for the end-on (small end first) and side-
on (flow perpendicular to the axis of revolution) cases were obtained
from Ref. NN-2 for laminar flow (below the critical Reynolds number

of appro«imately 3 x 105). These coefficients were determined from
the following expressions:

End-on case: CD =0.8 (NN-3)

1.465 £ /D (NN-4)

Side-on case: CD

and were based on the cross sectional area. The factors £ and D were
defined as the length and diameter of the cylinder, respectively. For
the tumbling case, this equation was integrated

90°
C.. =t [1 465 & sinda + 0. 8 cosde| da (NN-5)
D732 <465 .
0
to obtain

Tumbling case:

CD =0.621 (2/D) + 0.339 (NN-6)
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TABLE NN-1

Terminal Velocities

v
Weight Area Cp W/Cpa Ty
Configuration (1b) (sq ft)  Attitude (subsonic) (lb/ft) (fps)
Reentry body 430 11.5 Blunt end 1.1 34 170
without deorbit first
package
430 11.5  Tumbling 0.77 49 202
Rentry body 631 11.5 Blunt end 0. 50 109 310
with deorbit first
package with
rocket motors
empty
631 11.5  Tumbling 0. 60 91 277
Reentry body 755 11.5 Blunt end 0.50 131 332
with deorbit first
package with
rocket motors
fueled
755 11.5  Tumbling 0. 60 109 310
Heat source 182 2.52 End-on 0.8 90 276
182 2.52 Side-on 1.44 50 205
182 2.52 Tumbling 0.95 76 253
Fuel capsule 4.02 1.23x10"2 End-on 0. 409 585
4.02 1.23x10 2 Side-on 12, 26 147
4.02 1. 23x10_2 Tumbling 5.77 57 218
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The angle o was defined as the angle of attack. This coefficient was
also based on the cylinder's cross sectional area, Terminal velocities
for the heat source and fuel capsule are presented in Table NN-1 for
the different orientations. The heat source will probably be tumbling
at impact, while the capsule will be oscillating about the side-on atti-
tude at impact.

REFERENCES

NN-1. Bradley, E. P., "Aerodynamic Information Note No. 20-
Gemini Mission Aerodynamics,' McDonnell Aircraft Corpo-
ration, December 27, 1962.

NN-2. Hoerner, S. F., "Fluid-Dynamic Drag,' 1965.
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APPENDIX OO

RELATIVE MOTION OF THE UMBILIBAL TOWER AND LAUNCH VEHICLE

Three parameters are identified contributing to the deviation of the
L/V longitudinal centerline of the Titan IIIC from its theoretical struc-
tural centerline. These are:

a. structural misalignments including stage mismatch, tooling
tolerances and other asymmetry

b. wind drag

c. wind induced oscillation (WIO) perpendicular to the drag
component and wind direction.

From experimental data on the Titan IIIC at ETR, it was found that
at launch vehicle station +106, static deflection due to structural mis-
alignments is a maximum of 1.2 inches (Ref. OO-1). The structural
misalignment is a constant for an individual launch vehicle and, for
purposes of this study, the misalignment will not be considered in the
determination of the total excursion of the launch vehicle relative to the
umbilical tower.

Using the NASA 99. 9% Ground Wind Profile, the Titan IIIC AGE
design wind criteria is 46 mph at 30 feet above ground. Per Ref. 0OO-1,
the wind drag deflection of the Titan IIIC and the simultaneous wind
induced oscillation (WIO) is approximately 2.0 and + 1.2 inches respec-
tively at a reference elevation 130 ft above ground (—approximately VS-135)
in the design criteria wind condition. See sketch I. The drag is a con-
s'tant <'iirection deflection in the + X wind $1.2 inches WIO
direction as shown. The WIO varies
between + y and -y direction perpen-
dicular to the wind drag.

Drag
2 inches

+y
wind

-1.2 inches
tx WIO

Sketch 1




The resultant total deflection of the launch vehicle is

2 2
= —v 2 +{(+1.2) =i2.33 inches

at an angle, iO = sin-l + 1.2

e =t 31° with the direction of the wind.

Per the facility criteria (Ref. OO-2), the maximum drag deflection
of the umbilical tower in a 60 mph wind, including gusts, is less than 6
inches at a 170 foot elevation. Proportioning this deflection to the 130
foot elevation and 46 mph (assuming a conservative straight line relation):

6 i +y
1. _ X
170 ft ~ 130 2t 60 mph wind
o +x
Xe0 = 4, 6 inches l

46 _ .
X46 = mx 4,6 = 3.5 inches

———t——3» 3.5 inches
Reference Sketch II uT

Sketch II

The system of UT and L/V is indicated in Sketch III. The relative
displacement of the UT to the L/V in the direction of the wind is simply
the difference between the two drag deflections, i.e. 3.5 - 2.0 = 1.5 inch
assuming both structures deflect in the same direction in similarily
directed winds. An estimation of the relative deflection of the system in
a direction perpendicular to the wind is indicated in Sketch III. With the
wind direction as shown, the oscillating deflection of the L/V is the WIO
of + 1.2 inches. For purposes of estimating the maximum relative
deflection, the UT drag deflection is arbitrarily rotated perpendicular
to the wind direction and assumed oscillatory of magnitude + 3.5 -

+ 1.75 inches. -

é Drag * Drag %

1.75 ‘75

=

L/v

wind

UuT
Sketch III
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Per Ref OO-1, the natural frequency

of the Titan IIIC in a fueled condition 1
is .46 cps. The motion of the Titan

0.46/sec

IIIC is illustrated graphically in
Sketch IV in a direction perpendicular ‘
to the wind direction.

|1.21.2

The natural frequency of the UT
is not defined, but as a limiting case
is assumed the same as the launch Sketch IV
vehicle. A graph of the UT deflec-
tion versus frequency is shown in
Sketch V,

0. 46 /sec

For purposes of obtaining the
maximum relative deflection, the Ll, 75
two structures are shown in phase

in Sketch VI.

1.75

Sketch V

Stated in other words, the UT and
L/V move in an oscillatory motion
relative to each other of magnitudes
+1.75 and + 1.2, respectively, 0.46/sec
Eerpendiculzr to the wind, providing
the following possible relative

deflections.

+1.75 +1.2 = 2.95 inches

-1.75 -1.2 = -2.95 inches = 2. 95 2.95 -
+1.75 -1,2 = .55 inches

-1.75 +1.2 = ~.55 inches Sketch VI.

based on whether the structures are in phase or out of phase.
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Therefore, the maximum relative motion between the launch vehicle
and umbilical tower is approximately 6 inches (+ 2.95 inches) at .5 cps
(.46 cps).

To determine the influence of the FHM on the launch vehicle under
the frequencies and amplitudes cited, a diagram of the system is shown
in the following sketch where the umbilical tower is assumed static and
all motion of the system is allowed in the launch vehicle. Therefore the
launch vehicle oscillates at .46 cps and a 5. 90 inch excursion. The FHM
on a frictionless support and rigidly connected to the launch vehicle
follows, in phase, the vehicle's motion. It is assumed that this motion
is approximated by a sinusoidal function:

Z
. Y
= A i
X sin wt 500 1b <
_dx _ {
X = i wA cos wt
2 FHM——/L'
X = d—-zz-{ = -w A sin ot Pt
dt ~
- ~—Titan III
and Umbilical — |
P =V_&[ 3 tower
& Y WY
F = _% ®A sin ot TI0770 7777777277777,

F is max when sin ot = 1

W =27f

27 x 0,46

€
1

0.927 radian/sec.

_ 500 2(5.90
= ~——32.2(0.927r) ( )

eS|
0

- 63.8 1b.
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The above indicates that the resultant load in the launch vehicle due to
relative motion of the umbilical tower and launch vehicle and a zero
friction suspension of the FHM 1is approximately 64 pounds.

REFERENCES

OO-1. Analytical data based on wind tunnel tests with 7.5% model,
Telecon with Robert Morra M /D x 2131 per M. Krietz,

00-2, CR-62-1000, Erratas, '""Criteria and Concepts, SLV(5) ITL
System (Titan III), Techniecal Launch Facilities," CCMTA.

S miaa s

-MND+2050-F-2.,

Lt i i

XYY Y]
seoe
.
esvens



APPENDIX PP
IDEALIZED GHE CONCEPTS
A. FIXED TOWER,FOLDING BOOM,FUEL BLOCK LOADING

This concept is a modification of the SNAP 29 fueling concept in the
following areas:

(1) The loading device uses a lighter weight cask than the ICC
cask in which the fuel block is shipped.

(2) A heater block compartment is located beside the transfer
cask.

(3) A separate ram rod is used for the fuel block and the heater
block., The ram rods have a gripper mechanism on the end
to engage a knob on the fuel and heater blocks.

(4) A guide tunnel or duct with rollers in the bottom is used to
transfer the fuel and heater blocks to the RTG.

This proposed concept differs from the SNAP 29 fuel loading device
in the following manner:

(1) The length of the tunnel or duct connecting the RTG to the
loading cask is approximately 20 feet compared to a few feet
for SNAP 29,

(2) The ram rods are proportionally increased in length.

(3) The cask is mounted on a fixed platform rather than the three-
way carriage of SNAP 29.

(4) The transfer tunnel is connected to the space vehicle manually
under a cold environment rather than remotely connected. It
will remain connected to the space vehicle up to liftoff.

(5) The loading device is mounted on the umbilical tower rather
than the MST.

(6) The ram rods are motor-driven and remotely controlled
rather than manually controlled by an operator located at
the loading device.

1. Equipment List

The equipment list that is required for fuel block loading on the
fixed tower folding boom is as follows:
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(1) Transportation cask (ICC regulations)
(2) Transfer cask (for use in loading device)
(3) Fuel block loading device
(a) Cask support structure
(b) Folding tunnel boom with actuator and support structure

(¢) Fuel block ram rod with gripper, latch release and sup-
port structure

(d) Heater block containér and ram rod
(e) Pneumatic system
(f) Hydraulic system
(g) Cooling air system
(4) ICC cask skid

(5) Transfer device to transfer fuel block from ICC cask to
transfer cask

(6) Transfer cask dolly or trailer
(7) Slings and special tools,

2. Liaunch Complex Modifications

Modifications to the launch complex will be minor. Point Arguello
Launch Complex 2 (PALC 2) Pad 3, a Titan IIIB Agena complex, is
shown in the loading configuration drawing but other Titan III complexes
would be similarly adaptable to this loading configuration (Fig. PP-1),

The loading device will be installed on top of the existing umbilical
tower and modifications to the tower will be minimal, Preliminary
analysis shows that the tower will support the 5000-pound transfer cask
without tower reinforcement. A support stand will be added to the
umbilical tower to support the transfer cask and heater container. The
transfer tunnel boom will also be supported from the stand. Attachment
of the boom actuator and ram rod support structure will be made to the
top platform. (Elevation: 130-1/2 ft)

A modification to the MST curtain door will have to be made to allow
tunnel boom penetration. Modifications or additions to existing hydraulic,
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pneumatic and air conditioning systems will be required for RTG GSE
requlirements.

3. Description and Operation

a. Fuel block shipment

The fuel block will be shipped to the launch site in a cask designed
to ICC regulations., The cask will be mounted on a skid which will
distribute the load to permit air, rail or truck transportation. Pro-
visions will be made on the cask for attachment to the transfer cask
and a push rod transfer system will be provided.

b. RTG shipment

The RTG will not be fueled when shipped to the launch site. Shipping
will be in a normal shipping manner,

c. Launch site preparations

Nonradiation environment condition. The RTG will be installed in
the space vehicle on the ground. The space vehicle will then be erected
and installed on the Titan III in the normal manner. The tunnel boom
will be erected to a horizontal position by the actuator. The outer sec-
tion of the boom, which was not connected to the inner boom, will be
inserted manually into the space vehicle, then connected to the inner
boom. The support cable will be attached and adjusted with a turn-
buckle. The heater block will be installed in the transfer container on
the umbilical tower and the transfer ram rod connected. Electrical
contact is made through the ram rod. The fuel block transfer rod is
positioned on the tower support rollers in readiness for the transfer
cask installation,

Radiation environment condition. The ICC shipping cask will be
connected to the transfer cask and the fuel block will be pushed into
the transfer cask with a push rod. The transfer cask will be trans-
ported to the launch pad on a flat-bed trailer and positioned under the
MST 10-ton crane. The crane hook will be connected to the cask sling
and will 1lift the cask to the fuel transfer device located on top of the
umbilical tower. Guide ways will assist in positioning the cask in the
loading device. The cask will be positioned on the umbilical tower on
R-1 day. Loading the fuel block into the RTG will occur late in the
countdown on launch day. After propellant loading has been completed,
the heater block will be remotely inserted into the RTG by actuating
the ram rod. The RTG temperature will be gradually brought up to the
operating range. As soon as the temperature stabilizes, the heater
block will be withdrawn by the ram rod which remains connected to the
heater block at all times. The fuel block ram rod will be actuated and
will insert the fuel block, with the RTG plug attached, into the RTG.
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A torque-limiting clutch will maintain a maximum predetermined ram
force on the RTG even under differential motion of the space vehicle

and loading device. Door latch mechanisms on the RTG or fuel block
plug will lock the fuel block in place. The ram rod retractor motor

will be actuated and it will be determined if the fuel block is securely
locked in the RTG as the ram rod will not retract. If the fuel block is
determined to be secured in the RTG, then the grippers on the end of the
ram rod will be disengaged and the ram rod fully retracted. The tunnel
boom connecting the cask to the space vehicle will remain connected
through liftoff. Liftoff switches, located on the Titan thrust mount, will
send a signal to the tunnel boom actuator to retract. The outer section
of the boom is hinged so that the first motion of the spacecraft will cause
the boom to fold upward and this motion can be used for redundant
switches to signal actuator motion. Redundancy will also be built into
the actuator and hydraulic valving system. TheL/V hatch will be spring-
loaded closed as the boom is withdrawn from the loading hatch.

In the event liftoff does not occur after engine start, the boom and
fuel block retracting devices will be ready so the fuel block can be re-
moved immediately. The ram rod will travel through the boom tunnel
guided by a runner on the end of the boom which rolls on rollers in the
bottom of the tunnel boom. Engagement is made as soon as the gripper
contacts the knob on the fuel block plug. Trip fingers in the gripper
mechanism release the latch, allowing the fuel block to be retracted into
the cask.

B. TOWER-MOUNTED, CABLE TRANSFER, BLOCK LOADING

This concept is similar to Concept A in the following respects:

(1) The loading device uses a lighter weight cask than the ICC
cask in which the fuel block is shipped.

(2) The loading device is mounted on the fixed umbilical tower,

(3) The fuel block transfer system is connected to the RTG man-
ually under a radiation cold environment.

(4) The fuel block transfer is conducted remotely from the block
house.

(5) The transfer system remains connected to the RTG until lift-
off.



The major differences between this concept and Concept A are as

follows:

(1)

(2)

(3)
(4)

No internal provisions in the fuel loading device are made for
a heater block to preheat the RTG, although, a heater block
system could be provided.

A cable is used to guide the fuel block rather than a tunnel
boom.

A motor-driven cable is used instead of ram rods.
Remotely operated cable cutters or cable release devices are

used to disengage the fuel block rather than grippers on a
ram rod.

1. Equipment List

The equipment list for this concept is:

(1)
(2)
(3)

(4)
(3)
(6)

(7
(8)

Transportation cask (ICC regulation)
Transfer cask for use in loading device
Fuel block loading device

(a) Cask support structure

(b) Cable transfer system with motor or winches and re-
motely operated cable cutters or cable release devices

(c) Cable slack takeup device
ICC cask skid
Cooling air system

Transfer device to transfer fuel block from ICC cask to trans-
fer cask

Transfer cask dolly or trailer

Slings and special tools.

2. Launch Complex Modifications

Modifications to the launch complex will be minor. Titan III, Com-
plex 40 at ETR is shown in the loading configuration drawing but other
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Titan III complexes would be similarly adaptable to this loading config-
uration (Fig. PP-2).

The loading device will be located between Platforms 10 and 11 on
the existing umbilical tower., Modifications to the tower will be minimal.
Preliminary analysis shows that the tower will support the 5000-pound
transfer cask without tower reinforcement. A structure will be added
above Platform 10 to support the cask and transfer device. The struc-
ture will be tied directly into four vertical H beams.

3. Description and Operation

a. Fuel block shipment

The fuel block will be shipped to the launch site in a cask designed to
ICC regulations. The cask will be mounted on a skid which will distrib-
ute the load to permit air, rail or truck transportation. Provisions will
be made on the ICC cask for attachment to the transfer cask and a push
rod transfer system will be provided.

b. RTG shipment

The RTG will not be fueled when it is shipped to the launch site.
Shipping will be in a normal shipping manner.

c. Launch site preparation

Nonradiation environment condition. The RTG will be installed in
the space vehicle on the ground. The space vehicle will then be erected
and installed on the Titan III in the normal manner. The transfer cable
will be installed through the RTG and the free ends coiled in preparation
for the transfer cask installation on the umbilical tower, Installation
will be made on the cask support platform of the cask takeup device
which is used to maintain cable tension during wind sway of the launch
vehicle. The transfer drive motor or winch will also be installed on
the transfer cask platform.

Radiation environment condition. The ICC shipping cask will be con-
nected to the transfer cask and the fuel block will be pushed into the
transfer cask with a push rod. The transfer cask will be transported
to the launch pad on a flat-bed trailer and positioned under the MST
crane, The crane hook will be connected to the cask sling and the cask
will be lifted up the umbilical tower and positioned into the fuel transfer
device with the aid of tag lines. The transfer cable, with quick release
fittings on each end, will be inserted through each end of the transfer
cask and connected to the fuel block plug. The closed loop cable will be
connected to the spring-loaded takeup mechanism and the transfer drive
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motor will be hooked to the cable. Transfer of the fuel block from the
cask will be conducted remotely late in the countdown on launch day.

The transfer operation begins with opening the cask plug and actuating
the transfer motor., With the closed loop cable system the cable acts as
guide, support and means of transfer. The transfer is accomplished by
driving the cable with an electric motor. With the open loop cable sys-
tem, a cable winch is located behind the RTG in the launch vehicle and
another is located on the other end of the cable on the umbilical tower.
Transfer of the fuel block is accomplished by actuating the cable winch
on the RTG. The winch on the umbilical tower will be braked to main-
tain tension in the cable. A funnel-shaped duct in the launch vehicle will
assist in guiding the fuel block into the RTG and will prevent loss of air
conditioned air in the space vehicle. The winch will continue to pull the
fuel block into the RTG until a specified preload has been achieved, at
which point wedge-shaped latches will be released to maintain preload.
The winch will be designed to stall when the preload value is reached.
The cable to the umbilical tower winch will remain connected until liftoff
has been achieved, at which time a mechanically actuated cable release
will disconnect the cable from the fuel block plug in the RTG. The cable
will be reeled in as the launch vehicle rises. The launch vehicle hatch,
which is spring-loaded closed, will be remotely latched. In the event
liftoff does not occur after engine start, the fuel block can be immedi-
ately removed as the guide cable remains attached. Removal would con-
sist of retracting the fuel block latches in the RTG and actuating the
umbilical tower cable winch. The winch on the RTG will act as a drag
brake to maintain tension in the cable. The fuel block will be retracted
into the cask and the cask plug remotely closed.

d. Heater block installation

The heater block will not be an integral part of the fuel block loading
device and the need for a fuel block is questionable at this time. If a
heater block is required, it will be installed from a UT retractable plat-
form which will be retracted before the fuel block is transferred.

C. GUIDE RAILS AND TROLLEY, FUEL BLOCK LOADING

This concept proposes a guide rail and remotely operated trolley to
transfer the fuel block from the transport cask, located at ground level,
to the RTG which is installed on the launch vehicle. This system will
permit fueling late in the countdown and will remain intact until liftoff
in event that defueling of the RTG is required before launch (Fig. PP-3).

1. Equipment List

The following equipment will be furnished for the complete system:
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Transportation cask (ICC regulations)

Cask cooling system

Guide rail assembly

Cask support structure at launch site

Hoist to remove cask cover

Trolley assembly

Power and control cable reel assembly
Closed circuit TV installation

Retract mechanism for upper section of rails

Remote control panel and instrumentation.

2. Launch Complex Modifications

The following additions or modifications to the launch complex will
be required to accommodate this concept:

(1)

(2)

(3)

(4)

Installation of a pad and structure to support the fuel block
transport cask for long-term storage. Location will be in an
area which will not interfere with normal launch preparations.

Installation of a rail system leading from the cask support
structure to the RTG in its position on the launch vehicle,

The upper section of the rail will be movable to provide ve-
hicle clearance at launch. The rails will be routed to remain
clear of the MST. The upper end of the rails will be supported
by the umbilical tower where a flexible section will be em-
ployed to accomplish compliance with the RTG.

A retract mechanism will be installed on either the umbilical
mast or the umbilical tower. The mechanism will be trig-
gered immediately prior to ignition of Stage 0 to cause the
section of rail adjacent to the payload to be retracted.

A control and instrumentation console will be added to the

launch control center for remote operation and monitoring
of the system. The system will be interconnected by land-
line,
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3. Description and Operation

a. Fuel block shipment

The fuel block will be shipped to the launch site in a cask designed to
ICC regulations. The cask will incorporate cooling provisions and
instrumentation as required to condition and monitor the fuel block.

b. RTG shipment

The RTG will be shipped to the launch site in the unfueled condition,
using standard shipping containers and methods.

c. Launch site preparation

Nonradiation environment condition. The RTG, with an electrically
heated simulated fuel block, will be installed on the spacecraft by man-
ual procedures. The RTG will be brought up to equilibrium tempera-
ture and the complete spacecraft electrical system will be checked out.
During this period, the isotope fuel block will remain in the closed
shipping cask.

Radiation environment condition, When the countdown and checkout
reaches the point where installation of the fuel into the RTG is to be
accomplished, the fuel cask cover will be unbolted by manual operation.
At the same time, the electrically heated fuel block will be removed
from the RTG. At this point, the launch pad will be cleared of person-
nel and all operations will be remotely controlled. The fuel block cask
will be opened by remotely controlling the crane installed at the shipping
cask location. The cask will be designed so that with the cover removed,
the fuel block will be exposed in a manner that will make it accessible
to the trolley. The trolley will be moved up into a position adjacent to
the cask and the traveler extended to contact and latch onto the fuel
block. Next the traveler will be retracted by actuation of the jack
screws to draw the fuel block onto the trolley, With the fuel secured
in place, the trolley will be self-propelled through a switch assembly
in the guide rails and up into contact with the RTG mounted on the space
vehicle. By actuation of the jack screws, the traveler will be moved
forward to insert the fuel block into the RTG. Rotation of the traveler
fuel support interface will cause the fuel block to lock into the generator.
The trolley will then be moved back clear of the retractable section of
the rail system. The rails will remain in contact with the RTG until
the moment of liftoff in case defueling is required. To defuel the RTG,
the reverse of this procedure will be followed to return the fuel to the
fuel cask. The cask will be closed by remote control which will return
the launch site to a radiation free environment.
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d. Heater block installation

At any time after initial heatup at the launch site, the RTG will re-
main at temperature by means of electrical heaters when the fuel block
is not installed. The electrical heaters will be manually installed and
removed as required.

D. ERECTABLE TOWER, SITE INDEPENDENT,
FUEL BLOCK LOADING

This concept utilizes a transportable tower with the fuel block trans-
fer device mounted on top. The tower which includes an elevator and
erecting winches was adapted from the Bucyrus-Erie Mark 1-50 tower
crane (Fig. PP-4).

1. Equipment List

The following is the equipment list required for this concept:
(1) Movable tower
(2) Shipping cask
(3) Fuel block loading device
(4) Cooling air system
(5) Cask dolly
(6) Slings and special tools.

2. Launch Complex Modifications

No modifications are required at the launch complex assuming that
sufficient access is available on the launch pad to accommodate the
erectable tower.

3. Description and Operation

a, Fuel block shipment

The fuel block will be shipped to the launch site in a cask which has
a removable top plug. The cask will be designed for ICC regulations
and will also serve as the transfer cask in the loading device.
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b. RTG shipment

The RTG will be shipped to the launch site in a normal shipping
manner.,

c. Launch site preparation and operation

The fuel loading preparation will begin with rolling the tower up to
the launch pad and erecting it to a vertical position using its built-in
winch system. The cask will be installed on the tower platform at the
base of the tower. The transfer boom will be erected with the actuator
and manually aligned with the space vehicle. Positioning fingers will
be inserted into the space vehicle opening and will serve to maintain
alignment between the space vehicle and the loading boom. An inverted
cradle is mounted on the transfer boom and guide cables pass from the
cradle to the cask. The cables pass through guide blocks on the cask
lid. A hoist cable is attached to the cask lid which raises the lid and
fuel block up the guide cables and into the inverted cradle at the end of
the transfer boom. A track-mounted carriage with a mandrel attached
to the forward end is positioned behind the fuel block cradle. The carri-
age moves the mandrel into the fuel block, picks it up and carries it to
the RTG. A door latch mechanism locks the fuel block into the RTG by
applying pressure until the door-type latches on the RTG lock in place,
The carriage is retracted to the stowed position. The positioning fingers
at the end of the boom are remotely retracted and the boom folded to a
down position,

Fuel unloading can be accomplished in the event of an aborted launch.
The boom is erected to a horizontal position by the actuator. The posi-
tioning fingers are inserted remotely into the space vehicle to align the
boom with the RTG. The carriage is moved along the track until the
mandrel is inserted into the fuel block. Fingers on the mandrel lock
onto the fuel block while other fingers on the mandrel unlatch the fuel
block. The carriage is reversed and moves the fuel block back to the
cask lid. The fuel block is unlatched from the mandrel and the carriage
continues back to a stowed position. A hoist lowers the cask lid with
the fuel block along the guide cables to the cask at the base of the tower.

During launch the only nuclear ground handling equipment attached
to the space vehicle might be a lanyard attached to the loading hatch.
The hatch will be spring loaded and will be closed by the liftoff motion,
pulling a pin which holds the hatch open. Another method which would
eliminate the lanyard would be an over center spring which would rely
on wind load during liftoff to close the hatch. This method is similar
to that used to close the air conditioning hatch on the Gemini launch
vehicle during liftoff.
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E. SPLIT CASK, TOWER-MOUNTED, FUEL BLOCK LOADING

This concept, shown in Fig, PP-5, is similar to the loading device
used on top of the movable tower, Concept D. It differs in the fact that
the cask is split in half and each half is mounted on the tracks which
move the cask sideways. This permits the carriage to pick up the fuel
block and pass through the cask for installation in the RTG. Boom
alignment is achieved by actuating a rod into a guide cone which is
mounted on the exterior of the S/V. The cone is jettisoned by lanyard
at liftoff. (See Section D for other procedural details.)

F. CAPSULE BELT, FUEL BLOCK LOADING, TOROIDAL RTG
The loading device, which consists of the transfer cask, transfer
tunnel boom, boom actuator, transfer drive motor, cask door actuators
and transfer belt takeup device, is mounted on a pallet which can be

readily installed on existing tower structures or a mobile tower.

1. Equipment List

The equipment required for this approach is:
(1) Transportation/transfer cask
(2) Fuel block loading device
(a) Cask support structure
(b) Transfer tunnel boom
(c) Cask door actuators
(d) Transfer belt takeup device
(e) Boom actuator and support structure
(f) Fuel block lock actuator
(g) Transfer belt
(h) Transfer belt remote disconnect
(3) Cask shipping skid
(4) Cask protective screen

(5) Slings and special tools.
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2. Launch Complex Modifications

Modifications to the launch complex will be minor. Titan III, Com-
plex 40 at ETR is shown in the loading configuration drawing but other
Titan III complexes would be similarly adaptable to this loading con-
figuration (Figs. PP-6 and PP-7).

The loading device is installed between the uprights of the electrical
umbilical mast and between Platforms 9 and 10 of the umbilical tower,.
Installation on the umbilical tower is also feasible. Structural steel
members must be added horizontally and tied into existing vertical
beams to support the loading device pallet.

3. Description and Operation

a. Fuel block shipment

The fuel capsules will be shipped in the same cask that is used for
RTG loading. Little weight would be saved by reducing shield thickness
and increasing dose rate due to the long length of the cask.

b. RTG shipment

The RTG will be shipped to the launch site unfueled and in a normal
shipping manner,

c. Launch site preparation

Nonradiation environment condition, The RTG will be installed in
the launch vehicle on the ground and the space vehicle will be erected
and installed on the Titan III in the normal manner. The palletized fuel
transfer device will be installed on the tower and the tunnel boom con-
nected to the launch vehicle. The transfer belt will be inserted in and
around the donut shaped RTG and down through the tunnel boom. A
fuel block latching actuator will be connected to the RTG latch mecha-
nism. All electrical power and control wiring will be connected as will
the fuel block cooling lines.

Radiation environment condition. The transfer cask will be trans-
ported to the base of the umbilical tower and hoisted to the transfer
device pallet by the MST crane, Tabs extending from the ends of the
fuel capsule belt and through the cask doors will be connected to the
transfer belt which passes up through the tunnel boom. The belt will
also be passed through the drive motor drum which is mounted on the
belt slack takeup device. Transfer of the fuel block from the cask to
the RTG is accomplished, after remotely opening the cask doors, by
actuating the belt-driven motor. The capsule belt moves from the
cask, rolling over a drum inside the cask, and continues up the tunnel
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boom to the RTG. The continuous loop belt rolls or slides around the
inner diameter of the donut-shaped RTG and moves down the tunnel boom
as the capsule belt is pulled around inside the RTG. A latch mechanism
at the loading opening in the RTG has a pair of arms which rotate and
grab fittings at each end of the capsule belt.

Launch operation. The tunnel boom remains connected to the space
vehicle and the transfer belt remains connected to the fuel block capsule
belt until liftoff. At liftoff a signal is sent by the liftoff switches in the
thrust mount to the transfer belt disconnect and the latch control discon-
nect. An explosive charge cable cutter is provided in the boom as a
redundant feature and shear plugs are provided as a third redundant dis-
connect feature. The tunnel boom is also actuated and retracts to a
vertical position at liftoff, controlled by the liftoff switches. A redun-
dant retraction feature is provided. Hatches on the reentry vehicle and
the spacecraft are spring-loaded closed and are held open by a pin
through the hinge fitting. Lanyards connected on one end to the umbilical
tower and the other end connected to the pins pull the pins by vertical
motion of the launch vehicle. This feature is similar to the eight-inch
air conditioning duct door on Gemini.

In the event launch does not occur, the fuel block can be immediately
removed by remotely unlatching the fuel capsule belt and running the
belt driven motor in the reverse direction until it is inside the cask.

4, Remote Controls and Instrumentation in Blockhouse

The following controls and instrumentation will be required in the
blockhouse for this concept:

(1) Transfer motor control switch

(2) Limit switches to stop the transfer motor when the fuel block
is properly positioned

(3) Position indicator lights to indicate position of fuel block

(4) Cask door actuator control.

G. ROTATING EXTENSION INSERTER

With this concept (Fig. PP-8), the fuel block will be loaded into the
RTG by an extension arm which is mounted on the umbilical mast. The
arm will rotate to align with the fuel cask and the RTG as required.
Insertion of the fuel block into the RTG may be accomplished at any
altitude between approximately 45 degrees above and below the hori-
zontal. The fuel cask will be mounted on the umbilical mast at an
elevation within reach of the arm when it is in the extended position.
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1. Equipment List

Included in the equipment that will be needed for this concept are:
(1) Transportation cask (ICC regulations)
(2) Cask support structure installed on the umbilical mast
(3) Cask cover removal crane
(4) Rotating extension inserter
(5) Shroud access door opening mechanism
(6) Fuel cask handling sling
(7) Rotating extension inserter support structure
(8) Control and instrumentation console
(9) Closed circuit TV installation
(10) Fuel block shipping cask cooling system.

2. Launch Complex Modification

A support structure for the fuel block shipping cask will be installed
between the uprights of the electrical umbilical mast. The structure
will be at an elevation which will place the fuel block within reach of
the inserter arm.

A remotely operated cask cover removal crane will be installed on
the umbilical mast. Also, a suitable cover storage support will be
installed as required.

A fuel block inserter arm, drive mechanism and support structure
will be installed between the umbilical mast uprights at an elevation
suitable to permit alignment of the fuel block with the RTG.

A control console and instrumentation will be installed in the launch
control center for remote operation of the fueling concept equipment.
Connecting power and instrumentation lines shall be installed between
the control console and remote equipments of the system.
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3. Description and Operation

a. Fuel block shipment and storage

The fuel block will be shipped to the launch complex in its shipping
cask, using commercial {ransportation methods. The required con-
ditioning and monitoring equipment will be designed as an integral part
of the cask assembly. The cask will also be used to store the fuel at
the launch site.

b. RTG shipment

The RTG, in the unfueled condition, will be shipped to the launch
site using commercial transportation methods.

c. Launch site preparation

Nonradiation environment. The RTG will be installed on the space-
craft and erected on the launch vehicle. All systems will be checked
out using power from the electrically heated RTG. The fuel block and
cask will be hoisted to the support structure on the umbilical mast at
any convenient time in the countdown. The cask shall be designed to
maintain the radiation level to within tolerable limits in the inhabited
regions of the launch pad so that restrictions on exposure time will not
be required. When launch preparations reach the point where fueling
of the RTG is to be accomplished, the electirical heaters will be re-
moved from the RTG, the fuel cask cover manually unfastened from the
cask, and the pad evacuated.

Radiation environment. The cover of the cask will be removed and
set aside by use of the remotely operated crane installed on the umbilical
mast. The inserter arm will be rotated to align with the fuel block and
then extended to contact and latch onto the fuel block. Both linear and
rotational motion may be transmitted by the attaching mechanism to
ensure a positive lock with the fuel. The inserter will be retracted to
withdraw the fuel block from the cask and then rotated to align the fuel
with the RTG. A universal-type joint and actuator, combined with the
extension and rotation of the inserter, will provide the compliance re-
quired between the fuel block and RTG during loading. The fuel will
be inserted into the RTG and locked in place by the fuel handling mecha-
nism, The inserter will remain in contact with the fuel block until
the moment of ignition when a signal will be transmitted to retract. A
lanyard will be used to close and latch the shroud access opening which
in turn is linked to the RTG access opening which will cause it to close,
The lanyard will fall away after completing its operation.

Defueling operation, In the event defueling is required, the fuel
handling mechanism on the inserter, which is still in contact with the
fuel block, will be actuated to lock onto the fuel block and cause it to
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release from the RTG. The inserter arm will be retracted to withdraw
the fuel block clear of the shroud, rotated to align with the fuel cask and
extended to insert the fuel in the cask and latch it in place. Then, with
the inserter retracted and rotated aside, the cask cover will be reposi-
tioned on the cask by the remotely operated crane, returning the launch
site to a radiation-free condition.

H. TRAVELING BOOM, VERTICAL FUEL BLOCK LOADING

This concept proposes a traveling boom and hoist assembly to ac-
complish vertical loading of the fuel block through the nose section of
the shroud. The fuel will remain in its shipping cask located on the
transporter at the base of the umbilical mast until fueling operations
begin, A remotely operated crane will be used to remove the shipping
cask cover. The traversing boom will be retracted to align the hoist
cable with the fuel block in the cask. A latching mechanism will be
lowered into the cask to attach to the fuel block. The fuel will be hoisted
to the boom elevation, and the boom will be extended to align the fuel
block with the RTG. The fuel will be lowered into the RTG and the
latching mechanism triggered to lock the fuel block in place, The boom
will be retracted to provide clearance for launch.

1. Equipment List

The following equipment will be furnished for the complete system:
(1) Transportation cask (ICC regulations)
(2) Cask cooling system
(3) Remotely operated crane to remove cask cover
(4) Traversing boom assembly
(5) Electrically driven cable hoist

(6) Closed circuit TV installation mounted on boom for visual
monitoring

(7) Remote control panel and instrumentation
(8) Umbilical cable to close shroud after fueling the RTG

(9) Umbilical cable to release shroud nose access opening by re-
mote operation in event defueling is required.
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2. Launch Complex Modifications

The following additions or modifications to the launch complex will
be required to accommodate this concept.

(1) Installation of a boom and traversing drive at the upper end
of the umbilical mast. The installation will include adjust-
able support cables and driven reels to maintain the boom
attitude as it moves.

(2) A remotely controlled hoist will be installed within the upper

cross member structure of the umbilical mast to raise and
lower the fuel block.

(3) A support interface will be installed on the transporter to
mount the fuel shipping cask and associated equipment.

(4) A conirol and instrumentation console will be added in the
launch control center for remote operation and monitoring.

3. Description and Operation

a. Fuel block shipment

The fuel block will be shipped to the launch site in a shielded cask
designed to ICC regulations. The cask will incorporate cooling provi-
sions and instrumentation as required to condition and monitor the fuel
block.

b. RTG shipment

The RTG will be shipped to the launch site in the unfueled condition,
using standard shipping containers and methods.

c. Launch site preparation

Nonradiation environment condition, The RTG, with an electrically
heated simulated fuel block, will be installed on the spacecraft. The
RTG will be brought up to equilibrium temperature and the complete
spacecraft electrical system checked out using RTG-supplied power.
The isotope fuel block will remain closed in its shipping cask. The
cask will be designed to limit the radiation field to within the tolerance
acceptable for personnel to work in the area for unlimited periods of
time.

Radiation environment condition. When the countdown and checkout
reaches the point where installation of the fuel into the RTG is to be
accomplished, the fuel cask cover will be unbolted by manual operation
and the electrically heated fuel block will be removed from the RTG.
The pad will be cleared of all personnel and all operations will be con-
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trolled from the launch center from this point on. The fuel block cask
cover will be removed by the remotely controlled crane mounted on the
vertical support of the umbilical mast. With the traveling boom in the
retracted position, the hoist cable will be in line with the fuel block.

A mechanism which interfaces with the fuel block latching device will
be attached to the end of the cable, By lowering the cable, the mecha-
nism will lock onto the fuel block and at the same time cause it to re-
lease from the fuel cask. The fuel block will be hoisted to the required
elevation to allow the boom to be extended to a position where the fuel
block is in line with the RTG. By paying out the cable, the fuel will be
lowered into the RTG where it will be latched into place. A cable
attached to the shroud nose section will be used to pull the nose section
to the closed position. A mechanical link between the shroud and the
reentry body nose cap will cause the reentry body to be closed and
latched by the same cable movement.

Defueling operation. To defuel the RTG, the shroud and reentry
body are opened for access by actuation of a lanyard connected to an
unlatching device on the shroud. This will also release a spring which
will cause movement to the open position., The boom will be traversed
to the extend position and the fuel block handling mechanism lowered
into the RTG and attached to the fuel block. The fuel will be hoisted
clear of the shroud, the boom retracted and the fuel lowered into the
fuel cask. The cask cover will be replaced by remote operation,

I. SILO LAUNCH CONCEPT

Under this concept, either the fuel block may be loaded into the RTG
or the fueled RTG may be loaded into the launch vehicle. It is also possible
to accomplish horizontal or vertical loading. A hot cell which connects
directly into the silo will be constructed under the crane hardstand.
Alongside the hot cell, a control room will be constructed. Manipula-
tors, instrumentation and monitoring equipment will be connected be-
tween the control room and hot cell. The hot cell will incorporate
moving mechanisms to extend into the silo to accomplish the loading.
The concept is shown in Fig. PP-9.

1. Egquipment List

The equipment necessary to this type of operation is as follows:
(1) Transportation cask (ICC regulations)
(2) Fuel block conditioning equipment

(3) Overhead traveling crane
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(4) Remotely operated manipulators
(5) Control console

(6) RTG checkout instrumentation

(7) Special handling fixtures and tools.

2. Launch Complex Modifications

Construction of a complete isotope handling hot cell adjacent to the
silo which will include entrance doors on the roadway access side and
a door entering into the silo will be required. An overhead traveling
crane and/or vertical loading trolley and track at floor level, manipu-
lators and other required accessories will be installed as a part of the
hot cell.

Construction of a control room adjacent to the hot cell with visual
access to the hot cell and the silo will have to be completed. Control
console, instrumentation, checkout panel, environmental control equip-
ment, and required safety features will be included in the control room
installation.

An access road into the hot cell and access passageway to the con-
trol room will be provided.

Hardline connections between hot cell, control room, silo and the
launch control center will be installed as required to monitor the com-
plete fuel handling concept.

3. Description and Operation

a. Fuel block shipment

The fuel block will be shipped to the hot cell in its transportation
cask. The design of the cask will permit use of commercial handling
methods for shipment. The cask will also be suitable for storage of
the fuel block outside of the hot cell at the launch site if this will aid
in launch preparations.

b. RTG shipment
The unfueled RTG will be shipped using standard commercial con-

tainers and transportation methods necessary for this type of equip-
ment,
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c. Launch site preparation
(1) Fuel block loading

Nonradiation environment. The RTG will be installed on the space-
craft and the entire system checked out using electrical heaters to
simulate the fuel loading. When the checkout is complete, the electric
heaters will be removed from the RTG; the fuel cask will be delivered
to the hot cell; the cover unfastened manually; the hot cell access door
closed and the site prepared for remote operation.

Radiation environment, The fuel cask will be opened by use of the
manipulators and overhead crane to expose the fuel block, Again, by
use of manipulators and crane in conjunction with a fuel handling mech-
anism, the fuel block will be attached to the mechanism and removed
from the cask, If vertical fuel loading is required, the crane will be
moved on tracks that may be extended into the silo to position the fuel
over the RTG., Next the fuel will be lowered into the RTG and locked
in place., Alignment problems between the units will be at a minimum
with this concept. For horizontal fueling, the fuel block will be trans-
ported by a trolley which will travel on tracks that are located across
the hot cell floor and will extend into the silo to contact the RTG. Upon
completion of fueling, all protrusions into the silo related to the RTG
fueling operation will be retracted into the hot cell. The access open-
ings in the RTG reentry body and the shroud will be closed by means
of a lanyard that will fall away upon completing its function. The hot
cell door connecting to the silo will be closed in preparation for liftoff,

RTG defueling, To defuel the RTG, the access openings in the shroud
and reentry body will be opened by a lanyard action which remains
attached to the launch vehicle until actual liftoff. The tracks used for
travel by the fueling device, crane or trolley will be extended into the
silo and aligned with the RTG. Due to the lack of uneven heating of the
launch vehicle or windage, the alignment problem is at a minimum and
the close proximity of the operator in the control room with visual con-
tact with the operations makes remote manipulation of the alignment
operation feasible. With the tracks extended and aligned, the fueling
device will be moved into position to contact the fuel block lock and
cause it to release from the RTG, The fuel will be returned to the hot
cell, all extensions into the silo from the hot cell retracted and the cell
door closed.

(2) Fueled RTG loading

Nonradiation environment, All checkout of the space vehicle will be
completed using external power supplied by the site and matched to the
RTG power output which is being monitored in the hot cell. The RTG
will have been fueled in the hot cell and brought up to temperature without
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creating a radiation hazard in the silo area, The external power will
remain connected until the RTG is installed and connected in parallel

to avoid power interruption to the spacecraft which may cause an unnec-
essary repeat of system checkouts. When the RTG is coupled in, the
external power will be removed,

Radiation environment, When the spacecraft systems have been
checked out on external power, the hot cell door to the silo will be
opened and the appropriate tracks extended into the silo for overhead
or side loading. The RTG will be picked up in the hot cell and trans-
ported to the spacecraft where it will be installed in the reentry body.
Electrical connection between the RTG/RB will be accomplished by re-
mote action, and instrumentation will be provided to check and ensure a
zero resistance contact. The RTG/RB will be secured to the spacecraft
by remote closing of the same system that will be used to release the
reentry body in space. The shroud will be closed by lanyard action,
remotely controlled, and all extension into the silo from the hot cell
will be retracted and the cell door closed.

Defueling procedure. To remove the RTG/RB from the spacecraft,
the access through the shroud will be reopened by action of a lanyard
and spring system that remains intact until liftoff occurs. The hot cell
door will be opened and the equipment used to install the RTG/RB will
be repositioned and attached. The mechanism used to release the re-
entry body in space will be triggered; also a cable cutter to separate
the power and instrumentation leads. The reentry body will be re-
moved from the spacecraft, returned to the hot cell, the handling mech-
anisms retracted and the cell door closed to return the silo to a radia-
tion-free condition. A certain amount of refurbishing of those systems
actuated to release the reentry body will have to be accomplished to
return the system to the configuration required to reinstall the RB.

J. PALLETIZED RETRACTABLE TOWER BOOM WITH
FHM MOUNTED ON AIR BEARING DEVICE
Concept J is as shown in Fig., PP-10 for overall configuration and
Fig. PP-11 for the details of a typical attachment method between the
fuel block and the fuel handling machine.

1. Manufacturing Checks

The fuel block is loaded and verified, as applicable, in hot lab
facility.

The RTG, after manufacture, is subjected to the necessary checks
to verify conformity with the engineering drawings.
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2. Transportation

The RTG is transported to the launch site hangar area or possibly
to the spacecraft subcontractor' s facility where the RTG is installed in
the spacecraft.

The fuel block is installed in the provided GSE cask including neces-
sary thermal control means, and is transported, per applicable ICC
regulations, to the launch site where it is stored until required.

3. Checkout

Checkout of the RTG installed in the S/C in the hangar area, or at the
S/C contractor' s facility, is accomplished using an electrical heat
source in the RTG. Proper functioning of the RTG is verified and
operating parameters of RTG-operated systems are checked. An alter-
nate check might be acceptable using an electric power source (=28 volts
at 9 amperes) duplicating the RTG output impressed on the system by
the output of the RTG. Systems downstream of the RTG are checked in
this manner. The RTG would have been acceptance tested at the factory
prior to this test. Using the "impressed power mode'" of testing may
require the rerunning of the RTG acceptance tests after it is installed
in the S/C.

4, Fueling/Defueling

After the launch vehicle is erected on the pad, the S/C, including
the installed RTG, is interfaced with the launch vehicle, The pallet-
mounted FHM /tower is manually positioned and connected to the space-
craft. The compliance mechanism within the FHM mount of air bear-
ings providing five degrees of freedom compensates for the relative
motion between the L./V and the umbilical tower. After the MST is re-
moved, and after chemical fueling of the L/V, the fuel block including
the cask is hoisted and installed in the receiver of the FHM. In this
operation, the crane hook includes a hydroset and adapter device for
mating with the cask (Fig. PP-10), When loading the fuel block into
the RTG is to be accomplished, the cask closures are opened sequen-
tially, the ram of the fueling machine connected to the fuel block, and
the block pushed forward by pressurizing the pneumatic step-cylinder
and the block locked up in the RTG (Figs. PP-10 and PP-11),

Defueling is accomplished, generally, in the reverse process except
that before the block is unlocked from the RTG the shaft in the ram is
rotated 45 degrees to unlock the over center lock mechanisms on the
back end of the fuel block. Figure PP-11 provides a detail of this
mechanism. After the locks are released, the block is withdrawn from
the RTG to the cask in the receiver of the FHM. The cask closures
are positioned to the closed position. The fuel block is now secure in
the cask and if removal from the FHM is desired, the crane is positioned
and the cask and fuel block removed.
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K. FUELED RTG (UNSHIELDED AND SHIEL.DED)

This concept proposes to install a fueled and completely checked out
RTG/RB using the MST crane, This will permit assembly of the RTG
under the most favorable conditions in the laboratory and hot cell. The
concept applies identically to either a shielded or unshielded RTG con-

figuration.

1, Eguipment Required

The equipmént required to accomplish this phase of the mission is as
follows:

(1) Shipping cask (ICC regulations) to transport the complete re-
entry body (less the deorbit package)

(2) Conditioning equipment to maintain the required environment
in the shipping cask

(3) Instrumentation to monitor the health hazard at the RTG
(4) Control and instrumentation console
(5) Handling slings and special tools

(6) Trailer for transporting the shipping cask and reentry body
at the launch site

(7) Crane installation for remote removal of the shipping cask
cover,

2. Launch Complex Modifications

A storage area, with required power supply, for storage, condition-
ing, and monitoring of reentry body/cask/cart will be required. A
shielded crane operator's booth on the MST to be used during the instal-
lation of the RTG/RB will be constructed,

3. Description and Operation

a. RTG/RB shipment

The fueled RTG/RB will be shipped to the launch site in a shipping
cask designed to ICC regulations. The cask will incorporate cooling
provisions and instrumentation as required to condition and monitor the
RTG. Standard commercial means of transportation will be used to
transport the cask.
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b. Launch site preparation

Nonradiation environment. The launch site will remain in a radia-
tion-free condition until the actual installation of the RTG/RB, The
RTG will remain stored in its shipping cask until the last operation in
the countdown before retraction of the missile service tower (MST). The
MST crane will be used to hoist the RTG/RB into place. The last man-
ual operations on the launch site will be to unfasten the cask cover in
preparation for removal and attach the handling mechanism to the MST
crane,

Radiation environment. With the cask cover unfastened, the remotely
operated crane will be used to remove and set aside the cover to expose
the reentry body. A handling mechanism attached to the MST crane will
be lowered into place and latched onto the RB. The RB will be hoisted
into position on the spacecraft. A mechanical centering and attaching
clamp will be employed to fasten the RB in place on its deorbit package,
An electrical connection between the RB and L./V will be accomplished
by an electrically energized fused-type connection, Instrumentation
will be provided to check that a zero resistance contact has been accom-
plished. The shroud will be installed by remote operation and latched
into place. The MST will then be rolled back and the countdown and
launch completed.

Defueling procedure. To defuel (remove the RB) will require that
the MST be moved back into place, surrounding the launch vehicle. The
system used to eject the shroud in space will be actuated to expose the
reentry body. The MST crane, with the handling mechanism attached,
will be used to attach to the RB. The system used to separate the RB
from the deorbit package will be triggered to release the RB. When
the RB is released, it will be picked up by the MST crane and returned
to the shipping cask. The cask will be closed by the remotely operated
crane to return the site to a radiation-free condition. Refurbishing of
the systems actuated to release the reentry body will have to be accom-
plished to return the system to the configuration required to reinstall
the RB.

L. TOROIDAL FUEL BLOCK LOADING, SPLIT RTG,
TOWER-MOUNTED

The loading device consists of a standard boom which can be mobile
or mounted on the umbilical tower., A shipping cask carried on a dolly
would remain at ground level on the launch pad during the loading or
unloading operation. This is shown in Fig. PP-12,
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1. Equipment List

The equipment required for this operation is:
(1) Transportation cask
(2) Standard boom crane
(3) Crane hook centering and gripper device
(4) Cask dolly with cask door actuators.

2. Launch Complex Modifications

No modifications would be required if a mobile crane is used.

Minor modifications would be required if a boom crane is mounted
on the umbilical tower, Remote controls in the blockhouse and wiring
on the umbilical tower will have to be installed.

3. Description and Operation

a, Fuel block shipment

The fuel block will be shipped in a cask to the launch site in a toroidal
shape completely assembled with the inner structure of the generator
and with Min-K insulation. The cask will have a remotely actuated lid
remover and four manually removable plugs. The plugs will be removed
to insert studs for attaching the nose cone.

b. RTG shipment

The RTG, whichwill be an integral part of the reentry body,will
be shipped, unfueled, in a normal shipping manner,

c. Launch site preparation

Nonradiation environment condition., The lower section of the re-
entry body which includes the thermoelectric elements of the RTG
will be installed on top of the payload with the cone pointing up, similar
to the Gemini installation. All wiring will be connected and the RTG
checked out with an electric element. The upper portion of the cone
will not be installed at this time.

Radiation environment RTG loading, The four shield plugs in the
lid of the cask will be removed manually and four studs will be screwed
into fittings in the fuel block support structure inside of the cask. The
upper cone section of the RTG/RB will be placed on top of the four studs
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and attached with nuts. The crane gripper bucket will be positioned and
attached to the probe on the top of the RTG/RB cone. All workmen with
the exception of the crane operator who is a minimum of 100 feet away
from the cask will leave the area. The loading operation will begin by
remotely sliding the segmented lid of the cask open. The crane operator
will operate the winch and lift the nose cone with the fuel block attached
out of the cask and raise it to the top of the space vehicle, With the aid
of a TV camera mounted on the crane boom, the fuel block package will
be positioned over the lower half of the RTG/RB. It will be lowered onto
a guide cone which will compensate for relative motion sway and the

two halves of the RTG/RB will be joined. Latches in the lower section
will be actuated and will lock the upper section in place. The gripper
bucket latches will be released from the probe and the crane swung to
the side.

Radiation environment, RTG unloading. In the event of an aborted
launch, provisions are made to unload the RTG. The crane with the
gripper bucket attached is swung over the space vehicle and, aided by
TV, is aligned with the probe on the top of the RTG/RB. The gripper
bucket is lowered onto the probe and the internal cone centers the
bucket. The grippers are actuated as soon as the probe presses the
switch at the apex of the cone or the grippers can be controlled manually.
Latch fingers in the RTG are released by solenoids. In the event the
solenoids fail, the system would be designed so that shear pins would
shear in the latches when the upper RTG/RB section is hoisted by the
crane.

Radiation environment, cask loading. The crane operator swings
the boom with the fuel block package over the cask which is located at
ground level, Vertical guides attached to the cask assist the crane
operator to lower the fuel block into the cask. The grippers are re-
leased and the remotely actuated cask lid is closed. The nose cone
remains attached to the fuel block while the block is in the cask. Work-
men return to the cask area and remove the nose cone and studs and
replace the cask plugs.

M. SPLIT RTG, TOP LOADING SLIDING BOOM

The loading device (Fig. PP-13) consists of a pallet-mounted sliding
boom which is installed on the umbilical tower. Alignment and fuel
block pickup actuators are mounted at the end of the boom, A fuel block
cask is mounted on the fueling machine pallet.

1. Equipment List

The equipment required for this operation is as follows:

(1) Transportation cask
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(2) Palletized loading boom

(3) Cask sling

(4) Cask skid

(5) Loading device sling

(6) Remote control console

(7) TV camera, monitor and controls.

2. Launch Complex Modifications

Minor modifications will be required to install the system at a Titan
III launch complex. Tiedowns for the loading device pallet will be re-
quired on the umbilical tower. Power, control and cooling lines will be
installed on the umbilical tower. A control panel and TV monitors will
be installed in the blockhouse or could be installed in a portable van.

3. Description and Operation

a. Fuel block assembly

The fuel block, consisting of a series of cylindrical capsules ar-
ranged in a toroidal shape, will be assembled in a laboratory hot cell.
The capsules will be installed securely into a spool structure with a
Min-K insulation liner. Preload will be applied at this time. The
entire assembly, which forms the inner portion of the RTG, will be in-
stalled vertically into the shipping cask. Four threaded bosses in the
spool structure will be oriented with four holes in the shipping cask lid.
The threaded bosses will be used later for RB nose cone installation.
Shield plugs will be installed into the four open holes in the cask lid
after the segmented cask lid has been closed. The cask will be shipped
to the launch site on a skid.

b. RTG shipment

The RTG, an integral part of the reentry body, will be shipped to
the launch site unfueled ina normal shipping manner,

c. Launch site preparation

Nonradiation environment condition, The lower section of the re-
entry body which includes the thermoelectric elements of the RTG will
be installed on top of the payload with the cone pointing up, similar to
the Gemini installation. All wiring will be connected and the RTG will
be checked out with an electric heater element. The upper portion of
the RB cone will not be installed at this time,

(e il

MND-2050-F-2



ssveve
oo
.
.
sese
®esee
-

The fuel loading device will be installed on the umbilical tower and
the shipping cask positioned in the loading device.

Radiation environment, RTG loading. The four shield plugs in the
lid of the cask will be removed manually and four studs will be screwed
into the fuel block support structure inside the cask. The upper cone
section of the RTG/RB will be placed on top of the studs and attached
with nuts. The fuel loading boom loading actuator will be aligned with
the nose cone coupling and positioning stops on the loading boom manu-
ally adjusted to suit. All personnel will clear the launch stand area in
preparation for the remote portion of the loading operation. The loading
operation will begin by remotely opening the cask lid, The fuel block
with the nose cone attached is lifted from the cask by raising the loading
actuator. The boom drive motor is operated to extend the boom until
the fuel block is approximately positioned over the RTG. Limit switches
stop the drive motor. An alignment probe actuator is lowered from the
boom and contacts a socket on the payload fairing. A lead-in cone pro-
vides for a transition between the coarse and fine alignments. A com-
pliance device on the end of the boom permits a 10-inch lateral motion
while the boom, mounted on rollers, provides ample motion in the direc-
tion of the umbilical tower. A close tolerance can be held between the
centers of the loading actuator and the alignment actuator. Likewise,

a close tolerance can be maintained between the centerline of the RTG
and the alignment funnel in the fairing. Precision and controlled inser-
tion of the fuel block into the RTG can be accomplished even during the
differential motion of 10 inches between the launch vehicle and the
umbilical tower., The loading actuator is extended until the fuel block
latch in the base of the RTG springs closed and locks the fuel block in
place. The loading actuator gripper is released and the actuator with-
drawn from the nose cone. The alignment probe is withdrawn and the
boom retracted to the stowed position inside the umbilical tower.

Radiation environment, RTG unloading., In the event of an aborted
launch, provisions are made to unload the RTG. The boom is extended
over the launch vehicle and is stopped by the action of a limit switch
in a course alignment position. The alignment probe is extended and
engages the funnel alignment socket in the payload fairing. The loading
actuator is now aligned with the lifting socket in the nose cone, Align-
ment will be maintained even with differential motion between the launch
vehicle and umbilical tower as the lateral compliance device and the
sliding boom provide two axes of motion freedom. The lifting probe
actuator is extended into the nose cone and is latched. An inner exten-
sion of the probe is extended and releases the fuel block latch, The
fuel block with nose cone attached is raised and returned to the cask.
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APPENDIX QQ
STRUCTURAL DESIGN STUDIES--AIRBORNE SYSTEMS

Studies have been performed on the major structural components of
the RTG/RB-CIR reference configuration in order to define specific
problem areas and develop practical concepts from which to generate
realistic preliminary structural weight data. Significant structural
environmental criteria imposed upon the reference configuration are
discussed below:

1. Airloads

Since during ascent the payload is shrouded in the standard Titan
III fairing, the only airloads experienced occur during an abort or
normal reentry. The maximum airload on the blunt forebody heat shield
occurs during an abort reentry (YE =-8.0°), 860 psf at the stagnation

point. At the shoulder (heat shield edge) the airload decreases to 638
psf. By way of comparison, the stagnation airload for orbital decay
reentry is 298 psf.

2. Inertia Loads

Figure QQ-1 defines the coordinate system and sign convention
selected to define the inertia load factors. The inertia load factors
defined in Table QQ-1 are peak values and, for a given condition, the
vector quantities are not necessarily concurrent.

TABLE QQ-1
Summary of Peak Structural Load Factors
N:/R N«/R
N N N 0 ©
Condition X Y Z (per ft) (per ft)
Agcent +4. 16 0.40 0.40 NA NA
Spacecraft NA -2.95 NA 1.33 0.367
separation
Deorbit (retro) -5.06 NA NA NA NA
Reentry +25.5 12 12 0.084 0.16
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3. Blast Overpressures

The current estimates of blast overpressures resulting from a fire-
ball environment are 100 psi. Reference QQ-1% defines some pertinent
acoustic, shock and vibration design criteria for the reference configu-
ration. These data are primarily significant for equipment and equip-
ment support requirements and, for the preliminary studies defined
herein, were not considered influential to the overall structure sizing.

In developing preliminary structural concepts and sizes for the
reference configuration, the following structural factors of safety were
applied to the appropriate load factors and/or airloads.

Structural Integrity

Safety Factor Criterion
1. 10 Yield stress
1. 25 Ultimate stress
1.25 Stability

For loading conditions occurring at elevated temperatures, no factors
have been applied to the structural temperatures.

Critical environmental factors for the major structural subsystems
of the RTG/RB-CIR reference configuration are:

Critical Structural

Component Design Parameter
Heat shield subassembly Reentry (airload)
Beryllium aft cone (radiator) RTG thermal design critical
CIR shell structure Blast overpressure (fireball)
R/B to CIR attachment Deorbit or abort
Separation structure (tracks) Spacecraft separation

4, Heat Shield Substructure Studies

Under the airloads imposed upon the heat shield of the reference con-

figuration during reentry, the supporting structure for the heat shield
must remain stable and transmit the airload to its peripheral attachment

*Ref, QQ-1. ''Titan IIIA and IIIC Standard Space Launch System (SSLS)
Definition for Payload Contractors,'" SSD-CR-65-18 (Rev. 2), June 1966.
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with the beryllium radiator shell where it is reacted by inertia loads.
A spherical honeycomb panel offers an efficient structural concept with
minimal fabrication problems.

A phenolic-glass honeycomb core of 5.5 lb/cu ft was chosen for light
weight and low thermal conductance. Comparative studies were per-
formed on face sheets of beryllium and phenolic-glass laminate which
were bonded to the core with HT-424 adhesive. Both the beryllium and
phenolic-glass honeycomb substructures were analyzed for the orbital
decay and abort reentry airloads. From a fabrication and/or material
availability standpoint, a group of minimum acceptable dimensions were
imposed upon the designs. Thus, the minimum acceptable core depth
was set at 0. 188 inch, and the minimum face thicknesses for the phenolic/
glass and beryllium were 0.02 and 0. 01 inch, respectively. Calculated
substrate temperatures coincident with peak airloads were employed in
the analysis. Calculated unit weight requirements for each of the cases
are tabulated in Table QQ-2.

TABLE QQ-2

Heat Shield Substructure Design Comparisons

Condition Material Weight (psf)
Orbital decay Beryllium 0. 694
Abort Beryllium 0.694
Orbital decay Phenolic/glass 0. 860
Abort Phenolic/glass 0.960

Minimum gages dictate the design weights for both beryllium cases and
the phenolic/glass honeycomb panel under the orbital decay airloads.
In all cases the heat shield substructures are critical in the buckling
mode. The weights in Table QQ-2 include the weight of three adhesive
bond layers (two for the panel assembly, one for the ablator attach-
ment). Although the beryllium concept offers a three-pound weight
saving, the phenolic/glass concept was selected based on lower cost
and fewer fabrication problems.

The heat shield substructure is joined to the aft beryllium cone
(RTG radiator) by a short transition structure which:

(1) Transmits loads between the RTG and heat shield,

(2) Reacts membrane stresses at the heat shield substructure
periphery by hoop tension.
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(3) Provides a flexible structural link between the heat shield
and the radiator which minimizes the structural interactions
between these two components due to temperature differ-
entials during steady-state operation and reentry.

Analysis revealed that Item (1) is not critical for design. Analysis
for Item (2) resulted in the selection of 6A1-4V titanium for this appli-
cation. Although slightly heavier than beryllium, the slight weight
penalty more than offsets the cost and fabrication problems associated
with beryllium. Stainless steel and Haynes 25 were also reviewed and
were found to be heavier. Analysis related to Item (3) indicated that,
during reentry, the differential radial thermal expansion between the
heat shield substructure and the RTG radiator will be ~0. 20 inch. Tc
minimize the introduction of high stress levels into the ablator and
substructure due to structural interaction resulting from this differential
thermal expansion, the titanium frame around the periphery of the heat
shield substructure was integrated into a short conical transition shell
structure between the heat shield substructure and beryllium radiator.
Analysis performed on the transition piece (0. 05 in. thick, 2.5 in.
long) indicates that sufficient relief of the structure interactions is
afforded by this approach and no failure is induced in the ablator or
heat shield structure.

5. CIR Studies

The CIR structure shell must withstand the overpressure resulting
from a fireball environment. The current estimate of fireball over-
pressure is 100 psi. Table QQ-3 summarizes the estimated weights
of a shell structure which will withstand the fireball overpressure.

TABLE QQ-3

Comparison of Retro Structure Weights

Shell
Configuration Frames Material Weight (1b)
Monocoque None Aluminum 58. 2
None Steel 110.0
None Beryllium 22.0
One Aluminum 44.1
One Beryllium 16. 6
Honeycomb None Aluminum 22.9
One Aluminum 21
Skin-string-frame Two Aluminum 17. 8%

*Stringer and frames portions will withstand the 100 psi overpressures,
although the skin may be damaged locally.
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Table QK -3 indicates that, in order to withstand the fireball over-
pressure, the lightest practical configuration would be an aluminum
honeycomb shell. The beryllium monocoque shell offers a five-pound
weight reduction but the inherent fabrication problems and material
costs discourage its use. Similarly, use of beryllium honeycomb has
been dropped from consideration. The need for an access door and
load distribution members for the propulsion units suggests that use of
a honeycomb shell is undesirable. In fact, a conventional skin-stringer-
frame construction would be a more practical concept if the fireball
overpressure criteria were not critical. Since the overpressure criteria
are only estimates and are subject to further verification, it has been
elected to utilize a skin-stringer-frame concept for the CIR structure
shell, This design will not withstand the 100 psi overpressure but does
provide a more efficient solution to the other structural requirements
(component support, access doors). Should review of the fireball over-
pressure reveal that it remains the dominant design criterion, the honey-
comb concept can be adopted for the shell configuration. For an over-
pressure critical shell structure, the honeycomb concept will result in
the lightest weight, but will require a more complex design to satisfy
secondary requirements.
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